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FOREWORD

The study entitled "Space Transfer Concepts and Analysis for Exploration Missions"

(STCAEM) was performed by Boeing Aerospace and Electronics, Huntsville for the

George C. Marshall Space Flight Center (MSFC). The Boeing program manager was

Gordon Woodcock, and the MSFC Contracting Officer Technical Representatives were

Phil Sumrall and Alan Adams. Subcontractors to Boeing on this contract included:

Camus, Inc., Computer Aided Design Software, Incorporated, General Dynamics (Space

Systems Division), GEO Compatible, Paul Hudson, Madison Research Corporation,

RemTech Incorporated, and SRS Technologies. The task activities were led by P.

Buddington, S. Doll, B. Donahue, R. Finley, E. Henshaw, J. McGhee, P. Ryan, and B.

Sherwood, with technical support from M. Appleby, J. Burress, S. Capps, B. Cothran,

M. Cupples, D. Eder, E. Fisher, M. Fouche, R. Fowler, S. LeDoux, J. Nordwall, P.

Ramsey, N. Rao, T. Ruff, K. Stanley, R. Tanner, D. Thrasher, B. Tillotson, I. Vas, and

B. Wallace.

D615-10030-2
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ABSTRACT

The current study is the first phase of a broad-scoped and systematic study of space

transfer concepts for human Lunar and Mars missions. Following the support to NASA in

its "90-Day Study," the current project focused on Earth-Mars space transportation systems

utilizing vehicles with different propulsive systems. A total of seven such "architectures"

were developed, which could be employed to meet mission requirements as determined by

representative program goals of "minimum," full science" or "industrialization and

settlement." System and subsystem concepts and analyses were evaluated for each of the

major space vehicles including their trajectory, power, weight, major materials, radiation,

safety, reliability and operations. Based upon the study alternatives, a program life cycle

cost was estimated for each of the three space exploration activity levels. A broad range of

trade studies was conducted, culminating in technology/system return-on-investment

trades, leading to a set of recommended architectures and systems for the program goals

investigated.

p__t_, PAL_E b_LAiiK r_,Ji FI'LIk'I_D
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NOMENCLATURE

ACRV

ACS

AFE

A&I

A1

ALARA

ALS

ALSPE

AR

ARGPER

ARS

art-g

asc

ASE

AU

Advanced crew recoveryvehicle

Attitudecontrolsystem

Aerobrakc FlightExpcrimcnt

Attachment and integration

Aluminum

As low asreasonablyachievable

Advanced Launch System

Anomalously largesolarprotonevcnt

Atomic mass (unit)

Area ratio

Argument of perigee

Atmospheric revitalization system

Artificial gravity

Ascent

Advanced space engine

Astronomical Unit (=149.6 million kin)

BIT

BITE

BLAP

BFO

Built-in test

Built-in test equipment

Boundary Layer Analysis Program

Blood-forming organs

C

CAB

CAD/CAM

CAP

ca

CELSS

CHC

CG

CL

Degrees Celsius

Cryogenic/aerobrake

Compter-aided design/computer-aided manufacturing

Cryogenic all-propulsive

Drag coefficient ';

Closed Environmental Life Support System

Crew health care

Center of gravity

Lift coefficient
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ctn

ctm

CM

clo

C ofF

conj

COSPAR

C02

Cryo
C3

Centimeter = 0.01 meter

Crew module

Center of mass

Check out

Cost of facilities

Conjunction

Committee on Space Research of the International Council of Scientific

Unions

Carbon dioxide

Cryogenic

Hyperbolic excess velocity squared (in km2/s 2)

d

DDT&E

DE

deg

delta V

dcsc

DMS

Days

Design, development, testing, and evaluation

Dose equivalent

Degrees

Velocity change m/s

Descent

Data management system

EA Earth arrival

E an" Earth arrival

Ec Modulus of elasticity in compression

ECCV Earth crew capture vehicle

ECWS

ECLSS

EP

ESA

C.S.O.

ET

ETO

EVA

Element control work station

Environment control and life support system

Electric propulsion

European Space Agency

Engine start opportunity

External Tank

Earth-to-orbit

Extra-vehicular activity ;

Fc
FD&D

Few

Circulation efficiency factor

Fire Detection and Differentiation

Life support weight factor
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Ff
Ffa

Fi

Fl

Fn

Fo

Fp

Fpr
Frp
Frs
FSE

Fs

Fss

Fu

Fv

FY88

Specific floor count factor

Specific floor area factor

Aerobrake integration factor

Specific length factor

Normalized spatial unit count factor

Path options factor

Useful perimeter factor

Parts count factor

Proximity convenience factor

Plan aspect ratio factor

Section aspect ratio factor

Flight support equipment

Vault factor

Safe-haven split factor

Spatial unit number factor

Volume range factor

Fiscal Year 1988 (=October 1, 1987 to September 30, 1988.

for other years)

Similarly

g

GCNR

GCR

GEO

GN2

GN&C

GPS

Gy

Acceleration in Earth gravities (acceleration 9.80665m/s 2)

Gas core nuclear rocket

Galactic cosmic rays

Geosynchronous Earth orbit

Gaseous nitrogen

Guidance, navigation, and control

Global positioning system

Gray (SI unit of absorbed radiation energy = 104 erg/gm)

hab Habitation

HD High density

HEI Human ExplorationInitiative(obsolete for SED

HLLVHeavyliftlaunch vehic_

hrs Hours

hyg w Hygiene water

HZE High atomic number and energy particle

H2 Hydrogen
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H20 Water

ICRP

IMLEO

in.

inb

IP&ED

IR_D

Isp

ISRU

International Commission on Radiation Protection

Initial mass in low Earth orbit

Inches

Inbound

Implementation plan and clement description

Indcpendant research and development

Specific impulse (=thrust/mass flow rate)

In-situ resource utilization

JEM

JSC

Japan Experiment Module (of SSF)

Johnson Space Center

K

keV

kg

klb

klbf

km

kin/see

ksi

Temperature in Kelvin units

Thousand elecu_n volt

Kilograms

Kilopounds (thousands of pounds. Conversion to SI units=4448 N/klb)

Kilopound force

Kilometers

Kilometers per second

Kilopounds per square inch

I./D

LD

LDM

lEO

LET

LEV

LEVCM

Level II

LH2

LiOH

LLO

I.NI

LOR

Lift-to-drag ratio

Low density

Long duration mission

Low Earth orbit

Linear energy transfer

Lunar excursion vehicle

Lunar excursion vehicle crew module

Space Exploration Initiative project office, Johnson Space Center

Liquid hydrogen _;

Lithium hydroxide

Low Lunar orbit

Lunar module

Lunar orbit rendezvous
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LOX

LS

LTV
LTVCM

L2

Liquid oxygen
Lunarsurface

Lunartransfervehicle
Lunartransfervehiclecrewmodule

Lagrangepoint2. A point behindtheMoonasseenfrom theEarth,

whichhasthe same orbital period as the moon.

m

Mars-GRAM

MARSIN

MASE

MAV

M/CDA

MCRV

me

MEOP

MeV

MEV

MLI

ITffn

MMH

MMV

MOC

MOI

mod

M&P

MPS

MR

m/s

MSFC

Msi

mt

MTBF

MTV

MWe

m 3

Meters

Mars global reference atmosphere model

Trajectory analysis and stagnation point heating for Mars

Mission analysis and systems engineering (same as Level 11 q.v.)

Mars ascent vehicle

Ballistic coefficient (mass / drag coefficient times area)

Modified crew recovery vehicle

Mass of electron

Maximum expected operating pressure

Million electron volt

Mars excursion vehicle

Multi-layer insulation

Millimeter (--0.001 meter)

Monomethylhydrazine

Manned Mars vehicle

Mars orbit capture

Mars orbit insertion

Module

Materials and processes

Main propulsion system

Mixture ratio

Meters per second

Marshall Space Flight Center

Million pounds per square inch

Metric ton (1000 kg) ",

Mean time between failures

Mars transfer vehicle

Megawatts electric

Cubic Meters
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N

n/a
NASA

NCRP

NEP

NERVA

NSO

NTR

N204

Newton, Kilogram-meters per second squared

Not applicable

National Aeronautics and Space Administration

National Council on Radiation Protection

Nuclear-electric propulsion

Nuclear engine for rocket vehicle application

Nuclear safe orbit

Nuclear thermal rocket

Nitrogen tetroxide

OSE

OTIS

outb

02

Orbital support equipment

Optimal trajectories by implicit simulation program

Outbound

Oxygen

PBR Particle bed reactor

Pc Chamber pressure

PEEK Polyether-ether ketone

PEGA Powered Earth gravity assist

P/L Payload

POTV Personnel orbital transfer vehicle

pot w Potable water

PPU Power processing unit

prop Propellant

psi Pounds per square inch

PV Photovoltaic

Q

Q

Heat flux (Joules per square centimeter)

Radiation quality factor

RAAN

RCS

Re

RF

RMLEO

Right ascension of ascendtlag node

Reaction control system

Reynolds number

Radio frequency

Resupply mass inlow Earthorbit

36 D615-10030-2



RPM

RWA

RS_

Revolutionsperminute
Relativewind angle

Researchanddevelopment

Rendezvousanddocking

s

SAA

SAIC

see

SEI

SEP

SI

SiC

SMA

sol

SPE

SRB

SSF

Seconds

South Atlantic anomaly

Science Applications International Corporation

Seconds

Space Exploration Initiative

Solar-electric propulsion

International system of units (metric system)

Silicon carbide

Semimajor axis

Solar day (24.6 hours for Mars)

Soalr proton events

Solid rocket booster

Space Station Freedom

SSME Space shuttle main engine

STCAEM

stg

surf

Sv

S1

$2

$3

Space Transfer Concepts and Analysis for Exploration Missions

Stage

Surface

Sieviert (SI unit of dose equivalent -- Gy x Q)

Distance along aerobrake surface forward of the stagnation point

Distance along aerobrake surface aft of the stagnation point

Distance along aerobrake surface starboard of the stagnation point

to

TBD

Tc

TCS

TEl

TEIS

t.f.

THC

TMI

Metric tons (1000kg)

To be determined

Chamber temperature

Thermal control system

Trans-Earth injection

Trans-Earth injection stage

Tank weight factor

Temperature and humidity control

Trans-Mars injection
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TMIS Trans-Marsinjectionstage

TPS Thermal protection system

TI'&C Tracking, telemetry, and control

T/W Thrust to weight ratio

UN-W/25Re Uranium nitride - tungsten/25% rhenium reactor fuel

VAB

VCS

Vinf

Vehicle assembly building

Vapor coolled shield

Velocity at infinity

WBe2C/B4C

WMS

W/O

WP-01

w/sq cm

Tungsten beryllium cabide/boron cabide composite

Waste management system

Without

Work package 1 (of SSF)

Watts per square centimeter (should be Were "2)

Z

zero g

Atomic number

An unaccelerated frame of reference, free-fall

[order: numbers followed by greek letters]

100K

7n7

+e

.-e

A

_g

<100,000 particles per cubic meter larger than 0.5 micron in diameter

Where n=(0,2-6): Boeing Company jet transport model numbers

Positive charge equal to charge on electron

Charge on electron

Delta

Standard deviation

Microgravity
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1. EXECUTIVE SUMMARY

1.1 Introduction

Contemporary investigations of human exploration missions began with the work of the

National Commission on Space commonly known as the "Paine Commission Report"

(Reference 1). Further studies within NASA were reported in the report titled "Leadership

and America's Future in Space", commonly known as the "Sally Ride Report" (Reference

2). NASA formed the Office of Exploration, which conducted a series of "case studies"

reported in fiscal year 1988 and 1989 (References 3 & 4). These case studies examined a

range of issues and scenarios, including human missions to the Moon and Mars and to

Mars' small moons. Certain conclusions were reached; one important to the present study

was that human missions to Mars' moons were not recommended. Consequently, the

present study did not investigate such missions.

As a result of these activities, the Marshall Space Flight Center (MSFC) prepared and

issued the solicitation for the present study in early fiscal year 1989. The general objective

was to perform a broad-scoped and systematic study of space transfer concepts for human

lunar and Mars missions.

The current study commenced in August 1989. By this time, President Bush had

announced his Space Exploration Initiative (SEI) at the occasion of the 20th anniversary of

the Apollo Moon landing July 20, 1969. Accordingly, the first few months of the study

effort were largely directed to supporting the NASA "90-Day Study" in response to the

President's initiative (Reference 5).

As examination of the President's initiative evolved, considerable emphasis was devoted to

"architectures". Architectures can, of course, be def'med in many ways. In this study, we

chose to focus on a hardware-oriented definition, in which a transportation "architecture" is

defined in terms of a selected principal Earth-Mars transfer propulsion technology. The

architectures are named for the principal Mars transfer propulsion technology, or mission

profile, whichever is most significant. The architectures include all the space transfer
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systems necessary to accomplish the missions, the mission profiles, operating modes, and

support systems.

We chose four basic architectures: cryogenic/aerobraking, nuclear thermal rocket, nuclear

electric, and solar electric propulsion transfer technologies. In addition, we identified three

additional architectures derived from operational variations on the cryogenic/aerobraking

architecture: L2-based/lunar oxygen, Mars direct, and a family of cycler profiles.

1.2 Study Description and Objectives

1.2.1 Description

The current report covering a period of 18 months, includes results of the eight basic study

tasks described below and technical directives performed during this period. The study

schedule with a list of tasks is shown in Figure 1-1. Further details of the study findings

are provided in the Implement Plan and Element Description Documents (References 6-11)

and the "Cost Data Volume" (Reference 12). This study was originally intended to give

equal emphasis to lunar and Mars missions. When President Bush announced his Space

Exploration Initiative (SEI), the study was directed to concen_ate on Mars in-space

transportation.

1.2.2 Guide to Study Documents

The results of this study have been documented in several contract-end reports, Figure 1-2.

The three primary reports are: (1) the "Executive Summary", which summarizes the

findings of the study; (2) the "Technical Report", which outlines the study activities

including a discussion of the results; and (3) the "Cost Estimates and Schedules"

document, which gives details of program and system costs with the accompanying

schedules and life cycle costs to meet the proposed activity levels of the program. A work

breakdown structure was also developed with an associated WBS dictionary.
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An additional set of documents called "Implementation Plan and Element Description"

describe in detail the conceptual designs and analyses of space transfer system elements

developed during the study. This provides additional backup for the results presented in

the final technical report.

1.2.3 Objectives

The contract statement of work set forth nine major objectives for the study. These are

presented here in italics. Events during the period of performance necessitated additions to

some of the objectives, described in plain text.

a. Assess and critique the NASA-provided mission model(s)/mission

descriptions/scenarios, and from this develop in-space transportation system requirements

for each scenario investigated. Mission models were developed during the 90-Day Study.

To meet other objectives of the study, we formulated additional scenarios.

b. Define and assess in-space transportation concepts to the subsystems level,

including the applications of advanced technology, for departure/return�vicinity,

landing/ascent, aerobrake elements and associated support systems for postulated mission

scenarios.

c. Define and assess habitability conceptual elements including common module

derivatives.

d. Examine, characterize, and compare different alternatives. Assess element

commonality between mission scenarios. Recommend and further define preferred

concepts and develop them into integrated configurations. This objective was broadened to

include support for NASA Level II trade studies.

e. Assess all operations associated with candidate concepts and missions to determine

impacts, constraints, support requirements, and interfaces as they relate to the launch

vehicles and launch or basing facilities. "

f . Develop programmatic data, cost and schedules for the defined concepts, support

equipment, and facilities.
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g. Conduct comprehensive program, performance, and system level trade studies.

Perform sensitivity analysis of key design and program drivers and select the best overall

concept(s). This objective was broadened to include architecture assessments as described

below.

h. Perform overall integration compatibility analyses for transportation elements with

launch vehicles and infrastructure.

i. Identify and prioritize enabling and enhancing technology requirements for

Advanced Development and Technology programs.

1.2.4 Overall Study Flow

The study flow, as required by MSFC's statement of work, began with a set of strawman

concepts, introduced others as they were identified, conducted four "neckdowns", and

concluded with a resulting set of concepts and associated recommendations. As the study

progressed, much discussion among the SEI community centered on "architectures". In

this study, architectures were more or less synonymous with concepts, since the statement

of work required that each concept be fully developed including operations, support and

technology.

An initial neckdown of a large number of potential candidates produced the ten concepts as

shown in Figure 1-3. Combinations of major technologies, such as electric propulsion and

aerocapture, were quickly determined to be uneconomic in view of high development costs.

Further, we found that electric propulsion systems could perform both crew and cargo

Mars missions if crews are transported to and from the electric system at about lunar

distance by a lunar transfer vehicle. New systems architectures introduced during the study

included nuclear thermal rocket (NTR) and Mars direct. NTR was introduced as an option

by NASA during the 90-Day Study. We introduced the Mars direct profile (everything is

landed on Mars; the return propulsion system is loaded with oxygen and perhaps fuel on

Mars) in March 1989. Martin-Marietta subsequently developed and publicized one variant

of this concept. Lunar oxygen for Mars missions was found uneconomic because of long

payback time for the launch mass required to emplace lunar oxygen production on the

Moon. Lunar oxygen has a reasonable return on investment for lunar transportation at two

or more lunar trips per year. The cycler architecture was broadened to include semi-

cyclers. Late in the study we introduced an NTR-dash mode (described later in this report)
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closelyrelated to the semi-cyclers. Current status of the remaining concepts is a result of

the fourth "neckdown" as indicated by italics on the Figm¢.

NTIt Mama"

CONCEPTS, ASSESSMENTS, AND EVOLUTION

FIGURE 1-3,

1.3 Architecture Analyses

1.3.1 Technical Approach to Architecture Analysis

Descriptions of space architectures are related to hierarchical information structures

underlying modern approaches to data bases and structured software systems. A space

architecture involves at least six hierarchical levels, beginning with national goals the space

program aims to satisfy, and descending through lower levels to the systems and

subsystems best suited to the national goals:

This study evaluated architectures in the hierarchical framework depicted in Figure 1-4.

While the focus was on mission architectures from the point of view of space transfer

systems, their elements and their subsystems, it was necessary to relate these to
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programmaticarchitecturefactors. Exploration program goals have been spelled out

qualitatively by President Bush: "Back to the Moon to stay, and then on to Mars". The

quantitative level of activity at each destination is yet to be determined, as are the strategies

(what are we going to accomplish and how). We considered a range of specific mission

goals and associated activity levels, assumed certain strategies, and analyzed architectures

by defining space transfer concepts, estimating subsystem performance, synthesizing

complete in-space transportation architectures, and developing life cycle program scenarios.

We did not analyze the relationships between objectives for a long-range space program

and contribution to national goals. The range of mission goals considered by the study

covers a broad span of space objectives.

r J
Programmatic

Architecture

k I

f
Technical

Architecture

L

National Goals

Spacefaring Goals

Implementing Strategies

Mission Architectures

Functional Elements ]

Increasing
Importance

[ Performing I
Subsystems Increasing

Derail

A SPACE PROGRAM HIERARCHY

FIGURE 1-4

Program activity level (scale) is the most important factor in selecting space transportation

architectures. Therefore, we def'med three activity levels covering the probable range of

interest for SEI, from a 'minimum program that barely meets the President's stated SEI

objectives to an ambitions program leading to industrialization of the Moon and the

beginnings of settlement of Mars.
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Missionarchitectural issues are highly interrelated as suggested by the overlapping circles

in Figure 1-5. We used available information on planet surface systems to set overall

requirements for transportation systems, and performed preliminary node analyses, mainly

to determine what is required for assembly of the in-space transportation systems and their

payloads, and compared assembly on Space Station Freedom vs. off Space Station

Freedom. We considered the effects of ETO architecture by examining a range of ETO

launch capabilities and costs. We considered Earth-based operations only to the extent of

estimating launch site facilities costs for heavy lift and payload processing.

Specific Program Goals

• Minimum to satisfy

Presidential requirements

• Aggressive science return

• Indu tris alization/settlement

Implementing Strategies

i Program scale is most critical

parameter for transportation

purposes

3 candidate scales sized to

accomplish the goals

Mission Architectures

STUDY ARCHITECTURAL SCOPE

FIGURE 1-5

Mission rules were adopted as an element of program strategy. Further elements of

strategy were use of reasonably conservative mass and performance estimates, hardware

commonality, adequate time for technology advancement where needed, and options

selected for minimum life-cycle cost commensurate with reasonable return on investment,

and for reasonable technology risk. Return on investment analysis employed a range of

complete program sc6narios as .described later.
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1.3.2 Generic Requirements and Transportation Architecture Drivers

Space transportation is similar to other transportation systems in terms of architecture driver

requirements, as summarized on Figure 1-6.

Like any transportation system, space transportation is driven by:
How much?
How fast?
How far?
How often?

• For the Moon, cargo
delivery up to 45 t., or
crew of 6 with a few t.

• For Mars, cargo delivery
up to 50 t., or crew of 6
and 20-30 t.

• Desire 2 - 3 landings per
mission for early Mars trips.

• Massive transit hab for the

long trip drives Mars in-space
tmnstx:r_on.

• Mars mission delta V

(how fast?) increases rapidly
as trip time _Auced.

70. Long-duration
crew modnles

60
6 Crew

d" Mass includespressurevessel,

outfitting equipment, crew consumablesand spares, and external power

• |'|" |'a" I'|- w-w- |,l. w.i ,|, |.1. |-i, i-i- i.|. |,|. w

0 100 350 700 1000

Duration (days)

TRANSPORTATION ARCHYIECTURE DRIVERS

FIGURE 1-6

The 45-t. cargo delivery requirement for the Moon arises from a campsite concept. This is

a fully integrated turnkey habitat system for early lunar operations; it enables lunar crews to

stay up to 45-60 days on the Moon for construction and man-tending astrophysics

observatories, and for construction of larger habitation facilities as required by the program

scenarios.

t.

The requirement for cargo delivered with crew was allowed to be flexible, tailored to

transportation system capabilities. It is more important to match the lunar transport system

to the HLLV than to achieve some particular cargo-with-crew capability. The 45-t.

capability fits an LTV tandem-stage expendable mode, where the LTV is sized for a direct-
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to-surfacenxxic and laterfor LOR mode.

For Mars, 20-30 t.of cargo delivered with crew enables a campsite operation. (The

campsite for Mars is lessmassive because early staytimcs arc shorterand lessenergy

storagemass isneeded.) A system thatmeets thisrequirement can deliverabout 50 t.ina

cargo mode. Since Mars oppommitics arc infrequent,thereisbenefitin multiplelandings

on earlymissions in ordertoreach earlierselectionof an explorationbase site.

Mars missions take months to yea_. The shortest missions presently discussed arc about

200 days -- nuclear split sprints and gas-core nuclear rocket missions. Durations of 450 to

1000 days are more likely for early missions. We used historical spacecraft volume versus

duration trends and Space Station Freedom ECLSS and subsystems data to develop crew

module mass trends. Over the range 90 to 1000 days, the ratio of crew module mass is

only about 1.5. While short trip times may be desirable, one cannot expect a dramatic

reduction in crew module mass with shorter trip time.

Ithas often been presumed thata Mars mission can bc carriedout with as few as four

people. We conducted a skillmix analysis,shown in Figure 1-7,concluding that the

minimum Mars mission crew willbc atleast6,but could possiblygo to8. This conclusion

was driven by two factors:(1) skillsper crew mcmbcr wcrc limited to 2 primary and 1

secondary,and (2)allcriticalskillswere presumed torequirebackup.
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FIGURE 1-7

1.3.3 Candidate In-Space Transportation Architectures

Architectures were defined in terms of space transfer propulsion/technology:

cryogenic/aerobraking;,nuclearthermalrocket;nuclearelectricpropulsion,and solareleca'ic

propulsion.Additionalones were defined asoperationalmodes where an operationalmode

isas importantas a propulsiontheme. For example, a cryogcnic/acrobrakingMars transfer

system operated from an L2 node, using lunar oxygen, was considered a unique

architectureeven though the technology iscommon with a cryogcnic/aerobrakingsystem

operated from low Earth orbit(LEO). The additionalarchitectureswere: (1) a lunar L2

librationpoint-based system using lunar oxygen; (2) a "Mars-direct" mode that lands

everything on Mars and uses in-situpropcUants; and (3) four variationson the cycler

concept described (Reference 1). Many more sub-variantsare possible. We identified

roughly 70 transportationhardware architecturesconsideringallreasonable sub-variants.

The seven architectures are summarized in Figure 1-8.
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Cryogenic/aerobraklng;
all.propulsive option

NEP

SEP

NTR (nuclear rocket)

L2 Based cryogenic/
aerobraking

Direct cryogenic/
aerobraklng

Cycler orbits

Cryogenic chemical propulsion and
aerobraking at Mars and Earth.
LEO.based operations.

Nuclear-electric propulsion for Mars
transfer; optionally for lunar cargo.

Solar electric propulsion for Mars
transfer; optionally for lunar cargo.

NASA 90-day study baseline;
lower development cost

High performance of nuclear
electric propulsion

High efficiency of solar electric
propulsion; find cost crossover
for array costs.

Nuclear rocket propulsion for
Lunar and Mars transfer.

L2.based operations; use of
lunar oxygen.

High Isp of nuclear rocket
enables avoidance of high-
energy aerocapture at Mars.

L2 base gets out of LEO debris
environment. Lunar oxygen
reduces resupply by ~ factor 2.

Combined MTV/MEV refuels
at Mars and LEO. "Fast"
conjunction profiles.

Cycler orbit stations a la 1986
Space Commission report

Eliminates Mars orbit
operations.

Eliminates boosting massive
Mars transfer vehicle.

SPACE TRANSPORTATION ARCHrFECTURES

FIGURE I-8

These seven architectures were reported by this study in March 1989, as covering the

options available to Mars program architects. In the subsequent nine months, no

reasonable candidates outside this set were identified. A number of variations on the cycler

architecture were found, including one called "flyby-dash," suited to nuclear thermal rocket

propulsion, also called "NTR-dash" when implemented with a nuclear rocket.

Concurrent with this study, during the summer and fall of 1990, the American Institute of

Aeronautics and Astronautics (AIAA) conducted an Innovation Outreach, as part of the

broader Outreach activity initiated by the Space Council. As part of the AIAA Outreach, the

AIAA Architecture Working Group constructed a map of Mars transportation architectures,

a matrix of propulsion concepts and pathways (Reference 13). This was intended to bound

ail possibilities except for radically new propulsion technologies that might be proposed. It

successfully captured aU of the AIAA Outreach inputs except those related to solar wind

magnetic saris. (MagSails represent a new concept worthy of further investigation.) We

cross-correlated our seven architectures and their operating modes with the IAA map, as

shown in Figure 1-9. The architectures encompassed all parts of the AIAA map except for

certain ones intentionaily omitted.
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MARS PROPULSION ARCHITECTURE ALTERNATIVES ON AIAA MAP

FIGURE 1-9

Certain regions on the A/AA map were not examined for the following reasons:

a. All-propulsive cryogenic propulsion for landing on Mars is not practical given the

roughly 4 kin/see deceleration that can be achieved by a landing aerobrake.

b. We did not examine landing a nuclear rocket on Mars, given contamination

concerns and the present lack of an _ technology that can operate with an oxidizing

propellant. (The NTR landing concept proposes the use of Mars' atmosphere CO2 as

reaction mass.)

c. Low-thrust electric propulsion systems arc not capable of planetary landing or

ascent.
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d. Solar sails can produce thrust (at Earth's distance from the Sun) of 4.5 to 9 N/sq.

kin.; the low areal thrust capability implies tens of square kilometers for solar sails; a

technology that can handle these huge areas does not seem to bc in hand.

1.4 Mission Profiles and Modes

1.4.1 Lunar Profiles

The present study analyzed only l_gh-thrust profiles. Three basic profiles arc pertinent to

lunar transportation: Direct, Lunar Orbit Rendezvous (I.OR), and Halo Orbit Rendezvous

(HOR). These arc depicted in Figure 1-10.
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LUNAR MISSION MODES

FIGURE I-I0

t- °

The direct mode lands the entire mission vehicle on the Moon. This eliminates lunar orbit

operations and concerns with alignments for return to lunar orbit from the surface. Lunar

orbit rendezvous (LOR) was used on Apollo. It is ordinarily the most efficient mode. The

Earth-Moon transfer system is left in lunar orbit; an excursion vehicle goes to the lunar

surface and back. In some modem renditions of LOR, an acrobrake and tanks loaded with
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remm propellant are left in lunar orbit. The principle is the same: don't land non-essentials

on the Moon. The halo orbit option, discovered and described by Robert Farquhar of

GSFC, is the same as LOR except that the node point is a lunar libration point, typically

L2, rather than low lunar orbit (Reference 14). The halo orbit requires greater delta V than

LOR, about the same total mass as the direct mode, and is competitive only when lunar

oxygen is available.

1.4.2 Lunar Mission Design Constraints

Lunar missions were assumed to depart from a particular low Earth orbit, because they

always involved the mating of at least two Earth-launched payloads. If the operational low

Earth orbit is at 28.5 deg inclination as we assumed, an in-plane departure is possible about

every nine days.

Apollo lunar landings were constrained to have early (lunar) morning lighting conditions at

the landing site. The Sun was behind the descending Lunar Module and the sun line was

below the descent path. This constraint is seen as applicable to SEI lunar missions until

improved landing sites are prepared and electronic landing aids are in place. Landing site

lighting constraints are tied to the lunar solar month, while other constraints are tied to the

lunar sidereal month. Missions strongly constrained by the sidereal month, such as lunar

• polar orbit LOR with return to Space Station Freedom orbit, will only have one favorable

launch period per year. At other times, lunar orbit wait times of weeks arc required to

satisfy constraints.

Lunar equator surface sites and equatorial orbits permit ascent or abort every revolution of

an orbiting spacecraft (LOR mode). Direct and halo orbit rendezvous profiles permit ascent

or abort any time from any site. For the LOR mode, a lunar parking orbit earl be chosen

for any desired surface stay, but low energy return from the surface to the parking orbit is

only possible at particular times.

Return constraints depend on whether LOR is used and if so, on lunar parking orbit

inclination. Figure 1-11 is a "truth table",for lunar mission constraints. As may be seen,

an LOR polar mission with return to Space Station Freedom (SSF) orbit is the most

constrained. LOR equatorial, direct, or halo orbit rendezvous with return direct to Earth

have no return constraints.
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Mission TLI Landing Ascent Return Return

Mode Constraint Site Lighting to Earth to Space

(unprep. site) Station Orbit

Single Launch Yes,
Direct No Yes No No 9 days

Single Launch Yes, every No Yes,
to LOR No Yes orbit 9 days
Equatorial

Single Launch Yes, Yes 14 days Yes, Yes, 9 days
to LOR Polar 14 days 14 days and 14 days

Single Launch Yes,
to Halo Orbit No Yes No No 9 days

Earth Orbit Yes, Yes No No Yes,
Launch Direct 9 days 9 days

Earth Orbit Yes, every No Yes,Launch to Yes, yes
LOR Equal 9 days orbit 9 days

Earth Orbit Yes, 9 clays yes 14 days Yes, Yes, 9 days
Launch to and 14 days 14 days and 14 days
LOR Polar

Earth Orbit Yes, Yes No No Yes,
Launch to 9 days 9 days
Halo Orbit

LUNAR FLIGHT MECHANICS CONSTRAINTS

FIGURE I-11

1.4.3 Mars Mission Profiles and Modes

The two basic Mars profiles are called conjunction and opposition, so named for the

relative positions of Earth and Mars during the mission visit period at Mars. The

conjunction profile requires almost three years for a Mars mission and inherently has long

stay times, a year or more, at Mars. The opposition profile has no specific minimum

mission duration, and a maximum less than two years. Opposition stays at Mars are short,

typically 30 days. Opposition profile durations less than about a year do not appear

practicalforpropulsion systems likelytobe availableto SEI before2025. Representative

profilesare depictedin Figure 1-12.
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FIGURE 1-12

Mars missiondesignisconcernedwithlongdurationspace crew exposuretomicro-gravity

and cosmic ray radiationenvironments;conjunctionfasttransfersprovidea means to

minimize both problems. At typicalopposition/swingbyenergies,conjunctionfast

uransfersarclessthansixmonths each way. The minimum-energy profileinvokesno trip

timeconstraintsand haslongtransfertimes,i.e.abouta yeareach way, forthe"difficult"

yearswhen Mars isnear aphelion,c.g2009 and 2025. For "easy"year opportunities,

minimum-energy transfertimescan bc as shortas200 days.Sincetheconjunctionprofile

isabletocentertransferson theminimum-energy time,deltaV penaltiesforfasttransfers

aresignificantlylessthanforoppositionprofiles.Conjunctionfasttransferprofilesarcin

thesame trajectoryfamilyasminimum-energyones.

The opposition profile gives priority to reduced mission duration rather than to minimum

energy. In the case of a minimum-energy transfer to Mars, the space vehicle arrives too

late for a minimum-energy return. While the conjunction profile simply waits for the next

low-energy rcturn, the opposition profile pays the cncrgy price to return to Earth after a

short (30-60 day) stay at Mars.
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The opposition/Venus swingby (OVSB) profile was selected for the 90-Day Study because

it achieves relatively fast, 1.5 year trips at energies only modestly greater than conjunction

missions. Three types of OVSB prof'fles occur: outbound swingby, return swingby, and

dual swingby. Most of the OVSB profiles described in recent studies are local minimum

energy, with durations that approach 600 days and dual swingbys that can exceed 700

days. These durations can usually be shortened at modest energy penalties. Sometimes, as

in the 2015/16 opporumity year, both outbound and return swingby options exist, with

different durations. For 2015/16, the minimum energy outbound duration is 565 days; the

return option is 435 days, and the latter can be reduced to 400 days or less at a moderate
i

energy cost. OVSB's at less than 450 days, however, are uncommon.

These profiles are not contiguous as are conjunction fast transfers, in that low-energy date

combinations for one of these profiles are separated from the others by high-energy

regions. Earth departure dates for outbound swingbys can occur as much as a year later

than for inbound swingbys; dual swingbys are usually somewhere in between.

Advantages of these profiles are summarized in Figure 1-13; an advantage of one translates

to a disadvantage of the other. A simple count of advantages leads to a preference for the

longer mission. Two of the advantage/disadvantage factors need some explanation:

a. The round trip time for the opposition profile is less than the Earth/Mars synodic

period of 26 months; therefore continuous presence at Mars is possible by operating the

transportation system in a crew rotation/resupply mode. Conjunction profiles do not offer

continuous crew presence at Mars unless crews stay on Mars about 3 years, with total

times away from Earth about 5 years. Opposition profiles support a crew exchange

operation with average 26 months' stay on Mars and total duration about 3.5 years,

assuming successive profiles of the same type. Opposition/swingby profiles are somewhat

irregular. An outbound Venus swingby profile leaves Earth nearly a year before an

inbound swingby. A crew leaving on an outbound swingby and returning on an inbound

swingby will spend 5 years away from Earth, about 3 on Mars. A crew leaving on an

inbound and returning on an outbound will spend 3 years away from Earth, about 2 on

Mars.
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Opposition Advantages

• Shorter overall trip time, by at least a year.

• Transfer vehicle usually returns in time to be
reused on next opportunity.

• Enables crew rotatiort/resupply mode with
synodic period stay time.

Conjunction Advantages

• Lower energ3r, significantly less launch
mass unless very high Isp available.

• Venus swingby complexity not needed.

• Long stay times at Mars.

• Shorter transfer times.

• Longer launch windows.

• Elliptic parking orbits can be optimized.

• More hardware reuse.

CONJUNCTION AND OPPOSITION PROFILE FEATURES FOR MARS MISSIONS

FIGURE 1-13

b. Elliptic parking orbits can be optimized for conjunction missions because the long

stay time at Mars permits tailoring of the parking orbit inclination and period so that nodal

regression and apsidal advance jointly align the orbit for minimum-energy departure.

1.4.4 Mars Mission Design Constraints

The main design constraint on Mars missions is the timing of departure windows, a result

of planetary alignment periodicity. While an entire opportunity, considering all profiles

from earliest to latest can last about a year as noted above, the window for a particular

profile lasts from about two weeks to about two months.

I-

A departure opportunity for a particular low Earth orbit, such as any chosen assembly

orbit, lasts only a few days. This is because a low-energy departure occurs only when the

low Earth orbit contains the departure S-vector. Due to relatively rapid low Earth orbit
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nodal regression (about 7 degrees per day) the low-energy condition lasts only a few days.

This problem may be alleviated by a three-bum departure.

Additional constraints arise from capture orbit design. Elliptic capture orbits usually

minimize Mars capture and departure delta Vs. The savings can be significant, i.e. about 1

kin/see for capture and for departure. Elliptic orbits, however, are constrained regarding

the location of periapsis, i.e. orbit inclination and line of apsides must be aligned for

capture and departure to minimize delta V. Periapsis location is further constrained to

enable daylight landing. Low L/D (0.3 - 0.5) lander,s are limited to landing near periapsis

for elliptic parking orbits. High I.,/D landers (>1.0) have significant cross-range and down-

range capabilities. Capture orbit and landing site constraints reflect into interplanetary

trajectory design in ways that are incompletely explored.

Earth-Mars trajectory designs frequently assume that periapsis-to-periapsis transfers at

Mars are always possible, whereas they generally are not. As noted, in the case of

conjunction profiles with long staytimes at Mars, selection of orbit period and inclination

permits control of arrival and departure geometry to enable in-plane, periapsis-to-periapsis

transfers. In the case of short staytimes at Mars, secular orbit perturbations don't have

enough action time to align both plane and periapsis except for short-period orbits. One

can always find an orbit that allows in-plane arrival and departure. The problem is

periapsis alignment. Short-period (near-circular) orbits can provide rapid enough orbit

perturbation to attain alignment. However, for these orbits the significance and delta V

advantage of periapsis alignment diminishes.

1.5 Matching Architectures to Profiles

1.5.1 Lunar Architectures

The only lunar architecture evaluated was cryogenic, with all-propulsive and aerobraking

options. This architecture can perform the three lunar profiles described above.

Evaluations compared in'of'ties and the degree of reuse of lunar vehicles.
t"
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1.5.2 Mars Architectures

Mars architecture matching to mission profiles including basing at Mars is shown in Figure

1-14. Operational variant architectures are subsumed under their basic propulsion

technology. Four important issues are central to mission profile selection: crew radiation

exposure, crew time spent in zero g, the component of mission risk that increases with

mission duration, and the added cost of shortening trip time. At one extreme is the notion,

frequently expressed, that a Mars round-trip mission should be completed in a year or less.

This is possible with certain advanced propulsion technologies, but at considerably higher

cost than for longer trips. At the other extreme, trip time is seen as much less important

than minimum mass and cost; conjunction profiles are advocated. Crew time in zero g can

be minimized by artificial-g spacecraft design. Increase in risk with duration is difficult to

quantify.

Mission Profile Propulsion Basing

Cryo/ Cryo/ NEP/ Orbit
All-Prop Aerobrake NTR SEP

Conjunction
Minimum Energy "/ '/ "/ "/

Conjunction
Fast Transfer

Opposition/Swingby

Opposition/
Fast

Opposition/
Split Sprint

,7 ,/ ,/

_ Nora .J
1

only

Surface

Later

,/

Asa

resupply
mode

Same

Samc

PROPULSION APPLICABILITY TO MARS MISSION PROFILES

FIGURE 1-14

Crew radiation exposure comes from solar proton events (flares) and galactic cosmic rays,

and from manmade sources if nuclear propulsion or power are used. Unshielded energy

deposition from GCRs varies from 50 to 100 miUiGray (5 to 10 rad) _r year. Cosmic
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rays are highly ionizing; a quality factor is applied to energy deposition dose to obtain

biologically effective dose. Including quality factor, the low end of the unshielded range

does not constrain Mars mission architectures, but the high end exceeds the present NCRP

astronaut radiation guideline of 500 milliSieverts/yr (50 rein per year, this guideline is for

space shuttle and space station missions; no guidelines have been given for Mars

missions). It is possible that guidelines will be reduced in the future, in view of recent

research indicating higher cancer risk at a given dose than previously thought.

Five profile options axe presented. Conjunction fast transfer implies transfers much less

than one year. Opposition/swingby trajectories vary from about 440 to about 550 days.

Opposition/fast profiles imply 450 days or less, usually without a swingby. The split

sprint is a variation on the fast opposition prof'de in which the MEV and propellant for the

return from Mars arc sent in advance on a low-energy profile.

If galactic cosmic ray exposure must be controlled, either shielding must be provided on

the transfer vehicle crew habitat or exposure times must be reduced. Shielding the transfer

vehicle habitat dramatically increases its mass, requiring high performance propulsion such

as nuclear, or favoring a cycler concept where massive habitats are emplaced on a suitable

repeating trajeck_ry and left there. To reduce exposure time, the applicable profiles arc: (a)

conjunction missions with fast transfers, i.e. 180 days or less, Co) fast opposition profiles,

e.g. less than 1-year round trip, and (c) Mars surface rendezvous (Mars direct) on a fast

opposition profile. The cycler/semi-cycler architectures offer shielding on the Earth-Mars

leg, typically 5 months, and provides a 5-6 month conjunction transfer on the return trip.

Their transfer times arc in the conjunction fast wansfer range. During the long stay at Mars,

the crew must be on the surface most of the time unless the Mars orbit habitat is shielded.

Available propulsion options become very limited for fast missions. At one year, the only

sensible options are NTR split sprints, where return propellant is propositioned at Mars on

a low-energy profile, or the use of a nuclear gas-core rocket. Below one year, the gas-core

rocket quickly becomes the only option. We did not evaluate gas-core rockets in this study

because too little is known about the technology to make cost and programmatic estimates.
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1.6 SEI Program Activity Levels for Architecture Analysis

Selection of transportation architectures is influenced by activity level much more than by

purpose or strategy, because transportation basically responds to "how much" and "how

often." Three activity levels, "minimum," "full science menu," and "industrialization and

settlement," were defined to assess the sensitivity of architecture selection to activity level.

1.6.1 Activity Level Definition

The three levels of activity are summarized in Figure 1-15. The minimum was just enough

to meet the President's objectives; in fact "return to the Moon to stay" was interpreted as

permanent facilities but not permanent human presence. The minimum program had only

three missions to Mars. The median (full science) program aimed at satisfying most of the

published science objectives for lunar and Mars exploration. The maximum program aimed

for industrialization of the Moon, for return of practical benefits to Earth, and for the

beginnings of colonization of Mars. The range of activity levels, as measured by people

and materiel delivered to planetary surfaces, is about a factor of 10. The range of Earth-to-

orbit launch rates was less, since we adopted results of preliminary trade studies, selecting

more advanced in-space transportation technologies as baselines for greater activity levels.

]VlinilIltlli1

Just enough to meet
President's objectives

• Permanent lunar facilities,

not pemam_nt human
Immen:e

• Astrophysics observatodes
• Man-tending capabilities
• Explore interesting sites

• Three missions to Mars

• Similar to Apollo
• Two sites per mission
• Samples within a few kin.

of landing sites

Median (full science) Industrialization/settlement

Meet science objectives of
Lunar/Mars exploration

• Human permanence

• Opportunityof lunar

• In-situ resource

technology

Return of practical benefits
toEa_

• Extensive facilities
and infiasmlenae on

theMoonby2025

• Lunar population
30by2025

• Order of magnitude more
crew time on Mars

• Approaches permanent base
(stay time > 1 year)

• Marspopulation
24by2025

• Capable of increasing
Mars onby
24 per opportunityby

2125

ACTIVITY LEVELS FOR ARCHITECTURE EVALUATION

FIGURE 1-15
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The minimum program scenario is shown in Figure 1-16. It averages about 0.S lunar trip

per year and has only three Mars missions. Lunar science facilities are man-tended. Each

Mars mission carries two landers (MEVs) for added exploration capability and a measure of

rescue capability. Surface stays arc about 30 days. Lunar and Mars in-space u'ansportation

systems arc expendable.

;Tech Adv

Phase

lunar landing

Campsite

First Mars landing

0

TMIS/MOC I SubsequentMTV Mars landings

NQde _'y
Space Operations at node

Transfer to Mars

I

MINIMUM PROGRAM SCENARIO

FIGURE 1-16

The full science program is shown in Figure 1-17. It averages about 2 lunar missions per

year, to establish permanent human presence on the Moon with adequate supplies and

equipment for extensive science and exploration. Lunar oxygen for lunar transportation is

introduced about mid-way through the lunar program. Six Mars missions are

accomplished, with later missions staying on Mars for more than a year. The Mars

missions use multiple landers, as many as four late in the program.

The industrialization and settlement program shown in Figure 1-18 is very aggressive for

both the Moon and Mars. Thousands of tons of industrial equipment are delivered to the

Moon, driving lunar cargo trips up to five per year. Lunar oxygen is placed in production

as early as possible. One crew trip per year leads to a population of 30 as crew stay times

on the Moon increase to several years.
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Initial Mars missions use a cryogenic/all-propulsive system. The aggressive nature of the

scenario merited an initial Mars mission as early as possible, and the reference nuclear

electric propulsion system is not ready in time, The NEP missions are operated in a crew

rotation/resupply mode, opposition profile, with each crew staying one synodic period

(about 2.2 years). The reference scenario evolves to reusable MEVs based on Mars, fueled

from Mars resources. Heavy cargo capability is provided, up to 250 t. per opportunity by

2020. The Mars population grows to 24, and by the end of the scenario can continue

growing by 24 or more per opportunity.

These activity levels were selected with underlying program objectives in mind:

a. The minimum lunar program establishes astrophysical observatories on the Moon

and provides a man-tending capability to maintain them. To the extent that man-tending

lunar visits are not needed for the observatory system, the transportation capability can be

used to explore interesting lunar sites for lunar geoscience objectives.

b. The minimum Mars program isvery similarto Apollo,i.e.sixsitesvisitedforshort

periods (two sitesper mission and three missions); samples obtained within a few

kilometers of each landing site. Ifthe manned visitsare preceded by suitablerobotic

missions,the scientificpayoffforthesevisitscan be high relativetotheinvestment.

c. The "full science" lunar program adds human pemmnence at the Moon for extensive

scientific and technological exploration. Where the minimum program offers very little

opportunity for lunar gcoscience, this program offers much. It also pm-mits development

of in=situ resource technology for production of surface systems. The reference program

also emplaced a lunar oxygen production system to serve the transportation system.

d. The "fullscience"Mars program has many times the crew person-days on Mars as

compared to the minimum program. This program fallsshortof a permanently-occupied

base on Mars, but achievessurfacestaysgreaterthana year.

e. The lunar industrializationprograr_ adopts production of helium-3 as a strawman

industrialobjective.Delivery toEarth of lunarbelium-3 atan equivalentpower generation

rateof I GWe by the year 2025 was selectedas a target.This isroughly consistentwith

DoE thinking as to timing of the earliestcommercial fusionreactors,and itleads to an

orderlylunarbuildup with growth ratesin a plausiblerange.
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Whether a lunar helium-3 scenario, or for that matter any other space-energy-for-Earth

scenario, is economically feasible, remains an open question. A lunar helium-3 scenario

def'med in a 1989 NASA report was used as a convenient strawman to set high-activity

transportation requirements (Reference 15).

f. The Mars settlement program moves towards Mars settlement, with population

growth up to 24 per opportunity by 2025. It is clear that further scale-ups of transportation

systems could reach population growth rates high enough to be a genuine settlement. Mars

is the most Earth-like planet (but it isn't very Earth-like). Speculation about Mars as a

habitable world suggests that a human civilization could eventually thrive there. Some

scientists contend that the atmospheric pressure on Mars could be increased, e.g. by

greenhouse gases, to the point that space-suits would not be required.

1.6.2 Program Scenario Comparisons

The lunar and Mars program scenarios in terms of population, cumulative cargo delivered,

and flight rate are compared in Figures 1-19 and 1-20. The lunar population for the

minimum scenario is four people for 30 to 40 days about every other year. The Mars

population for the minimum scenario is 6 people on each of 3 conjunction missions, with

two 30 to 40 day surface stays per opportunity. The full science menu scenario grows to

year-long surface stays on conjunction missions. The lunar industrialization program goes

to long stay times with indigenous food growth to build population. The Mars proto-

settlement program obtains continuous presence by operating the NEP on an opposition-

like profile in crew rotatiort/resupply mode. Later in this scenario, a second NEP is

operated to provide two trips to Mars each opportunity. These scenarios served as inputs

to the manifesting and life cycle cost analyses to facilitate overall programmatics analysis.
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1.7 Architecture Evaluation Results

Architecture evaluation is driven by a few factors: development cost, operations cost,

keeping options open, mission risk, and _volution potential. Architecture evaluations

directly translate into technology advancement priorities.

Missions to Mars set the performance criteria for selection of transportation options and

evolutions for the Space Exploration Initiative. Lunar missions are of short duration, i.e.
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days, with modest payloads. They benefit much less from advanced propulsion

performance than Mars missions. Mars missions last months to years; because of their

duration, they require massive, costly crew habitats for the transfers from Earth to Mars

and back. Further, lunar missions require high thrust propulsion, at least for crew

missions, while both crew and cargo missions to Mars can use low-thrust electric

propulsion. A strictly lunar scenario would admit only nuclear thermal rockets as an

advanced propulsion option, since the low thrust of electric propulsion systems makes

them ill-suited for lunar crew transport and they appear not worth developing merely for

lunar cargo transport.

1.7.1 Ground Rules and Assumptions for Comparisons

A set of nominal bench-mark performance and mass requirements were used to illustrate

performance comparisons, as summarized in Figure 1-21. These are typical, and do not

represent any particular Mars opportunity. For the conjunction case, performance margin

over absolutely minimum energy is provided to obtain reasonable transfer times of 5 to 10

months. For the opposition case, the values are close to those for the 2016 Venus swingby

opportunity, which is of median difficulty.

Earthdeparture
Mars arrival

Mars departure
Eartharrival

Conjunction

C3 Vhp DV
15 3.87 4000

10A 3.23 1200

14 3.75 1500

16 4 1340"

Opposition

C3 Vhp DV
Earth departure 25 5.0 4300

Mars arrival 35 5.9 3000

Mars depetua'e 35 5.9 3400 * *

Earth arrival 49 7 2525

* Return to 24-hr elliptic orbit; vehicle is * Return to 24-hr elliptic orbit; vehicle is

subsequently refueled by LTV for return subsequently refueled by LTV for return to LEO.
to LEO. ** Includes _siclal _gnmmat penalty

Standard Mars parking orbit 250 lan x 24.6 hr.

Mars landing - 1200 m/see Mars ascent - 5500 m/see.
Direct return, Mars surface to conjunction Earth u-ansfer - 6775 m/see.

Notes: For aerobraking, Vhp limit 7 kin/see; if Vhp is higher, e.g. sprint trajectories, excess _ is

taken out propulsively. Post-aeroeapture AV is 200 m/s_. No Earth arrival AV for expendable eas_.

Transit hab: Opposition Opposition/ Conjunction ECCV - 8 t.

fastu'ip-35 t. swingby -40 t. 50 L

Expendable MEV Aerocapmre & finding-84 t. Landing only -76 t. Includes25 t.surfacepayload

Reusable MEV- 40 t. resupply

GROUND RULES AND ASSUMPTIONS FOR COMPARISON

FIGURE 1-21
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We used 475 Isp for cryogenic propulsionand 925 Isp for nuclearthermal rocket. Trades

reportedelsewhere in thisreportalsoused 1050 Isp,representingan advanced-technology

nuclearengine.

Solar and nuclear electricsystems op_mizc between 5,000 and I0,000 seconds. Their

performance was calculatedby low-thrustpath generators;thedeltaVs shown in thefigure

do not apply toelectricsystems. For purposes of thecomparisons, we assumed the electric

systems spiraledout of and intoEarth'sgravitywcU to LEO, but aremanned only afterand

beforethe spn'als.Analysis shows thatthe electricsystems arc somewhat more efficientif

parked ata high-orbitnode such as Earth/Moon L2 and resuppliedby a smallerelectric-

propulsionferryvehicle.

1.7.2 Architectures Mass and Reusability Summary

Resupply performance, i.e. resupply mass delivered to LEO, for the principal Mars

profiles, for opposition and conjunction missions is shown in Figure 1-22. Rcsupply

performance is the key measure of efficiency for repeated missions; for single or

expendable architectures, the total initial mass in Earth orbit (IMLEO) applies. Also shown

is the fraction of propulsion and mission hardware available for reuse at the end of the

mission; this is an important mission cost factor since hardware replacement cost earl easily

exceed ten times the cost to place mass in LEO. Generally, the modes with lower resupply

requirements and higher reusability employ more advanced propulsion and imply more

developmental effort. Therefore, one expects low resupply modes to be attractive mainly

for larger-scale programs, where the greater technology and development effort is

effectively amortized. Less advanced systems arc cost effective for lesser programs. Note

that for Mars surface rendezvous (Mars direct), the performance as a crew delivery system

for a man-tended but long-duration stay base is quite attractive. Since Mars direct is only

operable on a conjunction profile, it is not well suited to crew rotation for a permanent

base. The NTR-dash profile appears well-suited to this requirement.

In addition to examining basic architectures, various combinations and evolutions were also

considered. As examples, the L2/lunar'oxygen architecture benefits from advanced

propulsion (NTR, NEP or SEP) for the Earth orbit-L2 leg. Values shown on the chart are

for the all-cryogenic L2/lunar oxygen option.
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A mass advantage does not necessarily translate to a cost advantage. For example, lunar

oxygen supply to the L2/lunar oxygen architecture appears to have attractive performance.

A payback analysis was performed using simple scaling equations. In the case of all-

cryogenic propulsion, the IMLEO savings is about 300 t. per mission, compared to

cryogenic/aero-braking fi'om LEO. The lunar oxygen production rate needed to fly every

Mars opportunity is about 360 t./yr. The quantity of production and power equipment

needed for this production rate is not well-defined; a moderately optimistic figure is 1 t.

equipment per t./yr production. To sa_,e 300 t. per mission, 360 t. of production

equipment is delivered to the lunar surface. Since the ratio IMLEO to lunar cargo is about

6, the IMLEO cost is over 2000 t., and breakeven occurs only after 7 to 8 Mars

opportunities.
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Use of advanced propulsion reduces the resupply requirement and the payback time for

lunar oxygen. However, if advanced propulsion is available, why not use it directly for the

Mars mission? Use of a mass driver to deliver the lunar oxygen to L2 (in cannisters) also

improves the payback, but introduces another new technology. We did not evaluate this

option in the present study.

1.7.3 Mission Risk Comparison

Mission risks were compared in a semi-quantitative way. The methodology is rigorous and

quantitative, but reliability and safety estimates for SEI hardware and maneuvers are quite

rough. We made representative estimates with an attempt to be consistent, i.e. the same

type of maneuver was given the same reliabilityestimateforallca_s. Plausibledifferences

were used, e.g.aerocapturewas judged higherriskthan propulsivecapture.Abort modes

were included where available.

Comparative risksfor crew loss (cl)and mission loss (mi) or severalarchitecturesand

modes are shown in Figure 1-23. NTR shows the leastriskbecause of itspropulsive

capture advantage, and because a free return abort was assumed, as it was for the

cryo/aerobrake. The NTR/dash mode does not permit freereturnabortor descentabort at

Mars, so some mission lossriskturnsintocrew lossrisk. As Mars transportationmatures

and a safe refuge on the surfaceof Mars is available,the NTR/dash mode riskwillbe

comparable to the other NTR mode. The NTR split sprint mode also exhibits higher risk

because of lack of abort modes, e.g. no free return. NEP is shown comparable to, but

slightly riskier than NTR. The NEP case is sensitive to the lifetime dependability of the

propulsion system; this figure is much more uncertain than NTR reliability. Mars direct

has a higher mission loss risk because of its complex automated operations, but the crew

loss risk is comparable to the others. The perception of crew loss risk for Mars direct is

probably higher than the real risk.

A risknee for the cryo/aerobrakeisillustramdin Figure 1-24. A probabilityof success

value isassigned to each event,and the cumulative probabilitiesfor mission loss,crew

loss,and mission successarc calculated.A_sa check,the probabilitiesmust sum to 1.000.
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1.7.4 Man Rating Requirements

The recommended approach to man-rating is shown in Figure 1-25 and lists the

systems/sub-systems for which a man-rating requirement was identified. A sequence of

major tests and demonstrations to achieve nuclear rocket man-rating is shown in Figure 1-

26, illustrating the man-rating approach. Note that two flight demonstration options exist.

A decision of which to use depends on whether cargo delivery to Mars is needed before the

first manned mission, as would be the case if a conjunction fast transfer and long surface

stay is required on the first mission to reduce galactic cosmic ray exposure to the crew.

Approach

• Ground-based testing wherever possible.

• Use flight program activities to bootstrap, e.g. lunar aerobrake

program builds confidence in Mars aerobrakes.

• Flight demonstration of critical functions, e.g. Mars cargo landing,
before critical manned use.

• Life demo for long-duration systems before critical manned use,

e.g. ECLSS on SSF or lunar surface before manned Mars mission.

Subjects

• Aerobrakes

• Cryogenic rocket engines

• Nuclear rocket engines

• Cryogenic propellant systems

• Attitude control propulsion systems

• Nuclear & solar electric propulsion systems

• ECI_S/TCS

• Crew modules/hab systems

• Vehicle power

• Avionics & Communications systems

• Surface transportation systems
t-

MAN-RATING REQUIREMENTS

FIGURE 1-25
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1.7.5 On-Orbit Assembly

The recommended lunar architecture requires no on-orbit assembly until later in the

program. The initial tandem-direct lunar transfer vehicle (LTV) can be launched fully

assembled and fueled. Two axe needed, requiring in=space rendezvous and berthing.

Later, a lunar aerobrake may be introduced, but lunar aerobrake assembly can probably be

accomplished from a shuttle Orbiter payload bay as illustrated in Figure 1=27. The

underslung heavy-cargo version of the LTV will require some deployment or assembly as it

exceeds the 10-meter diameter we assumed as an HLLV diameter limit.

Operations analyses during the latter part of the study concentrated on alternative assembly

concepts for the principal architectural options (cryogenic/aerobraking, nuclear thermal

rocket (NTR), nuclear electric (NEP) and solar electric (SEP)). Shown in Figure 1-28 are

three assembly concepts for the NTR. The one on the left is the conventional "build a shed

around it" concept. The center illustration makes the vehicle its own assembly platform

with certain attachments such as debris shielding, removed before trans-Mars injection. The

right-hand picture is a "smart HLLV" concept where the first launch includes assembly

provisions as part of the HLLV payload carrier. Evaluations of these alternatives have not
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yet been accomplished. The thrust is to simplify the assembly facility by simplifying the

assembly process through vehicle design provisions.

The NEP presents the most difficult assembly challenge because of its extensive fluid

systems. The SEP is very large, but the assembly process is repetitive and well-suited to

robotics. The NTR is easiest, and the cryogenic options somewhat more challenging

because of the greater diversity of assembly tasks.

1.7.6 Costs and Schedules

Initial mass in Earth orbit (IMLEO) is often used for comparisons between propulsion

options. However, other factors have great cost impact. Reusability and reduction of

development cost by reducing the number, complexity, size, or risk of developments are

very important.

All cost analyses in this study were performed in constant 1990 dollars, i.e. no attempt was

made to forecast inflation. The cost analysis logic used in this study is illustrated in Figure

1-29. Development and unit costs for architecture elements were estimated using the

Boeing Parametric Cost Model (Reference 16). Complete DDT&E costs were developed

by estimating the equivalent number of production units consumed in the development

program, e.g. for test articles. The first flight article was assumed produced by the

DDT&E program; subsequent flight articles were assigned to production programs.

DDT&E estimates for the main architectural options are shown in Figure 1-30. We adopted

a minimum production rate of 0.3 units per year. Our scenarios avoided shutdown and

restart of production lines. Technology advancement and advanced development programs

were estimated for each option, using available estimates for these activities together with

our judgments as to what technology advancements and advanced developments are

necessary.

In order to get life cycle costs, technology advancement, advanced development, and full-

scale development (DDT&E) and production scenarios were established for each program

activity level. Launch and flight operatipns were manifested according to the top-level

schedules shown earlier. These were loaded into a spread-sheet life cycle cost model that

generates annual funding profiles Examples appear later in this section.
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To evaluatealternativearchitectures,the alternativeswere manifested (e.g. NTR versus

cryogenic aerobraking) for the same program scenario, including changes in technology

advancement, advanced development, DDT&E, production, and HLLV launches. Life-

cycle costs were generated for the alternatives. This provided comparative life cycle cost

prof'des for which return on investment (ROD could be calculated.

1.7.7 Results of Return on Investment Analyses

The representative ROI scenario is that one option has greater front-end investment cost,

leading to savings later in the program through more advanced technology, more hardware

reuse, fewer HLLV launches, or combinations thereof. We used a criterion that a ROI of

5% or better is acceptable. That is the approximate cost of money to the government in

constant dollars. Return on investment is a severe criterion for front-end investment. To

obtain a favorable ROI, 10% or better, an investment must generate large savings. The

most advantageous situations occur when a technology advancement reduces near-term

DDT&E cost. Technology advancement costs are usually small compared to the DDT&E

savings and the savings occur soon after the investment.

The return on investment analyses is summarized in Figure 1-31. Details of the

methodology is explained in Reference 12. Results designated "no ROI" had one case

always more expensive than the other. An ROI can be calculated only when funding

StreamS cross.

The lunar storable case has very negative ROI because while less technology money (none)

is spent, more vehicle stages must be developed so that the negative cost impact of not

doing the essential cryo management and engine technology is large and early. The case

for reusable lunar transportation is negative for a minimum lunar program and weak for a

median program; it is strong for an industrialization-class program. The other results are

discussed below and are included here for completeness.
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1.7.8 Specific Results for In-Space Transportation Options

Each of the principal options could become a preferred selection under plausible program

circumstances.

a. For a minimum lunar activity level, a simple tandem-staged direct expendable mode

is attractive. While expendable systems require continuing hardware production, the

production lines must be kept open in any case. For minimum activity levels, the cost of

having open lines produce hardware is quite small. At two lunar missions per year, the

return on investment for developing an efficient reusable lunar orbit rendezvous (LOR)

system is only about 5%. Programs with activity levels of four or more lunar missions per

year benefit significantly from efficient reusable lunar wanslxn'tation.

b. For a minimum Mars program, consisting of perhaps a half-dozen landings of a

few days' stay time each (that is what Apollo accomplished on the Moon), cryogenic all-
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propulsive minimum-energy missions with multiple landers, e.g two or three per mission

for two or three missions, are very attractive. This offers the opportunity to briefly explore

six sites at minimum cost and minimum technology risk (Apollo explored six sites,

spending a few days at each site). Carrying multiple landers per trip provides a desirable

degree of rescue capability.

One concern with this implementation is that astronauts are committed to almost three years

in space each Mars mission. There are significant issues regarding zero-g and cosmic ray

exposure. While these concerns can presumably be dealt with, i.e. through zero-g

countermeasures, artificial g, or suitable shielding, solutions may be cosily in mass and

complexity.

c. The performance potential of a nuclear thermal rocket (NTR) leads to less initial

mass than cryogenic/aerobraking for most mission profiles. A nuclear rocket can eliminate

the need for high-energy aerocapture at Mars; this is an important advantage. On the other

hand, the development program for a nuclear rocket requires significant investment in

effluent containment test facilities. Return on investment tradeoff of nuclear rocket versus

cryogenic/aerobraking at the median Mars activity level favored the nuclear rocket. If Mars

exploration progresses to a permanently-occupied base, aerocapture and NTR are

complementary technologies in the NTR-dash mode; this traded favorably versus nuclear

electric propulsion in ROI analysis.

The nuclear thermal rocket improves mission flexibility and reduces constraints on mission

profiles. A nuclear rocket is the most promising propulsion system for fast Mars trips (a

year or less). Fast trips, however, are indicated as expensive in terms of total mass and

hardware expended. While fast trips are technically interesting, they are probably not

affordable in a space program with constrained funding.

d. We found that electric propulsion systems are suitable for Mars crew transportation

if (1) operated from high-altitude nodes such as I.,2, or (2) boarded by the mission crew at

about lunar distance, where the crew fly to the electric propulsion vehicle on a lunar

transfer vehicle (LTV). Trip times are coropetitive with all but fast-trip split-sprint nuclear

thermal rocket systems, i.e. about 450 days for nuclear electric propulsion (NEP) and

about 550 days for solar electric (SEP). On conjunction fast transfer profiles, NEP

delivers 150 to 200 day transfers each way and SEP about 250.
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The inherently high reusability and low resupply mass of electric systems offers life-cycle

cost advantages at high activity levels. Development cost for NEP and array production

cost for SEP are major issues. Resolution of the array production cost issue will require a

manufacturing technology program. Cost and return-on-investment results showed that

estimated NEP development costs are not effectively amortized even at the settlement

activity level when compared with a nuclear rocket operated in the dash mode. SEP, at

current array costs (~ $1000 per watt), is estimated as more expensive to develop than

NEP. SEP becomes very attractive at $100/watt, showing about 10% return on investment

versus NTR at the median activity level. If a low-cost SEP is possible, it is also attractive

forlunarcargo.

e. Special architecturesoffer unique advantages in particularcircumstances. For

example, lunar librationpoint stagingisattractivefor low-thrustsystems because spiral

operations out from and into Earth'sgravitywell can bc conducted by an electricorbit

transfervehicleinparallelwith interplanetarytransfersby theinterplanetarySEP or NEP.

Lunar libration point operations offer reduced Earth launch mass for cryogenic/acrobraking

profiles through use of lunar oxygen (the return on investment in lunar oxygen facilities is

not favorable), and to electric propulsion systems because the interplanetary vehicle need

not execute low-thrust spirals out of and returning into Earth's gravity well. Neither of

these potential advantages applies to nuclear thermal rockets; libration point operations for

nuclear rockets were not considered.

Mars directsimplifiesflightoperations at Mars at the expense and riskof propellant

production on Mars; itismore efficientthan Mars orbitrendezvous in a crew transport

mode aftera base isestablished,but not as efficientas NTR-dash. Itappears too risky

(lackof abortmodes) for an initialmission. Mars directofferspotentialadvantages where

galacticcosmic ray concerns driveus toconjunctionfasttransferIn'of'deswith long surface

stays.Itisnot suitablefor crew rotationand resupply of a permanent base because itis

confined tothe conjunctionprofile,and leadsto gaps increw presence atMars.

Reusable MEVs using Mars oxygen, and:xaethaneor hydrogen ifavailable,arc interesting

as an evolutionary development, mainly because theirgreater reusabilitymay have

significant life cycle cost benefit. In our settlement scenario analysis, the reusable MEV

came on linetoo latetohave a net payoff.This concept needs furtherevaluation.
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Cyclers may be advantageous if interplanetary transfer habitats need extensive radiation

shielding or ff large crews and consequent massive transfer habitats are needed to satisfy

mission objectives. Early in a Mars program, cyclers do not have enough advantage over

simple conjunction all-propulsive (cryogenic or nuclear) or aerobraking to merit their need

for infra-structure pre-positioning, operational complexity and give-up of abort modes.

1.8 Integration Compatibility and Summary of Level 2 Trades

Integration compatibility analyses were performed to ensure that conceptual designs of

elements of the space transfer systems would work together and could be integrated with

other system elements such as Earth-to-orbit launch, orbital assembly, and surface

systems.

1.8.1 Launch Manifesting and Launch Site Operations

Launch manifesting analyses concentrated on a launch vehicle capability of 100 to 140 t.

mass and payload shroud size of 10 m. diameter by 30 m. cylinder length. Larger shroud

sizes were briefly investigated. All system elements could be manifested in the nominal

shroud size. The principal problem areas were (1) large Mars transfer habitats used up

most of the shroud volume but only about half the available lift capability; (2) Mars capture

and landing aerobrakes, as designed, required two launches each because of packaging

volume; these launches only used about 10% of the available lift capacity. The habitat

problem is endemic because habitats are large low-mass pressure volumes. The situation

can be improved somewhat and is not a major issue. The aerobrake problem is a function

of the design. A different structural design approach has been identified that is expected to

ameliorate the problem at least to where two aerobrakes can be launched in one ETO flight

rather than two flights per aerobrake.

Launch site operations analyses were coupled with on-orbit assembly analyses to derive

overall sequences that observe (1) the constraint of allowing interface verification for all

hardware prior to launch, and (2) feasible assembly sequences. The principal effect on

assembly sequence is that the Mars transf_er crew habtitat is launched late in the hardware

sequence (but before the major propellant launches) because of its multiple interfaces with

other elements.
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1.8.2 Space Assembly

Reviews and analyses of orbital assembly operations did not identify major problems.

a. Most of the proposed operations are simpler than those planned for assembly of

Space Station Freedom and presumably would enjoy a greater experience base as well as

more of an assembly facility than a shuttle Orbiter,

b. Opportunities to design vehicles for ease of assembly have only begun to be

explored;

c. Benefits of very largelaunch vehicles appear not worth tbe cost. The point of

diminishing returnsseems reached at 100 - 120 t.payload and a 10-m diameter by 30-m

shroud. Very large vehicles do not eliminate on-orbitassembly and certainlydo not

eliminateon-orbitlaunch processing,which isa more difficultissuc.

Space assembly analysisconcenwated on sequences and timclines.Pictorialrepresentations

were used for these analysesas necessaryto understand the natureof specificoperations.

Most of these pictorialswere sketches,not finisheddocument art.We baselinedmainly

telcroboticassembly forfourreasons:

a. The required teleroboticoperations are not much more complex than those

conducted by the shuttleRMS and thoseplanned forthe Space StationFreedom arm.

b. Crew time on orbit,and the costsfor accommodations and u-anspormtionforcrew,

are very expensive.

c. A large share of these operations, e.g. those involving hardware loaded with

propellants, must take place off Space Station Freedom for safety reasons. For these,

telerobotic operations are much preferred. The requisite telerobots can perform the rest of

the assembly tasks;little or no additional investment is required.

d. Many of the operations involve sizes and masses of equipment beyond the

capability of EVA humans.
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We presumed the use of EVA crew for contingencies and that test or mission crews would

be on board the vehicle for critical all-up systems and prclaunch tests. In most cases,

assembly timelines were constrained by the launch rate which assumed no more than one

HLV per 90 days. In a few cases with the highly complex electric propulsion systems,

assembly timelines used up the available time between HLV launches. Given the

uncertainty in assembly timeline estimates, these cases represent potential assembly time

problems.

1.8.3 Surface Systems

Relatively few surface systems interface requirements were available. Some of our lunar

vehicles outgrew (in height) reasonable dimensions for compatibility with an overhead

payload unloader. Therefore, we developed concepts for underslung-payload lunar cargo

vehicles with payload clearance as large as 7 meters diameter. The Mars crew MEV has an

integral surface payload that is not offloaded. This MEV has a performance capability to

deliver 50 t. to Mars' surface, but an unloading concept was not developed.

1.8.4 Contiguous Crew Volumes

All final vehicle design concepts had contiguous crew volumes, e.g. between MTV crew

habitat, MEV ascent cab, MEV surface hab, and ECCV.

1.8.5 Aerocapture and Aerobraking Operations

Analyses were conducted for integration compatibility as well as for perfor_aance.

1.8.5.1 Trajectory Generation

Capture L/D was set at 0.5 for most of the studies. This appeared adequate. Guided

trajectory simulations were conducted to ascertain performance requirements on the MEV to

rendezvous with the MTV after aerocapture. Typical results are shown in Figure 1-32.

Development of a cryogenic/aerobraking _,onfiguration that captured both vehicles behind a

single brake proved unsuccessful. The implication of separate captures is that the lines of

apsides of the capture orbits must be controlled so that post-capture rendezvous is possible.

This proved to be the most difficult challenge for the capture GN&C system. Post-capture
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deltaV of about 150 m/sec was indicated by our simulations. We believe further work can

reduce this requirement to less than 100 m/sec.

200 3O0

TYPICAL GUIDED TRAJECTORY AEROCAPTURE STATES

FIGURE 1-32

1.8.5.2 Pinpoint Landing

Pinpoint landing is a requirement for any LEV or MEV returning to a specific base or going

to a particular exploration site. Pinpoint landing on the Moon was demonstrated on the

Apollo program and is not seen as an issue. During the present study, we simulated

pinpoint landings using a trajectory design tool, with the result that Mars atmosphere

density does not have much effect on site accessibility. This does not demonstrate that the

GN&C problem is solved, but it appears much less difficult than aerocapture. We found

that landing L/D 1 is needed for pinpoint landing unless the landing site is close to the

(presumed elliptic) parking orbit periapsis latitude. High- thrust space transfer systems

benefit from elliptic parking orbits; these orbits are usually optimized for each opportunity

and are different from one to the next. Low-thrust systems can access any parking orbit

and presumably do not need high I.A) landcrs for pinpoint landing.
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1.8.5.3 Forebody Aeroheating

Forebody heating analyses were conducted for aerocapture, landing and Earth return for a

range of L/D from 0.25 to 1.0. Typical results are shown in Figure 1-33. Principal

conclusions were:

a. Mars aerocapture heating is severe above arrival C3 about 30 km2/sec 2 (entry

velocity about 7.4 km/sec). Most opposition profile trajectories yield C3 about 50, thus

presenting a challenge to aerobrake TPS design.

b. Much of the heating, especially at higher velocities, comes from radiation. Thus,

the higher I_:D shape, which has a much smaller nose radius, creates a lesser overall TPS

materials challenge.

c. Aeroheating for Mars landing from orbit is not severe and can probably be handled

by a "warm structure" system.

d. Aeroheating on a vehicle-scale aerobrake for lunar return is within, or nearly

within, the capability of shuttle tiles.

e. Aeroheating on a vehicle-scale aerobrake for Mars return is similar to that for Mars

arrival at C3 50. Since this would be a second use for a Mars aerobrake, it presents

significant materials challenges.

f. Aeroheating for crew-only capsules at Earth return can be handled by ablators.

Except for fast-trajectory Mars returns, the ablator state of the art is generally adequate.
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1.8.5.4 Wake Aeroheating

Wake heating analysis was conducted for one Mars aerocapture configuration and case.

Conclusions were:

a. Wake heating in the "protected" zone is on the order of 3 W/cm 2. Modest thermal

protection such as NOMEX felt should be adequate.

b. The

Figure 1-34.

/

"protected" zone is smaller than previously estimated as illustrated in

LOW WAKE
HEATING ZONE

WAKE CLOSURE ZONE FOR I./D = 0.5 AEROBRAKE

FIGURE 1-34

FLOW

1.8.6 Earth Return

The return to Earth should always be by crew capsule (ECCV). Even if the vehicle returns

to Earth orbit by aerocapture, the Space St_ation Freedom orbit is normally accessible only

after a phasing orbit wait of weeks (line of nodes problem). Lunar returns can be

conveniently phased at the Moon but the time is still required. Selected lunar trajectory

timing can avoid wait periods but this places another constraint on lunar mission liming and

is therefore undesirable.

D615-10030-2 87



1.8.7 Summary of Level 2 Trades

These trades were conducted to support NASA Lunar/Mars Exploration Project Office

activities. A thorough report on these trade studies and their results is contained in the two-

book Implementation Plan and Element Description Document Volume I: Major Trade

Studies.

1.8.7.1. Lunar Excursion Vehicle/Mars. Excursion Vehicle Commonality

Since the LEV and MEV are about the same size, with about the same propellant load and

perform similar funciotns, although on different planets, a wade was performed to identify

the best level of commonality. The result: complete vehicle-level commonality seriously

compromises both vehicles because of differences in requirements, e.g. the MEV has an

aerobrake while the LEV does not. Very high subsystems commonality is recommended;

same engines, same propulsion system components, largely common avionics and power,

same crew modules (assuming crew sizes are the same -- if not, common crew module

subsystems and components). This commonality approach was reflected in development

cost analyses.

1.8.7.2 Alternative Crew Modules

This was not a trade study but a parametric data base for LEV, LTV and MTV crew

modules and ECCVs for a range of crew sizes and occupancy durations. External

dimensions and masses were provided.

1.8.7.3 Habitat Trade

This trade addressed the Mars transfer vehicle long-duration crew habitat. Crew sizes from

4 to 12, durations from 100 to 1000 days, and various configuration arrangements

including unitary and clustered modules were evaluated. A broad specmma of criteria was

applied. Unitary modules were preferred over dusters because of mass and crew amenities

advantages. The best diameter (of three'_valuated: 4.4 m, 7.6 m, 10 m) was 7.6 meters

except for a crew of 12, where a 10-m diameter module is slightly better. Longitudinal

rather than transverse internal arrangement was preferred. An internal pressure bulkhead

provides redundant pressure volumes. Parametric data on mass versus crew size and

duration were developed.
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1.8.7.4 Radiation Assessment

Crew radiation hazards were evaluated for Mars missions. A storm shelter in the MTV

habitat is necessary to provide adequate protection from solar flares (weU-known result).

On all Mars profiles except conjunction fast transfers, predicted crew dose from galactic

cosmic rays exceeds current exposure standards unless additional shielding is provided

(relatively new result, not reflected in "90-day Study"). The conjunction fast transfer only

provides relief from the cosmic ray problem if the crew spends nearly all the Mars vicinity

time on the surface where the atmosphere provides shielding. Mass impact of the solar

flare storm shelter (small volume) is minimal, while the mass impact of cosmic ray

shielding is expected to be significant. Cosmic ray shielding requirements need further

evaluation.

1.8.7.5 Large Crew Size

Crew sizes up to 32 were examined for impact on the study Mars architectures.

nuclear propulsion systems adapted to large crews better than non-nuclear systems.

1.8.7.6 Rescue/Abort

The

A semi-quantitative mission risk analysis described earlier (rigorous method; best-

judgement reliability numbers) was applied to several of the Mars mission profiles. The

principal driver on likelihood of crew loss was critical maneuvers without abort or rescue

modes, for example Mars ascent with only a single Mars Excursion Vehicle on the mission.

Mars mission profiles should be designed with careful attention to abort and rescue modes,

especially where these can be provided at modest cost.

1.8.7.7 Mars Transfer Systems

The results of this trade are shown earlier in this executive summary as results of

architectures analysis.

1.8.7.8 Artificial Gravity

Artificial gravity configurations were developed for the major propulsion options. Mass
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estimatesand complexity comparisons were made. The cryogcniclaerobraking system

incurs a large complexity penalty for a tether system, but modest (~10%) mass penalty.

The nuclear rocket incurs least penalties in both areas - mass a few percent and very little

complexity penalty since artificial gravity is accommodated by making the central truss

longer and rotating the vehicle end-over-end when not thrusting. The nuclear and solar

electric systems use a rotating joint. The nuclear electric system uses the reactor/power

generation assembly as counterweight. We evaluated using the entire solar electric vehicle

as counterweight in an "eccentric rotator" configuration, but doubt this will really work.

Consequently, the nuclear electric mass and complexity penalties are modest, while the

solar electric mass penalty appears large since we presently know of no reasonable solution

except to employ an inert counterweight of mass about equal to the long-duration crew

module.

1.8.7.9 Operational Orbit Selection

High thrust systems need the operational Mars orbit to be tailored to each mission for

minimum performance penalty. Low-thrust systems adapt well to any chosen Mars

parking orbit. Attempts to find a "standard orbit" have so far been unsuccessful. The only

architecture that benefits from a standard orbit is the full-cycler system, which needs a node

in Mars orbit.

Our recommended lunar architecture employs a direct mode with no lunar orbit operations.

1.8.7.10 MEV Propellants

The predicted level of cryogenic insulation performance leads to a preference for

hydrogen/oxygen propellants for surface stay times to 600 days. Storable propellants

result in greater IMLEO, but the penalty can be accepted. If storables are used, metal-gel

fuels and/or pump-fed storable engines are strongly recommended. Methane/oxygen was

not a winner in any of the cases, but may be beneficial for Mars atmosphere in-situ

propellant in view of simpler production and liquefaction processes.

%

1.8.7.11 Aerocapture GN&C

We conducted extensive simulations of aeroeapmre, including trajectory design and two
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typesof GN&C simulations, with a range of Mars atmosphere models including MARS-

GRAM and various synthetic models of atmosphere irregularities. The result was that

adaptive guidance systems are indicated as able to deal with likely Mars atmosphere

uncertainties with L/D in the range 0.5 to 1.0. A caution: present estimates of Mars'

atmosphere uncertainties are little more than guesses. Precursor missions, at least Mars

Observer and probably additional measurements on later missions, will be required to

develop high confidence in the engineering practicality of Mars aerocapture.

1.8.7.12 Structures and Materials

High performance structures and materials have great payoff in view of the difficult

performance requirements of SEI missions. This is especially true in aerocapture and

aerobraking, but also important in vehicle connective structure such as intertanks, thrust

structures, and landing legs. Routine operational use of aerocapture on Mars missions will

also require major improvements in aero-heating TPS materials, e.g. from 1800K to

2500K.

1.8.7.13 Landing Site Access

Tailored Mars parking orbits (for high thrust transfer systems) can have periapsis location

at latitudes far from the equator, e.g. +40 °. Depending on the direction of flight at

periapsis, significant cross-range can be needed to reach surface sites within an expeted

range of requirements. No site accessibility requirements have been specified. We

assumed a requirement to reach any latitude within +70 ° of Mars equator from any likely

parking orbit. The preliminary result is that a lander L/D at least 1 is ne.gxted. Further work

is required to address avoidance of crossing the terminator into the night side of Mars, and

to examine a broader range of parking orbits.

Low-thrust systems can enterparkingorbitstailoredtolandingsiteaccess;littlecross-range

isrequired. Surface siteaccess for the Mars directand NTR-dash modes remains to be

invcstigatcd;theaccessproblem isbelievedtobe lessseverethan forellipticparkingorbits

for high-thrust systems. ",

The lunar direct mode recommended in this report can reach any lunar surface site.
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1.8.7.14 High L/D

We examined blended wing and bent biconic shapes for high L/D aerocapture and landing.

The blended wing shape ispreferredina scenariowhere on-orbitassembly ispermitted.If

on-orbitassembly isnot available,as might bc the case fora Mars precursormission,the

bent biconicprovidesroughly equivalentpcrforrnanceatslightlygreatermass, and presents

more difficultpackaging problems.

1.9 Conclusions and Recommendations

The realSEI program willnot follow any particularlong-rangescenariothatcan be defined

now. Clearly, an ambitious program can startsmall and evolve. The potentialfor

evolutionto a largerscalemust be includedintechnology selectiondecisionsforsmall and

moderate-scale programs. Programs of differentscaleatthe Moon and Mars arc logical.

Lunar and Mars explorationwillprobably startwith modest objectivesand evolve as a

rcsultof earlymission achicvcmcnts and scientificfindings.An ambitious lunarprogram

willsignificantlydeferhuman Mars missions under likelyfunding constraints.Similarly,

an ambitious Mars program willlimitlunaractivitiestohigh-priorityscientificobjectives.

As more isIcarncd about thc benefitsof lunarand Mars activities,shiftsin emphasis arc

likely.The recommended SEI program strategyisevolutionaryand keeps optionsopen.

With theseconsiderationsinmind, seven specificrecommendations arepresentedbelow.

1.9.1 Specific Recommendations:

a. Begin the manned lunar program with a tandem-direct expendable system, Figure

1-35. The benefits arc:

(I) The system can be designed toeliminateon-orbitassembly. One docking or

berthingisrequired.
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FIGURE 1-35

(2) The number of development projects is minimized compared to any other

architecture thus far identified. This minimizes front-end cost, and offers

reasonable expectation of manned return to the Moon by 2004 under likely funding

constraints.

(3) Flight mechanics constraints for LOR operations are avoided.

(4) The tandem-direct LTV is a starting point for evolutionary paths to all other

identified lunar architectures.

(5) A lunar aerobrake can be tested on the unmanned booster stage of the

tandem direct system, accomplishing flight testing on a stage otherwise expended,

at little performance cost, withourxisk to the crew.

b. Invest in cryogenic storage and management technology and in a 30K-class

advanced expander cryogenic engine with 10:1 or better throttling capability, Figure 1-36.

These activities are candidates for advanced development. Benefits are:
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(1) Without advanced development of a low-boiloff flight-weight cryogenic

insulation system, the lunar program may be forced to select a storable propulsion

system for lunar vicinity operations. The cost impact is many billions of dollars.

(2) An advanced expander engine offers about 20 seconds' Isp gain over a

modified RL-10, and can incorporate and demonstrate advanced health monitoring

and maintainability features essential for Mars missions.

c. Baseline nuclear thermal rocket propulsion for Mars. Initiate a technology

advancement program with emphasis on high-performance fuels and full-containment

ground test facilities. Benefits are:

(1) The nuclear thermal rocket is indicated as the most economic and flexible

Mars transfer propulsion system over a wide range of program activity levels,

Figure 1-37.

(2) Nuclear rocket vehicle performance is sensitive to specific impulse. The Isp

gain for carbide fuels is well worth the technology investment.
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(3) Development and qualification testing of a nuclear rocket will require a

proven test facility technology that fully contains, and removes radioactivity from

the hydrogen working fluid.

(4) Nuclear rocket performance enables a modest lunar program and significant

Mars exploration with about six launches per year of a 100-tonne class HLLV.

(5) The nuclear rocket baseline offers reasonable expectation of an initial

manned Mars mission by 2010, under likely funding constraints, assuming a

modest lunar program.
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d. Accelerate aerobraking technology for Mars aerocapture as a backup to the nuclear

rocket, targeting a decision between the two in the 1996-2000 time frame. Benefits are:

(1) There is enough doubt regarding NTR performance and cost, especially for

test facilities and testing, that a backup is appropriate at this time.

(2) Aerobraking is needed for Mars landing. While the technology challenges

are less daunting than for aerocapture, they nonetheless merit a technology

program.

(3) Aerobraking technology keeps other options open, including Mars direct,

cycler orbits, and the NTR-dash profile identified as one of the most promising in

the event Mars exploration advances to a need for a crew rotation and resupply

mission profile, Figure 1-38.
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All-propulsive

"- 40'u
--'- 2018
----'-- 2018 4'

30 "--'-- 2025"-----" 2025

_ 3' Clryogenlc

_b i Aer°_ed Nuc'llri

20 rake l, Thermal
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°o l"oo doo 4oo Conjunction Fast Transfer
Transfer Time (days)

MARS AEROCAPTURE BENEFIT FOR CONJUNCTION FAST TRANSFER

FI(3LrRE 1-38

(4) Aerobraking is economic for lunar transportation at a lunar flight rate of two

or more per year.
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e. Performaerobraketests on the LTV booster, to put the technology on the shelf for

Mars application. Benefits are:

(1) If the lunar program grows to high activity levels, the lunar aerobrake is

economically justified.

(2) A space-assembled aerobrake is needed for Mars landing.

(3) Assembly of a lunar aerobrake appears to be relatively straight forward.

(4) Aerocapture technology is needed as a backup to the selected preferred Mars

architecture, and is also needed for the NTR-dash mode recommended for Mars

base crew rotation and resupply.

f. Designate solar-electric propulsion as a "dark horse" for Mars transportation, and

conduct a technology advancement effort aimed at removing the barriers to a high-

performance, economic SEP system Figure 1-39. The targets are: (i) light weight, high

performance arrays with improved radiation hardness; (ii) automated production technology

capable of producing the arrays at about $100/watt; (iii) robotics technology capable of

constructing the large SEP space frame truss and deploying the arrays and power collection

and processing systems; and (iv) long-life, high power density, efficient electric thrusters.

Benefits are:

ROI COMPARISON SEP AND NTR FOR FULL SCIENCE PROGRAM

FIGURE 1-39
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(1) If safety considerations preclude operation of nuclear propulsion systems in

low Earth orbit, SEP is the only option offering significant economies over

cryogenic/aerobraking.

(2) If the low-cost array target is achieved, SEP has a large economic advantage

over nuclear electric propulsion.

(3) SEP is the most likely architecture (of those presently identified) for

eventual private sector use for Mars settlement.

(4) SEP technology has possible derivative benefits, e.g. power beaming to

planet surfaces.

g. Continue the present emphasis of the nuclear space power program on near-term

systems applicable to planet surface power, but augment with (i) further studies to better

understand the probable cost of nuclear power systems suitable for electric propulsion, and

(ii) modest funding of high-leverage high-performance power conversion technology.

Benefits arc:

(1) The DDT&E and production cost estimates made in this study, high enough

to eliminate nuclear electric propulsion as a top contender, are clearly very

preliminary. As NEP systems are better understood, cost estimates may come down

(see Figure 30).

(2) High-performance power conversion technology is necessary to keep the

option open. High-leverage technology advancements can be made with modest

funding.

1.9.2 Indications for Lunar Architectures

Lunar transportation operations include those serving lunar missions, and for some

architectures, those serving Mars missicms. The L2 libration point as a Mars node offers

performance advantages for low-thrust systems and for cryogenic systems using lunar

oxygen, but does not have a reun-n-on-investment advantage. For NEP and SEP the Moon

itself is not involved; the L4 or L5 points, far from the Moon, may serve about as well.
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However,if high-thrust systems are used for LEO-libration point operations, availability of

lunar gravity assist favors L2 over the others. The L2/lunar oxygen option for Mars

involves the Moon as a source of propellant.

Considering all the candidate architectures, there are seven relevant lunar mission modes;

the first three apply to all Mars architectures and the last four only to those involving the L2

node. With suitable tailoring of requirements, all modes can be served by two vehicle

sizes, an LTV-like vehicle at about 110 to 130 t. propellant load and an LEV-like one at

about 25 to 30 t. propellant load. Modes staging at low lunar orbit need one of each size.

Direct and L2 modes to the lunar surface use the larger size; crew missions to L2 need only

the smaller size. Considering all modes, both vehicle sizes need to be compatible with an

aerobrake and with lunar landing.

The maximum lunar surface payload delivery capability occurs with the tandem LTV direct

mode. The booster LTV can be recovered in LEO with very little penalty; the upper stage

LTV stays on the lunar surface with the landed payload. The payload capability of this

mode is about 45 t., enough to land a complete integral "campsite" lunar surface habitat,

suitable as an overnight shelter for a crew of four.

An LTV mode staged at L2 is moderately efficient for lunar oxygen delivery to I2. About

65 t. to LEO serves to deliver 95 t. of lunar oxygen to L2, with ordinary rocket propulsion;

no mass driver or other exotic device is needed. This leverage for oxygen delivery makes

the L2 node attractive for Mars missions; without lunar oxygen, the L2 node is not

performance-wise competitive.

1.9.3 Technology Advancement and Advanced Development

Our current recommendations for technology advancement and advanced development,

with schedules and funding estimates are shown in Figures 1-40 and 1-41. The funding

level averages about $300 million per year. If we consider the median (full science)

program as representative, the technology/advanced development program is about 2% of

the life cycle cost of the program to 2025;',a modest investment.
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-Adv. Dev.

5 - VehicleStructures -Tech.
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1.9.4 Minimum Program Life Cycle Cost Spread

The minimum program life cycle cost spread peaks between five and six billions per year,

Figure 1-42. The deep valley between lunar and Mars peaks indicates that the Mars

program should occur earlier in this program. The minimum program involves relatively

modest investments in surface systems and falls well below the SEI funding wedge implied

by the Augustine Committee recommendations (Reference 17).

1.9.5
Median (Full Science) Program Life Cycle Cost Spread

The median life cycle cost spread peaks at about eight billions per year, Figure 1-43. With

addition of likely surface systems costs, this program probably exceeds the Augustine

guidelines during the peak years. The median program has the capability of providing a

science and exploration output many tin_ that of the minimum program. Lunar human

presence grows fi'om an occasional 45 days to permanent presence of six people, and Mars

surface time grows from about four man-years to about 30. In other

words, a roughly 50% increase in cost leads to about an order of magnitude increase in

exploration and science potential.
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1.9.6 Median (Full Science) Program Life Cycle Cost Spread for

Reduced Early Lunar Program

By deferring major lunar activities, the median program is brought within the Augustine

guide lines, Figure 1-44. Permanent human lunar presence is delayed until after the Mars

DDT&E peak. The early lunar program is like the minimum scenario, i.e. man-tended

astrophysics observatories.
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Another way to level the funding prof'de for the median program is to defer Mars by a few

years. The reference median program achieves a Mars landing in 2010 (2009 departure).

Deferral to about 2016 would probably smooth out the funding profile much as did the

reduction of the early lunar program. Otlr view was that getting to Mars early was more

important than an early buildup to permanent lunar presence. The partially deferred lunar

program still achieves astrophysical observatories early, but defers permanent human

presence until after the major Mars mission DDT&E is complete.
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1.9.7 Industrialization and Settlement Cost Spreads

Our maximumscenarioinvolved simultaneousindustrializationof theMoon andprogress

towardssettlementof Mars,Figure 1-45. As thecostspreadshows,this is clearly beyond

the funding levels recommended by the Augustine Commission. Both premises of this

scenario (i.e. industrialization and settlement) suggest significant private sector

involvement. An additional investment on the order of $100 billions over about 20 years

builds upon a plausible public-sector program of science and exploration to create a

program involving the private sector for industrialization and settlement. This amount is

more than the private sector investment in the Alaska off pipeline by a factor of three to

four, and less than the private investment in oil supertankers since the closure of the Suez

Canal.
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%

The economic potentials of lunar and/or Mars industrialization and settlement are presently

not at all understood. We have made an effort at estimating the costs. We have little idea

as to the eventual payoffs.
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1.9.8 Open Issues

It is not presently possible to provide a comprehensive list of remaining architectural

issues. Those that emerged in the last six months of study are:

a. The risk versus cost tradeoff for Mars trip time: How much should we be willing

to pay to reduce trip time?

b. The cost and risk tradeoffs for the Mars direct and cycler architectures; these need

further analysis and evaluation.

c. Importance of galactic cosmic ray radiation dose to overall mission risk and the best

engineering solutions to controlling radiation dose risk, i.e. shielding versus reduction of

transfer time.

d. Full understanding of the nature, cost and facilities for vehicle assembly and turn-

around operations in low Earth orbit, and how to minimize impact of these factors by

proper design of the elements of transtx3rtation architectures.

e. Mission prof'tle, design and operational strategies to deal with the problem of Mars

opportunity launch windows.

1.9.9 Conclusions

The basic in-space transportation architectures for Mars, i.e. cryogenic/aerobraking,

nuclear thermal rockets, and nuclear and solar electric propulsion, are all competitive under

plausible circumstances.

Before ultimate selections among these architectures can be made, better def'mition is

needed as to the nature and activity level of the lunar and Mars exploration and development

programs that will be a part of the Space Exploration Initiative. We also need to conduct

continuing design, performance, opera_ons, cost, and architectural studies as well as

technology advancements to better define technical performance capabilities, risks,

operational problems, and development and operations costs.
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2. CONCEPTS & EVOLUTION

2.1 Introduction

2.1.1 Three SEI Program Scales

The Space Transfer Concepts and Analysis for Exploration Missions (STCAEM) study

partitioned the field of possible implementations of SEI into three representative scales, as

explained in Section 1: (1) a minimal-scale program which meets the "lunar stay" and

"Mars mission" requirements specified by the President in 1989; (2) an aggressive science

program which picks up the former milestones, while focusing on science return as

recommended by the Augustine Commission (Reference 17); and (3)a large-scale

program which reaches eventually for industrialization of the Moon and the settlement of

Mars. These three classes of programs provided the calibrating context within which the

current study developed in-space transportation element concepts and evolution scenarios.

All transportation systems are driven by physical constraints of their destinations, as well

as by issues of scale -- the amount of payload and the frequency of transport. The

difference between our minimal and large reference program scales represents roughly an

order of magnitude in exploration accomplishment. We have developed vehicle (element)

concepts capable of covering this entire range, and have analyzed evolution scenarios both

spanning and exceeding it.

2.1.2 Technical Architecture Primary Requirements

•During the course of the STCAEM study, and particularly during the 90-Day Study

(Reference 5), many SEI (then HEI) transportation requirements were generated by

NASA's Office of Exploration Level II. These are reported as appropriate and necessary

in various sections of this report, as well as in References 7-11. Here, space only permits

a summary discussion of the top-level reqtlirements adopted by the study as they evolved.

The concepts developed and analyzed ultimately were to accommodate the in-space

transportation functions required to support the buildup of a permanent presence on the

Moon and initial human exploration of Mars. Stated simply then, our chief requirement

was to deliver cargo reliably to the surfaces of the Moon and Mars, and to get people to
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those places and back safely. The focus provided by SEI definition in the summer of 1989

precluded the need for the current study to examine vehicles in support of missions to other

destinations. Planet surface system characteristics and Earth-to-orbit (ETO) launch vehicle

characteristics were adopted as needed for manifesting purposes, largely intact from other

sources. No design work was performed for these two categories. In addition, the

mission planning horizon was limited to the year 2025, about 35 years from now.

The chief NASA - Level H requirement governing the dimensions of the vehicle concepts

we developed came to us during the 90-Day Study, and was a crew size of 4 for Mars

missions. As discussed in Section I, a later, simple skill mix analysis for these long-

duration missions showed that doubling up on critical skills (for redundancy), given

reasonable expectations of how many skills each crew member could become expert in,

requires in fact a minimum of 6 - 7 crew members for Mars missions. For the sake of

consistency, our vehicle concepts are shown comparable to the 90-Day Study results,

sized just for four crew. Effects of larger crew sizes are discussed in Section 2.3.

2.1.3 Concept Development Methodology

A vehicle concept emerges gradually through the iterative combination of requirements

analysis, subsystems analysis, mass synthesis, performance analysis and configuration

design. Because of the cascading, cause-and-effect nature of specific technical decisions in

this cyclic process, the ability for a particular concept to remain fully parametric is

incrementally lost, sacrificed for depth of detailing. The need to penetrate deeply even at

the conceptual stage is twofold: (1) to uncover subtle integration interactions whose

ramifications fundamentally revise the concept as they reflect the information hierarchy; and

(2) to enable the production of graphical images of the concepts capable of being

communicated widely but grounded firmly in engineering detail. If circumstances allow the

concept development process to engage many cycles of reflexive adjustment, from

requirements all the way down through subsystem detailing, the design oscillations subside

eventually and the product that emerges is a robust and defensible concept. Basic

differences in problems posed and solutions engineered lead concept developments in

differentdirections."Like" problems and solutionsgravitatetogether,theirrecombination

and resolutionresultsin distinct,identifiablevehicleconcepts which constitutevehicle

archetypes. A concept isarchetypalifitspawns concept progeny whose ancestryisclear,

and if in so doing its salientfeatures recognizably survive subsequent refinement,

development and scaling. The ultimatepurpose of the currentConcepts and Evolution
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tasks was to generate, analyze, evaluate and describe such vehicle archetypes, and the role

they could play in human space exploration missions.

The architecture analysis identified seven major classes of transportation architecture for

SEI lunar and Mars missions. Some are derived from different propulsion technology

candidates; some are derived from distinct mission philosophies independent of propulsion

method; most have many sub-options. Vehicle archetypes are keyed more closely to

propulsion method than to mission mode, however, so we found that all seven SEI

transportation architectures can be accomplished by derivative combinations of just five

archetypal Mars transfer vehicle (MTV) concepts, two archetypal Mars excursion vehicle

(MEV) concepts, and one archetypal lunar transportation family (LTF) concept. The

concept evolution of these archetypes is outlined in Section 2.2.

2.1.4 Design and Neckdown Criteria

The concept development was punctuated by four "neckdowns", which winnowed down

the option candidates generated at each successive level of detail throughout the study. The

four neckdowns were intended to result in" (1) feasible options, based on promising

propulsion technologies capable of performing SEI-class missions - the advanced

propulsion candidates which survived are shown in Figure 2-1; (2) preferred options,

representing the handful of candidates whose performance and technological readiness

were judged to warrant detailed study - a scaled overview of STCAEM vehicle concepts is

shown in Figure 2-2; (3) integrated concepts, vehicle archetypes developed sufficiently to

uncover their major integration concerns and architectural context - as an example, an

iterated design for a Mars nuclear thermal rocket is shown in Figure 2-3; and (4) detailed

concepts, based on the reconciled integration of traded subsystems - a detail of the power

conversion plumbing designed for nuclear electric propulsion is shown in Figure 2-4. The

90-Day Study occurred such that the fn'st two neckdowns were effectively reversed;

cryogenically propelled, aerobraking technology was necessarily preferred at that time, due

to depth of understanding. The study rounded out the picture by completing all four

neckdown activities.
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ADVANCED PROPULSION OPTIONS DEEMED PRACTICAL FOR

MARS MISSION STUDY

FIGURE 2- I

The program architecture analyses of various technology options for SEI missions led to

the conclusion that the most general discriminators, cost and risk, are driven by technical

discriminators different than, for instance, initial mass in low Earth orbit (IMLEO). These

can be grouped into three broad categories: feasibility, flexibility, and multi-use design. As

indicated above, feasibility was the first filter for all concepts considered. Flexibility has

three components: (1) robusmess, which is the ability to perform nominally despite

variable or unanticipated conditions; (2) resiliency, which is the ability to recover from

accidental delays or mishaps; and (3) evolution, which is an adaptation over time to

changing requirements. Flexibility is thus a measure of a program's technical strength and
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safetyin the face of variableextrinsicfactors. Multi-use design has two components:

(1) re-usability,which means using the same hardware item more than once; and (2)

commonality, which means using the same hardware design in more than one setting.

Multi-use design is thus a measure of a program's cost-effectivenessand intrinsic

longevity. Because of the leverage thesetwo key architecturedrivershave on decreasing

life cycle cost and improving the return on investment, they were paramount in interpreting

the results of the technical trade studies, and figured prominently in the development of

element concepts.

i!
&

Element mass (kg)

MEV descaerobrake 7000

MEV ascentstage 22464

MEV descentstage 18659

MEV surface cargo 25000
MEV total 73118

MTV crew hab module 'dry' 28531

MTV consumables & rcsupply 5408

science 1000
MTV crew habitatsystem tot 34939

MTV frame, struts & RCS inert wt
Reactor/engine weight
Radiation shadow shield weight

EOC propellant (dV=2654 m/s)
TEI propellant (dV-3900 m/s)
EOC3TEI common tank wt (1)

MOC propellant (dV=3870 m/s)
MOC tanks (2)

5593
9684
4500

27756
59245
13845

151680
25572

TMI propellant (dV--4201 m/s) 286146
TMI tanks(2) 43092

ECCV 0
Cargo to Mars orbit only 0

IMLEO 735190

2016 opposition with Venus swingby

434 day mission time

INTEGRATED CONCEPT FOR A NUCLEAR THERMAL PROPULSION VEHICLE

FIGURE 2-3
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2.2 Results

2.2.1 Lunar Transportation

During the 90-Day Study, NASA's two Office of Space Hight (Code M) Space Transfer

Vehicle (STV) contractors supported development of SEI lunar transportation concepts.

That work treated lunar SEI missions (and evolution to the support of later Mars missions)

as the far end of a more near-term STV program, most of whose missions were satellite

delivery and servicing requirements derived from Civil Needs Data Base (CNDB)

projections. This study's contribution to that work was primarily crew system design,

since this was recognized as offering potential for commonality with crew cab design for

Mars excursion vehicles (MEVs).

DETAILED SUBSYSTEM CONCEPT FOR A DYNAMIC NUCLEAR POWER

CONVERSION SYSTEM

FIGURE 2-4

Later, we began to address the complete design of a lunar transportation system. Because

of our Mars concept experience, our perspective was particularly sensitive to evolutionary
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systems; the approach of looking back from a Mars mission perspective is thus

complementary to that of the parallel NASA studies. Our effort was guided by attention to

two broad drivers. The first of these drivers is the technical requirements whose resolution

had proved so inwactable for earlier concepts:

a. State-of-the-artunderstanding of constraintsimposed by the detailedgeometry of

aerobraking upon Earth return: non-symmetrical relativewind configurationsfor lifting

flightprofiles;off-axisplacement of composite mass-center (CM); and changing mass-

balance conditionsdue to sequentialpropellantexpulsion.

b. The need m accommodate "mixed" payloads in a reasonable lunar exploration

program: versatilityin the deliveryof a wide varietyof heavy-cargo payload manifests,

which rarelyifevercan be dividedintotwo or fourequallyheavy pieces;cargo processing

and loadingrequirements inLEO; cargo exchange betwcon transfervehiclesand excursion

vehicles;cargo offloadingon the surfaceof theMoon; cargo placement on manned flights;

crew access to the surface, and shirtsleeve (IVA) exchange of crew between transfer and

excursion vehicles.

c. Provision for u-ansfer of cryogenic propellants: a typical scenario is supplying

LH2, brought from Earth by a transfer vehicle, to a reusable lander based in low lunar orbit

(LLO). Cryogenic propellants arc baselined, of course, because of the requirement for

high-thrust propulsion for planetary landing and ascent. (The use of nuclear thermal

propulsion for lunar transfer is potentially am-active, but still involves cryogenic propellant

management.)
t

d. Potentialfor fullsystem reusability:designs which drop tanks arc betterfor

limitingacrobrake size,but have negativecostimplicationsforadvanced cryogenic storage

technology, and negative operationalimplicationsvia the accumulation of empty tanks in

cis-lunarspace and on the lunar surface. Mission modes which positmultiple annual

flightsforseveraldecades driveus toconsiderfullreusability.

The second broad driverisvehicleadaptability.Over severaldecades of lunaroperations,

many mission modes should be accommodated. What isneeded isnot so much a single

vehicleor pairof vehicles,but ratheran evolving lineageof vehicles,fabricatedon long-

lived production lines,which can be adapted gracefully and economically to handle

contemporary requirements. Two observationskeyed thisinvestigation:
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a. Lunar flight hardware decisions will probably be made before final site selection

decisions. This means that the lunar transportation architecture should not constrain site

selection to less than potentially global access. Many possible mission modes must be

preserved by the architecture.

b. An early lunar surface operations capability can be obtained by using a tandem-

direct flight mode, in which one lunar transfer vehicle (LTV) boosts another, "campsite"

LTV, to a fractional-orbit, direct landing on the Moon. The crew would be sent separately

on an identical prof'fle, returning directly to Earth's surface in their heat-shielded crew

capsule. No LLO operations, aerobrake, LTV recovery, or space station rendezvous upon

return would be needed, nor would a specialized lunar lander (LEV).

What resulted was a lunar transportation family (LTF) concept (Figure 2-5 shows some

key members of this family) consisting of various "models" of two basic, cryogenic vehicle

"chassis": an LTV with 110 t propellant capacity, and an LEV with 25 t capacity.

Particular vehicle combinations from this evolutionary family can handle many distinct

mission modes (Figure 2-6 lists just 11 of them), to provide versatile, flexible service for

decades as mission requirements evolve. Our preferred evolutionary scenario for the LTF

is shown in Figure 2-7. For instance, the addition of an aerobrake would permit unmanned

recovery of the boost-stage LTV, providing invaluable flight qualification experience for

later man-rating. (Such an aerobrake can be essentially the symmewicai central core of the

asymmetrical Mars-class aerobrakes discussed later, as the L/D requirement is only about

0.25 for lunar missions; aerobrake technology evolution is then enhanced.) A heavy-cargo

lander would be a modest upgrade to the campsite vehicle design. If the scale of the

exploration architecture justified the more efficient lunar-orbit-rendezvous (LOR) mode, a

dedicated lunar excursion vehicle (LEV) could be introduced. For fully reusable

operations, a version of the campsite habitation module would provide crew support during

the extended wait required by return orbit phasing. If electric propulsion (SEP or NEP)

Mars missions were operated efficiently through a lunar libration point, LTVs could

support these as well as lunar operations. Also, LTVs could supply the final capture •

propellant to a nuclear thermal rocket vehicle returning from Mars. Lunar transportation

operations can be upgraded to the use of lunar-derived oxygen (LLOX) with this family of

vehicles. All combinations of crew and cargo manifests identified so far for lunar support,

and all lunar-related SEI missions identified so far, can be accommodated by the lunar

wa.nsportation family (LTF).
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FIGURE 2-6
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2.2.2 Habitation Systems

Def'mition of crew habitable systems proceeded during the entire study because of their

high mass leverage on integrated vehicles, and concentrated on building up mass manifests

from the subsystem level. Many of these data were adapted directly from contemporary

data generated in the Space Station Freedom program, with adjustments made for

differences in mission requirements, operating conditions and projections of second-

generation improvements (particularly with regard to subsystem masses). The earliest

Mars crew size selected was five; the 90-Day Study later pared this down to four, used as a

reference minimum for most of the study.

An aspect of our approach was to discover how the small, crew "cab" concepts required for

lunar transfer, lunar landing, and Mars landing could be driven toward some common

design, in the service of the multi-use program philosophy. We developed a baseline

structure concept for them derived from Space Station Freedom habitation module

technology, but with evolutionary structural variations to reduce mass (unpenetrated,

eUipsoidal end domes; removable LEO debris shielding that "stays home" when the mission

begins; and a thin skin pressure-stiffened for ETO launch). Varying the 4.4 m-diameter

barrel-section length can accommodate a wide range of crew sizes and flight durations.

Specifying open-loop life support systems appropriate for short-duration cab use and

shortening the barrel section to the minimum required for hatch penetrations leads to an EV

(descent, ascent and short surface stays) cab suitable for up to 8 crew, shown in

Figure 2-8. Sizing the module for 3 - 4 week durations, adding a radiation storm shelter

and increasing ECLSS closure leads directly and simply to an LTV crew hab.

The problem of long-duration space habitation incurred by Mars transfer (an order of

magnitude longer duration than SSF duty tours) requires a fundamentally different solution

than simple evolution of SSF modules. Since the pressure vessel itself represents a

relatively modest fraction of the mass, and a small fraction of the cost, of habitation

systems, this does not mean an abrogation of commonality.

t-

The high mass leverage of Mars mission habitats argues strongly against dusters of several

small modules; and the availability of heavy-lift launch permits integration of large, unitary

modules on the ground. We performed a major wade study aimed at determining a

habitation system concept appropriate for integration into Mars mission vehicle archetypes.
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We examinedcrew sizes ranging from 4 to 12; module diameters ranging from 4.4 to

10 m; module end-dome aspect ratios ranging from 2 to 10; microgravity and artificial

gravity conditions; vertical and horizontal module orientations; internal floor and pressure-

bulkhead arrangements; 34 module clustering topologies, for clusters of from 2 to 6

modules, using 7 topology metrics; internal spatial characteristics using 10 geometry

metrics; crew perception by soliciting 56 individual responses to 6 reference layouts;

and 5 construction technology options based on 15 candidate materials systems. In all,

1480 distinct options were considered, and necked down to 150 prime candidates, as

diagrammed in Figure 2-9.

These were compared in four categories: (1) functionality, or how well they would

accommodate crew activities and safety; (2) integration, or how wen they would work

with other vehicle systems and the rest of the SEI architecture; (3) cost, measured by

mass, manufacturability, ease of outfitting, and commonality potential with surface base

applications; and (4) perception, or how comfortable they would appear for human

occupants. Thirty "finalist" module system candidates were fully mass-estimated,

including internal outfitting subsystems.
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FIGURE 2-9

The preferred concept shown in Figure 2-10, is 7.6 m in diameter; has 2:1 aspect-ratio

end-domes; is oriented "horizontaUy" with a cross-section, bisecting pressure bulkhead;
e

has two longitudinal floors, and can accommodate up to 12 people in stretched versions

before becoming unwieldy in length. Given a reasonably sized HLLV, such a habitation

system could be launched intact, already fully integrated, to LEO ; versions sized for up to

10 crew could be landed on the Moon, ready to use, by our LTF.
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Major Features

• 7.6 m diameter

• 2:1 aspect ratio, unpenetrated
end dorres

• Cross-section, bisecting bulkhead

• Diametral tension - tie, deep floor
• Extensive commonality across

architecture: g-field optimized

6 Crew Configuration

PREFERRED REFERENCE LONG-DURATION CREW MODULE CONCEPT

FIGURE 2-10

In terms of functionality, the unitary vessel minimizes leakage and parts count and permits

a wide variety of internal outfitting designs. Its diametral main floor maximizes nominal

floor area and facilitates a mass-reducing tension-tie structure system analogous to

pressurized jetliner cabins. The compact domain is good for access-time contingencies,

and the horizontal orientation has the best overall multi-floor efficiency in gravity fields for

a range of crew sizes. The pressure vessel concept offers less intrinsic wall area for

mounting equipment than do smaller-diameter options, but this can be compensated by

internal partitioning design.

Considering integration, the concept minimizes orbital assembly operations required,

simplifies ground-installation of internal subsystems, is compatible with a launch shroud

size likely available even early in SEI, facilitates vehicle packaging behind or inside

aerobrakes, and can accommodate very large crews through simple clustering.

In terms of crew perception, our survey results showed that for iso - volume options,

technical professionals tend to perceive larger diameter concepts as more spacious. The

horizontal module's overhead barrel vault remains proportionately invariant with crew --

and hence module -- size and is thus superior to the overhead dome available in verticaUy-

oriented modules. The preferred concept has a better plan aspect ratio than smaller-

diameter options; however, it does suffer from a low "circulation option boredom" score

and a low intrinsic number of distinct spatial units. While these are potentially important

for long-duration missions, both can be compensated by internal outfitting.

Cost-wise, the selected concept suffers from fewer size-related fabrication complications

than do the larger-diameter options. Well-understood welded-metal technology could be
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used for its fabrication, but the concept represents a prime opportunity for materials and

process improvements to be brought on line. Specifically, a filament-wound technique

using continuous SiC fibers in a plasma-sprayed AI matrix appears promising. The

selected concept was among the lightest-mass options investigated, as shown in Figure

2-11; in particular it is far better than cluster options. Finally, the most far-ranging cost-

reduction leverage of all may be the concept's straightforward adaptation to planet surface

base applications.

45000

SSF 8-crew baseline pressure vessel
mass, less JEM & ESA; Feb90 7%
weight growth allowance unburdened

35000-
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For crew sizes over 6, larger-diameter concepts have an increasing ]weight advantage over small-diameter cluster concepts )

PRESSURE VESSEL MASS COMPARISON OF CANDIDATE CONCEPTS

FIGURE 2-11

124 D615-10030-2



The preferred long-duration habitat module concept was incorporated into all MTV

archetypes developed. Our subsystems def'mition of the interior of the reference module

presumes the crew size of six our Mars mission skill mix analysis recommended. The

initial structure concept presumed in the habitat trade study (which kept internal equipment

inertial load paths distinct from the pressure-containing module skin) was retained for

further study. Skin thickness required for minimum-gauge considerations keeps this from

being the minimum-mass approach, but the clear structure concept did permit a quick

interior design model to be developed. All loads are brought to the bisecting bulkhead via

the two floors (which incidentally stiffen both sides of the bulkhead against the contingency

pressure load), which are tied together by a shear-panel arrangement of the partition walls

dividing up the lower deck. Thus the entire module interior is a deep beam/frame

cantilevered from the bulkhead.

Expanding on work done for the habitat trade study, a crew activity functional analysis was

performed, followed by proximity analysis to establish intcrconnection and interference

requirements among the allocated functions. These data were worked into a successfully

zoned layout (Figure 2-12): crew cabins and vehicle operations "downstairs", on opposite

sides of the bisecting bulkhead; and galley, living, major hygiene, athletic and recreational

areas "upstairs" in the higher-ceilinged spaces. The module primary and secondary

structure, internal architecture, furniture, equipment and supplies were computer-modeled

using a limited palette of representative materials, to prepare for detailed radiation analysis.

Detailed results are expected to indicate promising bulk-mass radiation protection

geometries practical for long-duration missions. For this initial assessment, no dedicated

"storm shelter" was designed in; however, sufficient consumables, equipment and structure

are configured around the galley area to constitute the beginnings of an "extended storm

shelter." Detailed radiation transport analysis will determine what more needs to be done

for adequate crew protection from short-term solar proton events (SPE) as well as long-

term galactic cosmic ray (GCR) flux.

Earlier in the study, we had developed a concept for a dedicated storm shelter combined

with the galley, which pioneered the synthesis of two requirements: (1) crew-carrying

missions outside the protective geomagnetic field require bulk shielding to attenuate high-

energy protons from SPEs; and (2) materials rich in hydrogen and other light elements

are the best proton attenuators, and long-duration missions require many tonnes of

D615-10030-2 125



7.6 m

Upper Deck

16.2 m

Lower Deck

INTERIOR LAYOUT SU1TABLE FOR RADIATION DOSE MODELLING

FIGURE 2-12

consumables for the crew (over 2 t/man for conjunction-class transfers). We were led

naturally to the development of a galley concept with well-packaged food and equipment

stowage, which could double as a storm shelter (Figure 2-13), and augmented only where

strictly necessary by dedicated radiation stffelding. In fact, this coincidence of the need for

shielding mass and the need for consumables tends to argue against the conventional

wisdom that advanced ECLSS closure including food growth is required for Mars-class

missions. The mass saved by food closure might be required anyway for shielding.

Detailed radiation transport modeling is expected to help resolve this issue.
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2.2.3 System Commonality and Evolution

Because commonality has high leverage for program cost-effectiveness, STCAEM

developed an evolutionary strategy for facilitating, and benefitting from, commonality. The

greatest commonality challenge is betweerr early systems designed for lunar missions and

later systems designed for Mars missions. Because of similar flight regimes, crew systems

requirements and durations, excursion vehicle crew cabins for lunar and Mars uses proved

most an_nable to strict commonality; for conceptual purposes the LEV and MEV crew cabs

can be considered just slightly different "models" of the same element.
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An effort was made to extend the commonality approach to entire excursion vehicle designs

for the Moon and Mars. This extreme degree of commonality was conceptually feasible

only for a particular size class of vehicle (a 25 t propellant-capacity vehicle typical of LEV

designs is comparable to a so-called "mini-MEV," which would take 3 crew and 1 t

payload to the surface of Mars). Except for this special case, the differing gravity levels of

the Moon and Mars, and configuration complications arising from aerobraking upon

descent at Mars, tend to drive LEV and MEV designs apart. The LEV and MEV are likely

to come on line years apart in any case, and we found a more productive way to introduce

commonality.

We found it usefal to consider commonality at three program levels: (1) the mission design

level, using the same mission design to accomplish different programmatic architectures (a

problematic category because mission designs are by definition tied to unique

requirements); (2) the functional element level, using end-items from the same production

line to fill different roles within a given mission design (the most appropriate example we

developed is the evolutionary LTF described earlier); and (3) the performing subsystem

level, using system assemblies or components from the same production line in different

functional elements (a sensible way to standardize industry, get predictable performance

and facilitate product longevity). This latter approach, applied to engines, sensors,

processors, some structural components and modular Life support hardware, shows great

promise for cost-effectiveness and preserving program resiliency. At the component level,

extensive commonality can be worked into the fabric of SEI, as shown in Figure 2-14.

Another application of this subsystem/component commonality-for-evolution approach is

the potential use of hardware systems developed mostly for lunar transportation (and

augmented by long-duration crew systems) for early Mars missions staged out of high-

orbit node locations like Earth-Moon L2. Earth-departure (TMI) delta V for this mission

mode is such that the need for a large TMI stage is obviated altogether, as is the need for a

large cryogenic space engine. The use of chemicaUy-propelled technology for Mars

missions thus permits early accomplishment if the lunar systems are evolved carefuUy.

2.2.4 Mars Transfer Propulsion Options

The 90-Day Study precipitated a reversal of the first (feasible concept) and second

(preferred concept) neckdowns described earlier, since NASA was required at that time to

focus immediately on candidatesalready known tobe feasible.In order to proceed with
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the performance analysis of advanced propulsion options after the 90-Day Study, to-

scale initial con_figuration concepts were developed for: NTR (solid-core nuclear thermal

rocket), GCR (gas-core nuclear rocket), NEP (nuclear electric propulsion, and SEP (solar

electric propulsion). Conceptual designs were then engineered for all of these except GCR

after the feasibility neckdown verified their promise. A significant accomplishment of the

current study was to demonstrate that trip times available with electric propulsion through

good mission design make it a viable and competitive candidate for crew-carrying missions

as well as cargo missions. This result substantially broadened the range of options

available for Mars-class SEI missions.

Combining the lessons learned from engineering those vehicle concepts with the results of

our transportation architecture assessment led us directly to a vital conclusion of the

STCAEM study regarding Mars transportation systems: All the prime propulsion

candidates "win" on some scores but none win on all scores; how the candidates compare

depends critically on what the program is trying to accomplish, as compared in
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Figure 2-15. Ifearlyaccomplishment, with currenttechnology,ina small-scaleprogram

isparamount, cryogenic-all-propulsive(CAP) looks best. If fasttriptimes,and a wide

range of payload sizesisparamount, NTR looks best. Ifvery largepayloads, many trips,

and even missions beyond Mars are important,NEP looks best. And ifhigh performance,

extreme redundancy and non-nuclear technology arc paramount, SEP isthe clearwinner.

STCAEM was taskedwith drivingto comparable levelsof detailvehicleconcepts based on

the prime propulsion technology candidates. Itisnot possibleat thistime to perform a

"finalneckdown" to a single,preferred mission system, because SEI lacks sufficient

architecturalspecificationso far.Once explorationactivityprioritiesare established,and

crew sizes,payload manifests,flightratesand the number ofmissions arc determined,then
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the performance and design integrationdatacan bc used to match an appropriatevehicle

archetype to thoserequirements. As discussedin Section4, NTR presentlyappears tobe

the most versatilebaselinefor areasonably-sizedSEI program.

130 D615-I0030-2



2.2.5 Mars Transportation Vehicle Concepts

Analysis of aerobraking resulted in two performance ranges of interest for Mars entry

(hypersonic L/D = 0.5, and L/D = 1.0), as well as the use of high-energy aerobraking

(HEAB) for capture at Mars. Two archetypal MEV concepts were developed by

STCAEM, based on the "low" and "high" I./D performance ranges analyzed. In

addition, five archetypal MTV concepts were based respectively on: cryogenic/aerobraking

(CAB), cryogenic all-propulsive (CAP), nuclear thermal rocket (NTR), nuclear electric

(NEP), and solar electric (SEP) propulsion technologies.

2.2.5.1 Low-L/D Mars Excursion Vehicle (MEV)

The MEV archetype development closely followed requirements generated by the 90-Day

Study. It was originally conceived as a means of delivering 4 crew and 25 t of undef'med

payload to the surface of Mars. However, the specification of crew cab provisions, the

analysis of vehicle mass balance, and consequently the configuration design of the vehicle

all depend on specifics of the payload manifest. We assumed a 20 t reference surface

module as an integral part of the MEV. This led to a "Mars campsite" design (Figure 2-16)

intended to support a crew of four for 30 - 60 d. Chief departures from the lunar

campsite mode of operation were:

a. The MEV arrives with the crew already on board, and so is capable of a fully self-

contained mission.

b. The MEV also brings with it an ascent vehicle (MAV) with a separate propulsion

system, configured optimally for the ascent phase (or ascent after breakaway from the

descent stage during a descent abort). The crew cab for the MAV is the operations bridge

for the MEV during all its mission phases.

c. The MEV is configured for packaging within an L/D = 0.5 aerobrake. For CAB

missions, this brake captures the as-yet unmanned MEV into Mars orbit autonomously,

before rendezvous with the MTV, and is used again for the descent. For CAP and other

types of missions with propulsive Mars orbit capture, this brake is used only for descent.

In all design cases, terminal descent engines are extended through ports in the windward

surface of the brake at low Mach number, and the brake is jettisoned subsequently, prior to

touchdown.
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LOW I_./DMARS EXCURSION VEHICLE (LANDER)

FIGURE 2-16
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The MEV configuration was developed to permit later removal and relocation of the surface

habitat module, with the aid of surface construction equipment. A variant of the MEV,

without either surface module or MAV, was analyzed for delivery of heavy cargo on

unmanned missions. A quick assessment was made of the feasibility of re-using an MEV,

presuming in situ production of oxygen and retention of the aerobrake until touchdown.

The assessment indicated that: (1) additional brake hatches appeared necessary for landing

gear deployment, crew egress, and cargo offloading; and (2) a lightweight top-shroud

appeared advisable due to aerodynamic drag on ascent, and to permit the crew bridge to

protrude beyond the presumed wake-protection limit for direct surface viewing during

terminal approach. Configuration options for a "split-stage" MEV, in which the same, or a

portion of the same, propulsion system is used for ascent as for terminal descent, were also

investigated, and shown to be simple variations of the archetype.

Our baseline aerobrake assembly concept presumed robotic-mediated final assembly of pre-

finished, rigid aerobrake segments at Space Station Freedom. Packaging such segments

efficiently by nesting them in an ETO launch shroud is challenging because of: (1) the

aerobrake's asymmetrical, deep-bowl shape, in which the maximum depth of a typical

"slice" is comparable to reasonable shroud diameters; and (2) the aerobrake's lip, required

for both aerodynamic performance and structural stiffening around the free brake edge.

Subsequent manifesting analysis, in which segments were configured according to an

initial rib-and-spar structure concept, indicated that two ETO flights would be required to

launch a single aerobrake in several pieces. Such extremely volume-limited and volume-

inefficient manifesting is an unacceptably poor use of the expensively developed capability

that a heavy-lift ETO system represents.

In response to this manifesting problem, STCAEM proposed the "integral launch" concept,

in which a fully assembled, integrated aerobrake is launched externally, mounted on the

side of the launch vehicle exactly analogous to current STS operations (Figure 2-17). The

low-L/D brake is comparable to the STS orbiter in linear dimensions, and is light enough to

launch two at once, with capacity to spare for other, shrouded payload as well. Ascent

performance of such a flight configuration was analyzed and found acceptable; the critical

question is whether ascent loads would size the aerobrake structure out of the competitive

mass range for the mission itself.
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FIGURE 2-17

Our structural analysis indicates that since the deep bowl-shaped aerobrake tends to load as

a doubly-curved shell, it may be possible to construct an actual "aeroshell" without

resorting to ribs and spars or some other articulated skeletal structure system. The shell

would be made of a relatively thin honeycomb-type material system with integral thermal

protection system (TPS). However, lip buckling would stiU require a stiff rim, probably

facilitated by a closed-tube-section structure. Such a brake may be lighter, and certainly

simpler, but the thickened rim may still cause packaging problems due to nesting

interference.

2.2.5.2 High-L/D Reusable Mars Excursion Vehicle (RMEV)

The RMEV archetype development occurred in response to three drivers:

t-

a. Analysis so far indicates that L/D = 0.5 is sufficient for controlling an aero-

vehicle at Mars. However, the existence of some mission design studies in the literature

which advocate L/D > 1.5 for Mars, combined with our preliminary understanding of

controllability under Mars conditions, make it important to know in detail how different the
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configuration constraints imposed by higher L/D would be from those imposed by the

lower L/D (which by 1989 had come to be regarded as appropriate).

b. As the 90-Day Study stimulated thinking about what the purpose of SEI Mars

surface missions should be, concern developed that global, or at least wide, access to the

surface of Mars was potentially important. High-thrust Mars transfer propulsion systems

(chemical or NTR) tend to be mass-constrained by arrival and departure vector geometry to

certain parking orbit conditions. Although there is no lack of interesting (scientifically

important) landing sites accessible from the periapsis of any orbit at Mars, the fact that

performance-optimized parking orbits are unique for each high-thrust opportunity causes a

site-access problem ff returning to the same surface site is required (e.g., for base buildup

and operations). Thus for high-thrust transfer propulsion options particularly, an ability to

achieve cross-range on lander entry may be important. High L/D enables greater cross-

range capability.

c. Certain Mars lander issues not imposed as requirements during the 90-Day Study

required analysis and design validation. Developing a new MEV concept (Figure 2-18),

substantially different from the baseline MEV, allowed us to investigate those issues

simultaneously and thoroughly. Specifically, we addressed: (1) a deep aerobrake structure

concept, of interest for rnaximnm structural efficiency and therefore reduced brake mass;

(2) the ability to deliver large-envelope cargo manifests, represented in our design by a

long-duration surface habitat module sized for 10 crew; and (3) re-usability of the MEV,

based on in situ production of cryogenic l_pellant.

The vehicle shape represented by the RMEV has applications for other interesting mission

modes, concepts for which have yet to be investigated in derail. Three examples are: (1) a

smaller RMEV, sized commensurately with the MEV to be a modest cargo-delivery vehicle;

(2) a direct-landing MTV, whose return propellant would be. manufactured in situ on Mars;

and (3) re-usable aerobraked "taxi" vehicles capable of performing the Earth-Mars cycler

embark/debark function.
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2.2.5.3 Cryogenic/Aerobraked Mars Transfer Vehicle (CAB)

NASA selected cryogenic chemical propulsion, augmented by aerobraking for capture and

landing at Mars, as the opposition-profile baseline for the 90-Day Study. The archetype

which f'trst resolved the dominant configuration complications for CAB Mars missions

already existed (Reference 18). With this foundation the 90-Day Study was able to

progress rapidly into performance, subsystem, operations and programmatics analyses.

The 90-Day Study exercise in turn enabled refinement and validation of the CAB archetype,

Figure 2-19. The major drivers for the CAB archetype are:

a. High-thrust chemical propulsion: engine-out design to accommodate shifting

vehicle mass center as the mission progresses, given the constraints of engine clustering

and limited gimbal angle; propulsion system geometry for in-flight testing before critical

mission maneuvers; and avoidance when possible of aerobrake penetrations.
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b. High-energy aerobraking: contemporary understanding of aftbody wake closure

geometry, and aerodynamic simulation-based constraints on mass center location; mutual

independence of MEV and MTV during final approach to Mars space, since each is

captured separately; packaging of the entire MTV system in as small a capture aerobrake as

possible; potential requirement for MTV brake retention and re-use for Earth capture upon

return.

c. Rotating artificial gravity: physiological constraints drive the CAB archetype toward

deployable tether schemes because of the effort to make the aerocaptured vehicles as

compact as possible. This makes the physical arrangement of the MTV systems difficult,

given both a requirement to maintain all habitable volumes (both the MTV habitat and the

MEV crew cab and surface module) contiguous during transfer, and the fact that the only

rotation countermass available on the return leg is the empty MTV TEl propulsion system.

d. Modular vehicle design: maximize system commonality desired to standardize

integration and operations protocols, and especially to accommodate the widely varying

energy (propulsive) requirements of opposition-class missions. The opposition missions

were designed to collect most of the energy difference in the TMI delta V. This burden

was more easily accommodated by the TMIS, which became a highly modular vehicle

system.

e. Robotic-mediated operations: facilitating machine access into the densely packaged

systems of the CAB vehicle, and designing provision for robotic EVA maintenance during

the mission, is a tough but essential requirement. We baselined an operations concept in

which manipulator systems could travel around the rims of the rigid aerobrake structures,

both to assist in assembling the vehicles at Earth and to service them en route.

A concept called the "Shuttle-Z 3rd Stage" was detailed in response to a Level II trade

request. This is a modular version of the TMIS, in which each section uses its engine

twice (once for ETO orbit insertion and again for the Mars departure burn). The

fundamental problem with the scheme is that, with engines located on each TMIS section

instead of clustered in the center, mass-balanced engine-out on TMI is not possible without

the addition of an extremely long (120 m) truss to separate the TMIS from the payload

mission vehicles.
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A configurationtradeanalysisrevealed that avoiding the need for Mars orbit rendezvous

upon arrival between a separate MEV and MTV by configuring one large, aerocaptured

vehicle was not practicable (either a very large aerobrake, or a reconfigurable cryogenic

propulsion system, appeared necessary).

An Earth-Mars cycler vehicle capable of providing periodic transfers between the two

planets is one potential mission mode addressed by our architecture assessment. Such a

vehicle could take a variety of forms, but for SEI=class missions, the basic function could

be accomplished by a variant of on the CAB vehicle. For the conventional cycler profile,

aerocapmre energies for the "taxi" craft needing to get into parking orbits at Mars are quite

high. Re=usable vehicles for this job would probably require heavy and/or complex

thermal protection systems.

2.2.5.4 Cryogenic All-Propulsive Mars Transfer Vehicle (CAP)

The CAP archetype is fundamentally a variation of the CAB archetype, but is reported here

as a separate archetype because its mission philosophy is quite distinct. The CAP concept

was developed in response to two drivers:

a. Exploration of alternative purposes for SEI Mars missions led, after the 90-Day

Study, to more in-depth discussions of the merits of conjunction vs. opposition profiles.

Initial presumptions favored short total mission durations; this approach remained typical

after the FY88 and FY89 OEXP study cycles, in which very short, compressed

opposition or "split-sprint" mission modes figured prominently. However, given the 30 -

60 d Mars stayfime they realistically allow, the ratio of usable surface time to total mission

time for opposition profiles is about 10%. After the 90-Day Study, this was recognized

more widely as permitting only a relatively disappointing science return on a large

engineering investment, exacerbated by the possibility of extrinsic events (like Martian dust

storms) precluding landing altogether. By comparison, the same ratio for a typical

conjunction mission is about 30%. The top-level costs associated with exploiting the

greater opportunity to do in=depth science proffered by conjunction missions are two: (1)

the requirement for more elaborate surface payload manifests to support that science (and

the crews to conduct it) for year-long stays; and (2) the greater risk to mission completion

incurred by having the crews and hardware spending almost 3 yr in deep space instead of

about 1.5 yr.
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The conjunction profile offers benefits in addition to greater surface staytim¢. First, the

opportunity variation in mission energy requirements is much reduced for the conjunction

case, so that mission hardware can be more consistent from one opportunity to the next.

This would minimize the actual program upset resulting from a missed opportunity.

Second, having of order 300 d available at Mars would permit more flexible mission

design. For example, rather than spending the entire staytime on the surface, the mission

might carry multiple landers each destined for short visits to widely separated surface sites

(or crew rescue at a given site). And fmaUy, although conjunction missions are roughly

twice the length of opposition missions, the bulk of that difference can consist of time spent

on the surface of Mars, under the radiation shielding afforded by the Mars atmosphere.

The actual in-space transfers are about equal in length outbound and inbound, and their

total is less than the total in-space transit time for typical opposition missions. Thus in

scenarios required to minimize astronaut exposure to in-space galactic cosmic radiation

(GCR), weU-designed conjunction missions are of great interest. (Trip times can be

shortened further still, until the so-called "conjunction fast transfer" mission energy

requirements approach those for opposition missions.)

Conjunction low-energy missions do not benefit from HEAB, so these missions need only

carry aerobrakes for entry and landing. Performing Mars capture with cryogenic chemical

propulsion leads to three fundamental distinctions between CAP (Figure 2-20) and CAB

concepts:

a. The MTV and MEV(s) arc captured together, precluding the possibility of failure to

rendezvous and consequent elimination of landing attempts.

b. The Earth-depaxture (TMI) stage grows into a multi-staged propulsion stack, with

TMI, deep-space burn (DSB), and Mars arrival (MOC) stages. This changes the overaLl

aspect ratio of the aU-up vehicle, making it longer, which has implications for attitude

control and debris shielding in LEO.

c. Relaxing the requirement for the MTV to be an aerobraked vehicle means that the

systems constrained in the CAB case to be packaged behind an aerobrake can be distributed

differendy. Thus the Mars-departure (TEI) propulsion system can be combined with the

MOC system and placed at the opposite end of the vehicle from the M'IW habitation system

and payload. This in turn means that rotation for artificial gravity can be accomplished
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FIGURE 2-20

simply by con_figuring a long, lightweight truss between the propulsion system and the

payload, and spinning this rigid assembly end-Qver-end. Tethered solutions are not

required because aerobrake packaging is no longer a problem. This last set of CAP

consequences departs from the CAB concept sufficiently for their resolution to constitute a

distinct vehicle archetype.

2.2.5.5 Nuclear Thermal Rocket

Nuclear thermal rocket propulsion had a long, successful development history in support of

post-Apollo human space exploration, and-still occupies a uniquely validated position as a

candidate for advanced propulsion for SEI Mars missions. Consequently it was the first

advanced propulsion option investigated in depth as a consequence of the 90-Day Study.

Much of the NTR technology discussion centers on sophistication, ranging from

resurrections of the original NERVA design, through upgrading with modern materials,
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and further through new particle-bed designs with enhanced Isp, to liquid-core and gas-

core rockets. However, this wide range of alternatives is satisfied by one NTR archetype;

to f'n'st order, only the amount of liquid hydrogen propellant varies among them. The

overall vehicle configuration, requirement for shadow shielding of the payload from

scattered radiation, long-term storage of LH2, and solutions for providing artificial gravity,

all remain constant. The NTR archetype has existed since the NERVA days; our work has

provided analysis of four particular enhancements (Figure 2-21): (1) the use of a truss

spine and drop tanks instead of a large, structural, axial tank to reduce inert mass; (2) the

configuration detailing associated with providing dual engines for engine-out reliability; (3)

using a single NTR vehicle to deliver multiple landers to Mars; and (4) truss-spine

elongation and careful positioning of large drop-tanks around the mass center to

accommodate artificial gravity during all coast phases via end-over-end spinning.

2.2.5.6 Nuclear Electric Propulsion

Nuclear electric propulsion represents a power-rich approach to extremely efficient, low-

thrust propulsion for long range missions. The NEP concept archetype we developed

specifically addresses several important system interactions:

a. We started with power plant schematics and state-point characterizations from

Rocketdyne (Reference 19). To these we added mission performance requirements

consistent with the rest of the STCAEM study, and developed a complete vehicle concept

that could be modeled, measured and specified in detail. The result is the first NEP concept

to detail the power system plumbing, from reactor to radiator, integrated with other

subsystem concerns.

b. The high equipment density and challenging operating conditions of a dynamic

power conversion system introduces concerns about mission safety due to meteoroid

impacts and equipment reliability, respectively. Redundancy solutions to the critical power

equipment failure problem (analogous to redundant valving and manifolding for chemical

propulsion systems) introduce complex plumbing implications for NEP.
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FIGURE 2-21

c. The most immediately recognizable feature of NEP initial concepts in the

exploration mission literature is their large radiator area, typically shown simply as a

conical device following the contour of a protected zone behind a small radiation shadow

shield. Engineering analysis to develop a modular, buildable radiator subsystem integrated

with the rest of the vehicle, and to minimize shield mass, challenges this simplified picture.
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d. The real possibility of an eventual requirement to provide essentially continuous

artificial gravity during thrusting portions of an electric propulsion mission leads directly to

serious configuration complications. In particular, precession of the angular momentum

vector, and transfer of high electrical power levels across rotating joints pose challenging

concept and technology problems.

At first we tried to develop a vehicle concept that could easily optimize for both

rnicrogravity and artificial gravity mission profiles, by having its thrusters at the center of

rotation, thrusting normal to the vehicle's long axis. The geometry requirements proved

incompatible, and we subsequently allowed designs for the two types of missions to

diverge. The microgravity version became an axial vehicle, with engines at the stern,

payload attached around the spine, and power system at the bow. From the reactor's

standpoint, the entire vehicle looks like a thin line; this permits a small, carefuUy-shaped

shadow shield to be used, which limits its mass. The artificial gravity version was much

more complex, consisting fundamentally of the addition of a cross-axis outrigger amidships

for the engines so they could be despun and located near the axis of rotation. This

configuration went through many stages during which detailed alternatives were

sequentially explored. It is reported on more fully later in this section, along with the other

artificial gravity concept development results.

Our archetype (Figure 2-22) features two redundant reactors, five identical power

conversion systems (2 of which are spares), and large expanses of stiffened planar radiator

panels, comprised of over five thousand identical, finned, 30 m long, liquid-sodium heat

pipes. The structural spine of the vehicle is a lightweight truss, along which are arrayed all

the armored fluid-carrying loops of the power production and conversion system. The

"front end" of the vehicle, containing reactors and dynamic conversion machinery, was

configured both to allow straight-line access for robotic maintenance activity and also

packaging in a 10 m launch shroud. The detailed design of this power plant as it will

appear in the next-generation integrated NEP concept is shown in Figure 2-23. Thus the

power system itself can be integrated on the ground, and requires liquid-metal-temperature

joining at pipe interfaces to the heat rejection system assembled on orbit. The integration of

a large NEP vehicle represents an unprecedented orbital operations challenge, which

dwarfs the assembly complexity of SSF. The NEP's superior mission performance thus

comes at a high operations and infrastructure price.
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2.2.5.7 Solar Electric Propulsion

Solar electric propulsion represents a non-nuclear, "decentralized" and extremely redundant

approach to advanced propulsion for SEI missions. It is not, however, a "low-tech"

solution to Mars transportation as is commonly held. First, the technology associated with

large electric engines is the same for SEP as it is for NEP, because in each case individual

1 MWe engines are ganged together to achieve the appropriate power level. Second, SEP

challenges our lightweight, large space structures (LSS) technology more than any other

SEI concept. The reference SEP is 203 m on a side, covering an area equivalent to 9.24

football fields; yet its supporting structure must have a mass on the order of only 15 t.

Surface accuracy requirements are orders of magnitude less stringent for the SEP

photovoltaic (PV) arrays than for high-precision, large space antennas studied in the LSS
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literature,but the design,fabrication,deployment and maintenance of SEP-scalc LSS

remain unvalidatedempirically.Third,thesize,fragilityand unit-repetitionappropriatefor

SEP concepts absolutelyrequiresrobotic-mediatedmaintenance. (However, addressing

roboticrequirement.sforSEP may help us face up tothe necessityand utilityof state-of-

the-artautomation forothervehicleconceptsas well).Finally,high-performance,robust,

sufficientlylightweightand low-cost PV assemblieshave yet to bc demonstrated. The

usefulnessof SEP hinges criticallyon our abilityto fabricateacres of advanced PV

assemblieseconomically.

NEP POWER CONVERSION PLANT

FIGURE 2-23

Our earlier versions of SEP vehicle concepts presumed motorized unfurling of diaphanous,

flexible PV blankets across a skeleton of ribs diagonalized by cables. Engine plume

impingement of the arrays and structure was avoided by locating two engine assemblies at

opposite ends of a long, truss outrigger. The thermal rejection system for the electrical

power management and distribution (PMAD) system was centralized in two areas with
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dedicatedradiators.Furtherinvestigationof currentthinkingon practical concepts for LSS

led us to adopt the area-truss approach as the only way to get requisite stiffness and remain

lightweight. The bay size selected was 7 m, as this limits parts count while not exceeding

a reasonable span for projected, strengthened PV blanket technology. The blankets

themselves consist of an iso-stress mesh of kevlar fibers to which are bonded stiffened,

4 cm advanced tandem solar cells. The need for engine outriggers was avoided by

locating the twin engine assemblies at opposite comers of the square vehicle structure. The

vehicle thus sweeps back at 45" angles from the nominal thrust line, and our presumed

impingement envelope (a combination of +_20" for plume spreading and + 20" for engine

gimballing) was only 40". To first order, the thrust line is in-plane with the vehicle

because the solar arrays must be sun-facing, while the thrust must average tangential to the

transfer orbit.

Our SEP reference vehicle (Figure 2-24) has an extremely large number of identical parts,

and was developed along with a matching robotic assembly, deployment and maintenance

scenario. Two kinds of robots are envisioned: (1) a dextrous truss-builder with the ability

to move about the vehicle, top or bottom, inspect critical systems and change out defective

components; and (2) an array-paver, capable of accepting cassettes consisting of pre-

integrated, rolled PV blankets. The paver would attach the blanket to the vehicle structure,

removing and rolling up the blanket's protective packaging sheet as it progressed in one-

bay-wide strips. On the SEP's fin'st flight, the paver would deploy the sacrificial transfer

army, undeploy it once beyond the van Allen belts, and subsequently deploy the full, main

array for interplanetary flight.

2.2.5.8 Artificial Gravity

The need for artificial gravity on long-duration interplanetary transfers has not been

established. Neither has the lack of such a need, however, so we examined the penalties

incurred by requiring continuous artificial gravity en route between Earth and Mars.

Various approaches to rotating artificial gravity have been proposed; we assessed all of

them, and invented some new ones. The-fundamental design problems associated with

artificial gravity derive from: (1) the neod for a countermass for rotation; and (2) the

high mass cost of precessing the angular momentum vector of a system having large

rotational energy. Elegant solutions to both are elusive, and vary widely with propulsion

option. Secondary complications are communications and navigation pointing, flight

structures sized to hang heavy vehicles, and material fatigue due to cyclic loads. The
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fundamental operations problems associatedwith artificialgravityinvolve crew EVAs

during rotation,roboticmaintenance inthe vehicle'sgravityfield,crew physiologicaland

psychological responses to a rotatingenvironment, performing minor course-correction

propulsive testingthe capabilitypriorto departure.Our work has verifiedthatartificial

gravity appears feasible for Mars-class missions, for allpropulsion options, at fairly

modest mass penalties.

The CAP and NTR archetypesaccommodate artificialgravityeasily.Both arc high-thrust

systems, so theirburn dines arc extremely short(minutes to hours)compared to coasting

u'ansfcrtime (months).Criticalpropulsionmaneuvers can occur duringnonrotatingperiods

of microgravity,atthecostonly of spinup/spindown propellant.In general,the propulsion

system remaining through the end of the mission can serve as countermass to the

contiguouslyconnected habitationsystems.

SOLAR ELECqPdC PROPULSION MARS MISSION VEHICLE CONCEPT

FIGURE 2-24
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FIGURE 2-24
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When separated by a lightweight truss (Figure 2-25), they can just spin end-over-end

during coast phases to provide sufficient gravity at a comfortable spin rate with acceptable

vestibular disturbance (we baselined 1 g to insure full conditioning for surface activity

upon arrival at Mars, and 4 rpm maximum spin rate, which together lead to a 56 m

separation between the hab and the center of mass). The additional mass of the truss and

propellant for a few budgeted spinup/spindown cycles is of order 10 % of IMLEO.

The CAB archetype involves more complexity. The MTV habitat must be contiguous with

the MEV crew modules, and yet for the return trip the (empty) MTV propulsion system is

the only available countermass to the MTV habitat. Thus the MTV hab and the MTV

propulsion system must be separated by a few hundred meters; however, the entire MTV

must also package behind an aerobrake for capture at Mars. One solution we rejected for

mass and habitability reasons splits the transfer habitat system in two halves, held when not

aerobraking at opposite ends of a deployable tunnel. A more sensible approach is to use

tethers, configuring the MTV systems such that they are properly mass-balanced for

propulsive burns and aerocapture, but can slip apart as the tethers are unreeled for artificial

gravity, Figure 2-26. The center of rotation provides a convenient location for a despun

power/navigation/communications utility.

NTR ARTIFICIAL GRAV1TY CONFIGURATION

FIGURE 2-25
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Vehicles based on electric propulsion pose the toughest integration challenge for artificial

gravity. Being low-thrust systems, they must bum for a substantial fraction of the transfer

time. One simple approach is to rotate the vehicle only during the mid-transfer coast period

(1 - 2 months) and upon arrival at Mars (if a conjunction profile is used to allow long stay

times in Mars space). In case intermittent artificial gravity is an insufficient solution,

however, it is important to develop full-blown alternatives. The study examined several

configuration options. A simple approach would be to keep the thrust vector attitude

constant in space, avoiding a need for spin-vector precession. Required thrust vector

histories for low-thrust transfers are not completely understood at this time. To first order,

however, it appears that repointing would be required, and it is expensive propulsively.

We examined using a "cross-product" electric engine located on a long outrigger;, even with

generous configuration assumptions, the mass penalty is about 10% of IMLEO. If the

spin vector is normal to the transfer plane, little repointing would be required, and we

selected this option for both NEP and SEP.

We solved the problem of what to use for countermass (particularly acute for the SEP) by

basclining a new invention which we call the "eccentric rotator," Figure 2-27. With this

approach, everything on the vehicle except the habitable and payload systems is the

countermass. This leads to the despun electric engines themselves tracing out small circles

rather than lying along the spin axis. However, their attitude (all that counts for low-thrust

propulsion) can remain constant, and the CM excursion is typically small - of order a few

meters for NEP (Figure 2-28) so the gravity loads on the propulsion system are small.

Although we developed the artificial gravity NEP as an integrated concept, the dynamics of

such rotating vehicles are not yet fully studied. In particular, the practicality of suppressing

cross-axis momentum coupling actively, in order to maintain stable rotation, is questionable

for spin frequencies of order 3 rpm. Mass penalties as well as trip-time penalties appear

small, of order 5% of IMLEO for NEP including a spinup/spindown propellant budget

presuming efficient electric thrusting for that purpose.

The SEP eccentric rotator (Figure 2-29) suffers more complications because its distributed

structure is so fragile. Effects of the 4 rpm cyclic loading, and the bending moment

introduced into the fragile structure by the unbalanced rotor, remain unstudied. Gravity

loading of the main truss structure in the eccentric rotator configuration is as high as

0.46 g, and preliminary estimates of the vehicle's structure mass were increased 20%

over the microgravity version to accommodate this (because the SEP structure amounts to
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only 14% of the vehicle inerts, however, this results in an inerts increase of 2.6%).

Solutions using a small countermass deployed on a long tether are probably most

appropriate for SEP.
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2.2.5.9 Large Crew Sizes

From the time of von Braun's Das Marsprojekt through the 90-Day Study, acceptable crew

sizes for Mars-class missions decreased from 70 to 4. That shift can be credited partly to

our sobering experience with the true complexity of advanced space exploration; partly to

advances in robotic science and the automation of formerly human jobs; partly to attention

to real, modern space budgets; and partly to implicit changes in our conception of what the

exploration of planets is all about. Nonetheless, STCAEM concluded that a crew size of 4

is too small to be practical or safe. Twice that number, or 8, provides a realistic, minimum

skill mix. Our long-duration habitat trade study generated a singular module concept

capable of supporting 12, more if clustered together. Twice 8, or 16, may be about right

for a bevy of really specialized scientists to investigate Mars during conjunction-class

surface stays. And twice that, or 32, approaches a crew size range appropriate for

transporting settlers to the red planet. Since we do not yet know what visions will come to
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guide SEI as it grows, we need to apply our modem understanding of Mars mission

technologies, consolidated so far in the STCAEM reference in-space transportation

concepts keyed to just 4 crew, to larger crew sizes.

We performed an evolutionary Large Crew Size impact assessment for crew sizes of 8, 16,

and 32, looking at Mars mission masses and vehicle strategies for all five prime propulsion

candidates, aerobraking constraints, habitat system clustering and staging implications,

vehicle configuration impacts, and life support strategies. As expected, advanced

propulsion has high mass-limiting leverage for Mars missions, as does the use of

conjunction profiles, Figure 2-30. Both CAP and CAB (the latter flying opposition

profiles, of course) are not cost-effective for the large payload masses required by large

crew sizes. Because SEP power level scales linearly with area, that option appears better

suited to flotilla approaches than a "large-vehicle" approach, although this is sensitive to

trip time requirements. NEP scales very _ell, as does NTR. Aerobraldng was found to be

theoretically feasible at Mars for vehicles of order 64 times heavier than our reference

vehicles, assuming similar geometries; therefore, limitations on aerobraked vehicle size

are intrinsic, having to do with assembly and trim during flight rather than atmosphere

properties. Beyond a certain crew size, (assumed to be between 16 and 32 in this
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assessment), the use of RMEVs pay off. In settlement scenarios where 28 of 32 crew are

left at Mars, staging a modular transfer habitat system both reduces return payload and

leaves useful habitats at Mars. Clustering large habitat modules together highlights a trade

between habitability (gravity-living) and safe-haven splitting (losing too large a percentage

of habitable volume through "keystone" module loss). Our vehicle archetypes were

configured to be able to accommodate clustered habitat modules as well as multiple landers,

even in artificial gravity modes. Like artificial gravity, if large crew sizes become a

requirement, mission designs can be fouttd using the concept vocabulary developed by

STCAEM to handle them.

Related to large crew sizes is the issue of simply heavy transfer habitat systems. If the
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GCR dose problem during interplanetary transfers becomes such a physiological show-

stopper that even fast-transfer propulsion technology cannot solve it, then massively

shielded habitats may prove to be necessary for preserving crew health. For these heavy

payloads as well as those caused by large crew sizes, cycling orbits may provide a practical

answer. The technology issues associated with potentially very high acrobraking energies

(for capturing at Mars off the cycler) then become paramount.

2.2.5.10 Vehicle Operations Derived Requirements

The vehicle archetypes were developed with thought given to the difficulties inherent in:

(1) processing and testing their pieces on the ground; (2) launching them into Earth orbit;

(3) assembling and testing them in LEO; (4) maintaining them en route; and (5)

refurbishing them upon return. (Preliminary concept options for supporting these

activities, and analysis of ground and processing flows, are presented in Section 8)

However, at this early stage of SEI, it is vital that accommodation of those support

activities not take precedence over vehicle performance in accomplishing the missions for

which they were intended. Requirements for processing "nodes" and technologies must be

driven primarily by what the transportation-optimized vehicles themselves require. In this

regard, three key principles are important:

a. Mars-class vehicles, and even their acrobrakes, are simply too large to be packaged

whole inside ETO rockets. In any case, re-usable transfer vehicles require refurbishment

upon their return. It is not possible to avoid orbital processing.through the "magnum"

launch vehicle approach.

b. Because the vehicles must operate successfully for several years with no

opportunity for resupply or external assistance if their missions are to be sufficiently safe

for humans, sophisticated capability must be built into them for in-flight maintenance,

diagnosis and repair. This includes a substantial ability to inspect, manipulate,

disassemble, reconfigurc and reassemble vehicle systems, some of which are quite large.

It also includes a substantial cache of critical spare pans. The key architectural driver

flexibility (robustness and resiliency) makes this essential. Given that requirement, the best

place and manner in which to test that capability is in LEO, using it to assemble, check out

and maintain the vehicles in "dry dock." By the very extremity of these deep-space, crew-

carrying missions, very little could be done in Earth orbit that would not have to be feasible

also in Mars orbit.
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c. LEO is a particularly hazardous place to leave large, expensive or unique space

systems, because of its manmade debris environment. Heavy shielding is feasible (and

necessary) for a permanent facility like SSF, but cannot be afforded (and is not thought to

be necessary at all) in transit to other planets. Thus it falls to the LEO facility, whatever it

may be, to protect space transportation vehicles from the unique LEO environment.

Although a variety of debris-shielding schemes have been proposed, decoupling that

service from other "dry dock" needs admits more innovative solutions. One is to have

removable, re-usable, conformal bumpers which encase the critical systems of a transfer

vehicle parked in Earth orbit. Rather than being part of a node structure, they become a

part of the vehicle that is left behind, awaiting the next vehicle to be processed, or the

departed one to return. Further vehicle integration work must begin to incorporate the very

real constraints of what accommodations the ground and orbital capabilities of 2015 will

realistically be able to provide in support of exploration missions. Designing for machine-

mediated operations, based even on current state-of-the-art automation and robotics, will

enhance our concepts' credibility.

2.3 Recommendations for Future Transportation Concept Efforts

Three key areas relating to concepts and evolution require more work:

a. Understanding of how to support advanced SEI missions, both on the ground and

in space, needs to be improved. Much opportunity exists for innovative approaches to

these cosily challenges.

b. In support of that improved understanding, the vehicle concepts require further

detail work. More detailed design integration of certain subsystems, notably main

propulsion plumbing, attitude control propulsion, bus structure and communications

equipment, is needed for the principal concepts. This is necessary to develop technically

valid concepts for space assembly, checkout, and launch processing of space transfer

vehicles. Enhanced design-for-maintenance is important now that we have a first-pass at

integration and performance issues for these archetypes.

160 D615-10030-2



c. In support of vehicle integration, it is vital to understand in more depth the proper

selection of subsystems for, and configuration of, the habitable elements: LEV/MEV crew

cabs, LTV crew habs, MTV hab system, and ancillary items like airlocks and crew return

vehicles (MCRVs). Particularly in the case of the MTV habitat, it is time to incorporate

quick-turnaround radiation analysis into the iterafive concept development cycle.
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3. MISSION ANALYSIS

For the current study our mission analysis investigations are based on the work performed

in support of the NASA 90-Day Study for the Lunar/Mars Initiative (Reference 5). The

NASA study established the baseline goals, mission vehicle, trajectory set and levied

requirements from which a mission set could be derived. This baseline mission set became

the starting point for expanding and adapting the in-space transportation system

requirements and analyses to vehicles, scenarios and conditions other than those set by the

90 Day-Study. This included optimizations of trajectories for low thrust and high thrust

main mission transit vehicles (lunar and Mars) and conditions at capture (vehicle position

and GN&C), the Mars excursion vehicles during descent, landing and ascent, the main

vehicle and Earth return vehicle arrival plus aerobrake characteristics and vehicle responses.

3.1 Lunar

Part of our support to the 90-Day Study was to conduct a preliminary evaluation of the

transfer and trajectory requirements of a lunar vehicle from the Space Station Freedom

vicinity to a lunar orbit plane. Because the orbit plane of the Space Station and the orbit

plane of the Moon are at different inclinations and rotation occurs at different rates, the

transfer plane angle varies in time. A plot of the Moon's out of plane declination in time

and the out of plane angle between the lunar and Space Station orbit planes in time will

yield a graphic representation of the windows of opportunity where the traces intersect.

From this data the required delta V to make the transfer can be calculated for the transit time

in days at each angle between the transfer and lunar orbit plane. From the graphic data it

can be seen that the opportunities for transfer occur five times every 52 days.Transfers

requiring a plane change at the Moon incur a modest cost in delta V, Figures 3-1 and 3-2

(Reference 11).

A preliminary operational sequence was generated for a single mission with a generic abort

scenario, Figure 3-3. This assumes that the vehicle leaves from Space Station orbit. The

greatest cost in time of transit to the Moon is the wait in orbit for the appropriate lighting

conditions to land. With a landing pad with beacons this time may-be reduced (advanced

missions).
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For a normal mission the entire transit time, outbound and renan discounting staytime, is
P

20 days. In the case of an abort an equally long time is spent in lunar orbit awaiting the

alignment of the transfer plane for return, making the total transit time of an abort 27 days.

Out of plane phasing for return for either condition will be done in LLO. Phasing into the

Space Station orbit will be done in a midcourse correction and completed on aerocapture,

Figures 3-4.
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Returning to Earth, the lunar vehicle will do an aerocapture maneuver consisting of an

aeropass through the atmosphere, where final Space Station orbit phasing will occur, an

apogee correction burn, and a perigee rise burn to bring the vehicle into co-orbit with the

Space Station (Reference 11). The calculations of aeroheating on an L/D 0.5 aerobrake

capturing at Earth from the Moon at 10.3 kin/see and diving to a minimum altitude of

78.75 km indicate that the TPS material required will be within current or near term

technological capabilities. In addition to the Lunar cryogenic/aerobraked vehicle, NTR,

SEP and NEP advanced propulsion alternatives were examined, and parametrics run

(Reference 11).

A cursory analysis was made of delivering lunar oxygen to LEO from the Moon. This was

done to support the top level architectures analyses. A detailed description of the lunar

operations and its interplay with Mars operations are given in Section 1. Lunar operations

are near term considerations that must be further evaluated in relation to Mars support.
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3.2 Mars

The Mars baseline vehicle from the 90-Day Study was a cryogenic propellant (liquid

hydrogen/liquid oxygen) with aerocapture for the main and excursion vehicle sections and

aeroentry capability for the excursion vehicle at Mars, returning in an "Apollo-style"

reentry capsule at Earth. In addition, other vehicle types were developed and explored for

the main Mars transportation system. Several feasible alternate systems in addition to the

baseline were selected for further study: cryogenic all propulsive (no aerocapmre at Mars),

nuclear thermal rocket (NTR), nuclear electric propulsion (NEP), solar electric propulsion

(SEP) and gas core reactor (GCR, nuclear).

Even the best estimation of development time for the GCR places its readiness at the far end

of the 2010 to 2025 time flame for a fast use involving a man-rated system. Therefore,

this was considered a follow-on type vehicle that might be used in long range planing and

was not used in the scenarios and architectures we developed for the early part of the 21st

century.

The remaining main vehicles fell into two categories, low or high thrust, based on the type

of propulsion system used and their transfer characteristics. Because of the gravity losses

associated with low thrust (electric propulsion) devices, the two are analyzed differently.

3.2.1 High Thrust Missions

High thrust missions entail the use of propulsive systems that work on short impulse, high

momentum transfers from the propellant. This class includes the cryogenic/aerobrake,

cryogenic all-propulsive and nuclear thermal rocket vehicles chosen for alternate systems

study. A series of mission opportunities, both conjunction and opposition class, were

generated between the 2010 and 2025 dates, concentrating around the dates 2015-2017

close to the NASA baseline. A table of these opportunities containing the Earth

departure-Mars arrival, Mars departure-Earth arrival dates, orbit departure and arrival

conditions and Venus swingby information is shown in Figure 3-5. Additional details

may be found in References 7-11.
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In performing the mission analysis, an all inclusive front-to-back mission analysis

viewpoint must be considered. The general "patched conic" analysis technique used for

each mission category included: (1) analyses performed ovea" the mission opportunity from

2010 through 2025; (2) energy/velocity contours generated by the Boeing PLANET code

to f'md the global minimum delta velocity launch date and transfer _e (Reference 20); (3)

PLANET data analyzed for Mars departur_ transfers based on optimal departure true

anomaly for minimizing departure delta velocity; this optimization yields more realistic

trajectory and velocity data; and (4) alternative optimizing schemes invoked to improve

upon the results.

Additional constraints were imposed by physical or practical considerations in the design of

missions and included items such as the length of transit time with its resultant exposure to

cosmic radiation, the hyperbolic excess velocity which indicates how "hot" the entry is,

daylight landing (periapsis lighting angle) for landing hazard avoidance, parking orbit

inclination and period selection for minimum delta V, planet accessibility and depamm_

constraints, and the total delta V budget, that culminates in the "price" in propellant

(therefore IMLEO) that must be paid, Figure 3-6.
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3.2.1.1 Conjunction Missions

Some advantages of conjunction missions, in general, are as follows: (1) Venus swingby

complexity not needed; (2) provision of longer launch windows; (3) elliptical parking

orbit can be optimized; and (4) more hardware reuse possible.

3.2.1.1.1 Low Energy Conjunction

Various types of low energy missions were analyzed. Contours and trajectory runs were

found for non-optimized mission prof'fles and for those that were optimized for minimum

total delta velocity.

The contour for a typical low energy conjunction mission in the "hard" year 2025 is shown

in Figure 3-7. From this graph the total deffa V may be selected for a given launch date and

a given outbound trip time (stay time and total trip time are held constant). It can be seen

that the launch dates for a given total trip delta V are very broad (a "forgiving" system that

allows for several changes to meet the launch criteria) and overall low total mission delta

Vs.
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Minimum energy launch dates and trip times were found from similar PLANET-generated

contours for non-optimized Mars stay-times over the mission opportunity dates 2010

through 2025. From the non-optimal stay-time data we find that: (1) low total delta

velocity for these missions translates to low propellant needs; (2) long stay time at Mars to

support science missions; (3) low energy conjunction missions are insensitive to launch

year;, (4) mission time is approximately 1000 days; and (5) four-year personnel stay at

Mars is required for continuous base occupancy.

Optimized stay-time for low energy conjunction missions were found for 1000 day total

trip time, with mission years of 2018, 2020, and 2025. The results of optimizing stay-time

are as follows:
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(days) (days) (kin/s)

Mission _ Delta Velocity

2018 500 5.5

2020 525 5.4

2025 300 5.0

Note that the 2025 mission is lowest in energy, with 2020 falling between 2025 and 2018.

The same five results statements, as given above, apply to the optimized conjunction

missions.

3.2.1.1.2 Fast Transfer Conjunctions

Fast-transfer conjunction studies were carried out for non-optimal and optimal missions.

An optimal fast transfer conjunction mission means that for a chosen total (outbound and

inbound) transfer time of 200, 300, 400, 500, and 600 days, the optimal stay and total

trip times were found, which lead to minimum total energy mission profiles for those

transfer times, Figure 3-8. Non-optimal means that for the transfer times given above,

optimal stay times and total trip times for minimum energy missions were not examined.

From the contour plot for the fast transfer in year 2025, Figure 3-9, it can be seen that the

total trip delta Vs are higher and that the launch dates are more constrained than for the low

energy missions.

For the fast transfer conjunction missions analysis, the results axe as follows: (1) reduced

exposure of astronaut to hazardous space radiation (i.e. relatively short trip times); (2)

lower IMLEO cost to significantly reduce trip time, Figure 3-10; and (3) IMLEO

sensitivity to launch year.

3.2.1.2 Opposition Missions

This class of high thrust mission reduces the overall trip time over low energy conjunction

trips at the cost of increased delta V. The opportunities occur when Earth and Mars are

positioned as shown in Figure 3-11, and the transit conditions occur across the potential

velocity pattern of both planets.
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3.2.1.2.1 Venus Swingbys

Analyses were performed to f'md minimum energy Venus swingby opportunities for the

period 2010 through 2025. The total delta V for these years is shown in Figure 3-12.

The results of these analyses are as follows: (1) Reduced total mission duration (500

days); (2) allows two year personnel stay for continuous base occupancy; (3) short stay

times (30 days); (4) high IMLEO; (5) short launch windows; and (6) transfer vehicle

reuse on the next opportunity.

3.2.1.2.2 Fast Transfer Opposition

Fast transfer opposition analyses were carriedout for optimal and non-optimal cases. In

the non-optimal analysis, the fast transfers were not optimized for minimum energy

transfers by deep space burn maneuvers, Figure 3-13. For the optimal fast transfer

opposition, an optimal date and location for a deep space burn was found, minimizing total

mission energy requirements. Fast transfer oppositions were studied for total transfer

times of 350, 400, 450, and 500 days, and do not assume Venus swingby's to further
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minimize energy.Planetocentric delta V portions of these transfers are shown in Figures 3-

14 and 3-15 for Mars and Earth arrival and departure in the "easy" year of 2018 and the

"hard" year of 2025. The total delta V cost for these years in the optimal case is shown in

Figure 3-16. The results of the fast transfer analysis for optimal and a non-optimal

trajectories show short mission duration (350 - 450 days), and indicate a sensitivity to

launch opportunity.
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3.2.1.2.3 Split Sprint Missions

t-

This class of mission has been used in architectures prior to this study. In reviewing them,

we determined the risk involved in sending the return supplies, food and propellant, in a

separately aerocaptured vehicle that did not allow capture conformation before the manned

mission left.
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We determined that the risk was too great and violated the ground rules for flyby abort

capability. We did not actively pursue this type of mission in our architecture analysis. It is

in a group of non-classical mission analysis solutions illustrated in Figure 3-17.
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3.2.1.3 Periapsis Lighting and Periapsis Latitude

Landing site accessibility studies required landing analyses to include periapsis latitude

calculations. Periapsis latitude is the latitude on the planet surface projected under the orbit

periapsis. It is a critical position as most descents to the surface begin at this point.

Periapsis lighting (lighting conditions from the sun's position over the periapsis latitude) is

important from the standpoint that landing will require daylight for hazardous-terrain

avoidance maneuvers. While this may not be as critical on subsequent flights that return to

a previously explored site that may have landing beacons, on a first flight to any site the

crew must be able to evaluate the landing terrain and make the last minute command

decision to actually set the vehicle down (perform a retargeting maneuver, like Armstrong's

landing of Apollo 11).

3.2.1.4 Rendezvous Error Analysis

In order to determine the change of velocity penalties associated with state vector errors

after aerocapture, errors in both velocity vector (flight path angle, crosspath angle and

magnitude) and position vector (true anomaly and plane) were examined.

The initial assumptions made were: (1) exit aerocapture close to periapsis, (2) target orbit

conditions known, (3) error magnitudes known. It was also assumed that the errors be

corrected in a two-burn sequence. The first burn (first delta V) would occur just after

aerocapture exit and as close to periapsis as possible. This burn would align the apsides

and would correct apoapsis height. The second burn (second delta V) would occur at

apoapsis and would correct the inclination and the periapsis height. The analysis was

performed using an in-house Boeing code called "MISSION" that has a subroutine that

calculates the change of velocity penalties.

Four angular errors were tested at values of 1 degree, 5 degrees, 15 degrees, 25 degrees

and 40 degrees. The velocity magnitude was evaluated for errors of 0.3, 0.75, 0.95, 2.0

and 3.0 (ratio of actual velocity to desired velocity). After all the errors were tested certain

trends were observed. The magnitude of fife first delta V is essentially independent of the

location of the first burn. As the location of the burn moves further away from periapsis,

the delta V penalty remains constant. The location of the first bum has a great effect on the

magnitude of the second delta V. As the location of the first bum moved away from.

periapsis the magnitude of the second delta V penalty increased. The total delta V penalty
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increases as the magnitude of the error increases. When the errors are associated with the

velocity state vector a change in the error magnitude only affects the magnitude of the first

delta V penalty; the magnitude of the second delta V penalty remains unchanged. When the

error is associated with the position state vector a change in the error magnitude has an

affect on both delta V penalties. In this case the error change has a greater effect on the first

delta V penalty than on the second delta V penalty. The trends of these effects are shown in

Figure 3-18 for 1 degree and 5 degree errors.
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From this analysis it is observed that: (1) the fLrst burn should be performed as close to

periapsis as possible to incur the minimum delta V penalty on the second burn, and (2) the

error should be as small as possible to reduce the total delta V penalty. The results and

conclusions drawn from this case are not optimum. There are probably other burn

sequences (these include more burns, different locations, etc.) that could produce smaller

penalties.
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3.2.1.5 Aeroheating Analysis

Aerothermal analyses were performed for a variety of cryogenic/aerobrake mission

vehicles under varying entry conditions for differing mission opportunities. Three specific

shapes were examined, the low I./D blunt hyperboloid (L/D ,,,0.5), the high L,/D truncated

hyperbola (L/D- 1.0) and the ApoLlo type spherical shape, Figure 3-19. These vehicles

included the MTV, MEV and ECCV. Examinations were made of aerocapture and entry

for both Mars and Earth conditions.

3.2.1.5.1 Mars Thermal Environments

Initialstudieswere performed to definethe stagnationpoint heatingfor Mars aerocapture.

Analyses were made using the MARSIN cocle,initiallydeveloped by Chul Park atNASA

Ames Research Center (Reference 21) and modified by Boeing. MARSIN is a 2-D

trajectoryand heating analysisprogram with both convective and radiativeheating. The

program iterateson initialentry angle untilthe aerocapturcsolution is reached. At the

same time calculationsare made for stagnationpointheating.Radiationpredictionsin

180 D615-10030-2



IAp

e C

Top
Front

Top

e¢

Front

r_md F_U ear_m

l ,.. l
Side View _ Top View

AEROBRAKES, (TOP) L/D=0.5, (MIDDLE) I.tD=1.0, (BOTTOM) ECCV

FIGURE 3-19

D615-10030-2 181



the program were made using either the Tauber-Sutton relationships or Park's tabular

NEQAIR results. A constant 50% absorption in the shock layer was assumed with the

NEQAIR values which is not entirely correct. Therefore, all results presented here are

based on the Tauber -Sutton method (References 22 and 23). The atmosphere models

used in the program are either COSPAR high, or any chosen profile from the MarsGRAM

program (Reference 24). An examination of the types of density profiles encountered

reveal that the MarsGRAM density profile for the Winter Solstice in the year 2016 resulted

in the most severe heating. Aerocaptures were made into 24.6 hour parking orbits with an

initial entry altitude of 150 kin.

The extent of the study was to examine the effects of entry velocity and lift to drag ratio on

peak stagnation point heating for the MTV. A blunt hyperboloid low L/D MTV aerobrake

was examined as it results in the most severe heating conditions. The vehicle has an

effective nose radius of 13 m, a 140 t mass, an L/D of 0.5, and a ballistic coefficient of 400

kg/m 2. The range of trajectories was from full lift down (overshoot boundary, L/D - -0.7)

to full lift up (overshoot boundary, L/D = +0.7) with entry velocities from 6.6 km/sec to

8.6 km/sec, Figure 3-20. All data reveal that the peak stagnation point heating will be

above the near term reradiative TPS capabilities for all of the up lift trajectories and that

some form of down lift modulation will be required to reduce the heating environment.

The corresponding integrated heat loads for these trajectories are displayed in Figure 3-21.

Results for the blunt hyperboloid zero lift ballistic trajectories with an entry velocity of 7.4

km/sec show that the stagnation point heating is 65% radiative, with a total heating rate of

83 W/cm 2, Figure 3-22. The percentage of radiative heating increases with entry velocity.

At 8.0 km/sec and 8.6 km/sec the radiative heating is 77% and 82% of the total heating

rate respectively. At present the extent of the radiation in the shock layer is uncertain. It is

possible that the shock layer will be in non-equilibrium, which could drive the radiation

heating to higher values.

The effect of varying the nose radius on heating rate is shown in Figure 3-23. Minimum

heating occurs at a nose radius of about 3 meters. Heating distributions were examined for

both the low L/D blunt hyperboloid and the high L/D truncated hyperbola. Entry

trajectories investigated were the 7.4 kn_/sec and the 8.6 km/sec entries, with zero lift

(equal lift up and lift down) to approximate maximum heating conditions when flying

modulated lift cases. Flying in the middle of the aerocapture corridor is desired to provide

a margin for GN&C errors. These trajectories result in representative heating cases for

actual aerocaptures. Calculations for the distributedheating were made at the maximum
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heating point along the aerocapture trajectories. The distributed heating for the blunt low

L/D aerobrake for the two entry velocities is shown in Figure 3-24. For the 7.4 kin/see

case maximum heating occurred at 120 seconds. The peak stagnation point heating

values for the low and high L/D configurations at 120 seconds axe 83 W/cm 2 and 90

W/cm 2 respectively, Figure 3-25. The distributed convective heating calculations were

made using the Boeing Boundary Layer Analysis Program (BLAP) with thermodynamic

and transport properties for CO 2 (Mars atmosphere). Radiative heating calculations were

made using the Tauber-Sutton relations along with the Aeroassisted Flight Experiment

Thermodynamic Handbook method for computing the radiative distribution (Reference 25).

The f'mdings of this analysis show that although the high I_JD vehicle has higher stagnation

point heating, the centerline heating decreases more rapidly than the centerline heating for

the low L/D vehicle. As a result of this rapid decrease the high L_ vehicle has a smaller

area requiring above near term reradiative TPS capabilities of approximately 1800K. A

heating analysis was also performed for the low L/D configuration along a trajectory with

an entry velocity of 8.6 kin/see. For this case the entire forebody was above 1800K (see

Figure 3-24) and would require extensive use of advanced reradiative or ablative TPS.

Entry velocity = 7.4 km/sec

(c3 --30 km_2)

= 2060K

Entry velocity = 8.6 km/sec
(C3 = 50 km2/se¢ 2)

MARS AEROCAIrlT.JRE TEMPERATURE DISTRIBUTION C3=30 & 50 km2/sec 2

FIGURE 3-24
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Descent heating calculations were made for the high L/D MEV ( at present a reusable

descent only design), since in the advanced propulsion missions no aerocapture maneuvers

are required and transportation vehicles lend themselves to reuse. The descent trajectory

was an OTIS trajectory optimized for erossrange. Radiative heating was neglected due to

the fact that all descent velocities are below 6 kin/see (which is considered the cut off point

on the radiation curve below which effects are considered negligible). For this trajectory,

maximum radiative heating was on the order of 5 x 10 -5 W/era 2. Convective heating rates

were calculated using the BLAP code and swept cylinder theory. The maximum heating

rates of 14 W/era 2 and 5 W/era 2, for the stagnation point and leading edge at the 70 degrees

point respectively, are only one sixth the values of the areocapture heating. With this

vehicle a hot structure thermal protection system is adequate.

3.2.1.5.2 Earth Return Thermal Environment

Heating analysis for the Earth conditions consisted of a parametric study of the MTV

aerocapture ( cryogenic/aerobrake vehicle) and an examination of the ECCV aerocapture.

Return C3's of approach ranged from 20 km2/sec 2 to 50 km2/sec 2 or entry velocities of

11.9 to 13.1 kin/see. Mars return trajectories and heating rates were calculated using

MARSRT (the same program as MARSIN with properties of air instead of of CO2). Once
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againall data revealed that the stagnation point heating values can be reduced by using

down lift modulation. For the ECCV on a nominal ballistic return trajectory of 12.3

km/sec, the maximum stagnation point heating rate was 537 W/cm 2, which is twice the

maximum heating rate for a Mars MTV aerocapture. Stagnation heating for the MTV rettma

trajectory for entry velocity of 12.3 km/sec and 13.1 km/sec are 533 W/cm 2 and 950

W/era 2 respectively. These values are two and four times higher than the maximum Mars

aerocapture value. For either of these vehicles returning from Mars, an ablative heat shield

will be required.

Lunar return heating analyses were also made for the LTV, Figure 3-26. Lunar return

trajectories for the LTV were computed with an Earth return mass of 26.5 metric tons. The

aerobrake is a symmetrical hyperbola (derived from the MTV low L/D aerobrake) and has

an L/D capability of 0.25 at a 20" angle of attack, with a diameter of 22 meters and

reference area of 380m 2. The ballistic coefficient used for Earth return was 52 kg/m 2. The

LTV Earth aerocapture trajectory is displayed in Figure 3-26, for an entry velocity of 11.05

km/sec and a target apogee of 407 kin. The Lunar return heat value of 55.3W/cm 2 is an

order of magnitude smaller than the MTV Mars return maximum heating rate. The resulting

distributed heating at this maximum heating point is displayed in Figure 3-26. All of

these temperatures fall well within the capabilities of near-term advances of reradiative

materials.

3.2.1.6 Guidance Navigation and Control

To perform the maneuvers of aerocapture a scheme of guidance, navigation and control

was devised. For the baseline cryo/aerobrake vehicle the top portion of the atmosphere

was used to slow the vehicle by drag to capture it in orbit. All missions use an aerobrake

for descent and passage through the atmosphere for ascent. It is required that the Mars

atmosphere be reasonably understood to use it to set vehicle performance requirements.

The standard MarsGRAM atmosphere description program was modified so that we could

generate density tables for in-house flight simulation and heating codes such as

AEROPASS, OPTIC, OTIS, BLIMPK, and MISSION. This enabled us to use probable

atmospheres as projected from known Viking and Mariner data for the chosen region of

aerocapture/descent. Most of our studies focused on the equatorial region for

which real data doesn't exist.
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Modifications were made so that for a chosen date and time one could determine the

position of Mars in its orbit about the Sun. The right ascension and declination of the Sun

are output so that the high density region is known for that date and time.

The Mars orbit for the year 2016 was examined at Winter solstice, Summer solstice and

Spring equinox for the average high, average low and average mean density profiles.

These density profiles were used for subsequent aerocapture GN&C and descent studies
and simulations.

Traditional GN&C schemes employ the use of a predictor-corrector algorithm. An alternate

scheme employed is one in which the guidance system follows a predetermined flight path

angle versus velocity profile. The data are obtained from a flight profile through a normal

atmosphere which meets all the normal parking orbit constraints and the heat flux and g-

load limits (6 Earth gs). GN&C errors and atmospheric perturbations will create

accumulated errors which will bias the guidance profile. The guidance profile of the flight

through the atmosphere (shaded) is illustrated in Figure 1-32. The error on capture orbit

due to density variation is shown in Figure 3-27.

Preliminary fu'st approximations were made to look at the possible effects of local and

global dust storms on aerocapture parking orbit errors. Initial results from guided runs

using the alternate scheme indicate that global dust storms can create gross apoapse (radius

position) and argument of periapse parking orbit errors, Figures 3-28 and 3-29. This is

because at the critical aerocapture region, the unexpectedly large density profile depletes

excessive energy from the spacecraft creating gross errors in apoapse radius position

(altitude). The aerocapturing vehicle has to exit the atmosphere sooner, making correction

of the line of apsides difficult. Localized dust storms create only gross apoapse errors

because the density perturbation occurs in the critical aerocapture region only.

The Mars Atmospheric Working Group (in which Boeing was a participant) raised a

concern about the effect of Mars atmospheric uncertainties on aerocapture GN&C. We

proposed a synthetic sinusoidal density wave equation which could be implemented in

guided aerocapture simulations to test GN&C "robustness." The amplitude, wavelength,

phase angle and bounded altitude regions in the atmosphere were varied to study the

importance of each in creating GN&C errors. Delta V errors for GN&C were found for
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non-adaptiveandadaptive guidance, Figure 3-30. The large amplitudes (greater than 30

percent ) severely affect GN&C performance, which was measured by the required post-

aerocapture apoapse delta V correction. High frequencies act as density shears (errors tend

to average out) that severely affect GN&C performance. However, large wavelengths,

those greater than 800 kin, act as density biases. In this case the phase angle, or where the

sine wave begins, is important. If the pre-periapse portion of the aerocapture experiences a

less than normal density prof'fle while the post-periapse portion experiences a greater than

nominal density profile, GN&C errors can still be minimized because the vehicle has

significant control authority (due to the 'thick' atmosphere). If the opposite scenario

occurs, that is the atmosphere is less than nominal post-periapse, then the vehicle's control

authority is decreased and GN&C errors are more difficult to correct.
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Preliminary studies on the effectiveness of a predictor-corrector algorithm for Mars

aeroeapture have also been carded out (Reference 26). Results show that the MarsGRAM

high density profiles with random perturbations have the greatest impact on GN&C

accuracy. GN&C performance degrades with decreasing L/D with the minimal required

L/D being about 0.3. The parking orbit element argument of periapse cannot be actively

constrained with this algorithm.

Further studies need to be performed to determine the effects of Mars atmosphere

perturbations on aerocapture GN&C. This will determine the depth of Mars atmosphere

knowledge needed for manned missions. In addition the problem of argument of periapse

control must be worked for missions with highly elliptic orbits.

3.2.1.7 Mars Descent Crossrange Analysis

Crossrange is a valuable feature of vehicle design for access options to different areas on

the Martain surface. An analysis was carded out to determine the effect that I_/D and

atmosphere have on the crossrange. These analyses were performed using the OTIS

program.
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Two types of descent scenarios were studied. The first was a descent in which the

crossrange was maximized. The second was a pinpoint descent. In this case the

simulation was constrained to end at a certain location (defined by latitude and longitude

coordinates) and the final velocity was minimized.

Both types of descent trajectories were generated using OTIS (Optimal Trajectories by

ImpLicit Simulation). OTIS uses a non-linear solver to optimize the trajectories with respect

to one or more control variables. For the descent trajectories considered, the only control

variable was the bank angle which was allowed to vary within specified constraints. The

actual limits on the bank angle depended on the problem. For both types of descent cases,

the analysis began from a 1-sol elliptic parking orbit (24.6 hour period) with the orbit

periapsis in the atmosphere. In the first descent case the simulation started at an altitude of

100 km and was constrained to end within a certain altitude and velocity range. In the

pinpoint descent case the simulation began with an altitude of 112 kin and was constrained

to end within a certain altitude, latitude and longitude range.

The results of this study showed that the type of atmosphere has no significant effect on the

amount of crossrange generated or on the vehicle's ability to reach a specific location. The

results of the case in which the crossrange was maximized is shown in Figure 3-31. This

figure indicates that the crossrange is primarily a function of l.dD.

The altitude time histories for different atmospheres for the LdD of 1.0 for maximized

crossrange and pinpoint descents are shown in Figure 3-32. In all the cases there is an

initial dive into the atmosphere, a large skip (but not a skip out), and another dive

corresponding to the final descent. As a result of the initial dive enought lift is generated to

raise the flight path angle to 0 degrees (the flight path angle starts out at approximately -10

degrees) and the vehicle glides for most of the trajectory.

In both scenarios most of the trajectory is spent in the upper atmosphere, which means that

local dust storms will probably have little or no impact on the trajectory. It is believed that

effects of a local dust storm are felt only up to an altitude of 40 kin. The graphs indicate

that most of the trajectory is above this altitude for both descent types. Even though a dust

storm was not simulated, it is expected that the effects would be minimal.
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The bank angle time histories for both types of descent are shown in Figure 3-33. In the

case of the maximum crossrange descent the bank angle is initially large (greater than -60

degrees), increases to approximately -90 degrees, and then begins to decrease. The vehicle

wants to bank 90 degrees in order to turn and generate the maximum crossrange. At the

same time, lift in the vertical direction must be generated in order to raise the flight path

angle. The bank angle begins to decrease when the vehicle begins to climb (after the initial

dive). As the altitude increases the density decreases and more vertical lift is required to

keep the vehicle in the atmosphere. The bank angle continues to decrease towards zero

after the start of the f'mal dive in order to keep the vehicle in the atmosphere as long as

possible.
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In the pinpoint descent case several roll reversals are performed before the bank angle

oscillations dampen out. The reason for this behavior is that the vehicle is trying to deplete

energy in order to meet the f'mal altitude, latitude and longitude constraints. A sample

ground trace for both descent scenarios for the high density atmosphere is shown in Figure

3-34. The variation in the ground traces is due to the different f'mal constraints of each

descent problem.
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3.2.1.8 Mars Ascent Analysis

The analysis was performed to examine the drag losses associated with the reusable MEV

during Martain ascent. OTIS also used to perform this analysis. The trajectory began at

the Mars surface and ascended to a nearly circular orbit (the final altitude was 98 kin).

The results showed that the velocity losses due to drag were minimal. When an average

density atmosphere was used the velocity loss due to drag was 180 m/see. For the high

density atmosphere the velocity loss due to drag was 220 m/see.
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3.2.1.9 Standard Orbit Analysis

An analysis was conducted to determine if a module that was left in orbit around Mars at

the end of one mission could be encountered during another subsequent mission without a

large delta V penalty to re-acquire the orbit. The PLANET Program was used to perform

the analysis by varying inclinations and periods for the standard orbit. The mission in

which the module was put into orbit (baseline) was the 2016 opposition opportunity. This

mission corresponds to the Boeing Nominal (Case 2) and the Level II Reference

conditions. The 2018 and 2024 opposition opportunities were used as the return mission,

Figure 3-35. The standard orbit was propagated according to which mission was being

studied. The results of this analysis did not yield a desirable standard orbit. For all the

cases studied either the insertion delta V or the departure delta V was large. Further work

is needed on the analysis of the standard orbit problem.
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3.2.2 Low Thrust Missions

The low thrust missions covered in this section involve the use of electric propulsion

systems with either a solar electric (photovoltalc) or nuclear system to generate electricity

for thrusters working on argon propellant electrostatic systems.

3.2.2.1 Historical Perspective

In early studies, the main focus of electric propulsion (EP) mission analysis was on

planetary probe and cargo applications. Electric propulsion for piloted missions was not

considered as a serious contender for manned Mars missions. Due to the inherent

characteristics of electric propulsion, i.e., low thrust, the propulsion system lends itself to

applications where there is a reasonably long time to accelerate and decelerate the

spacecraft. The EP systems cannot perform fast orbital transfer missions in the Earth's

gravity well, but can compete with high thrust propulsion options (chemical, nuclear

thermal, etc.) in Earth-Mars heliocentric transfer, Figure 3-36. For EP to compete with

high thrust options for manned Mars missions, power levels on the order of 10-50 MWe

must be employed.
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In thecurrent study,two low thrust systemswereanalyzed,the solarelectric propt/lsion
(SEP) and nuclearelectric propulsion (NEP) options. The studyrevealedthat EP can

competewith high thrustoptions in termsof total mannedtrip timesfor Mars missions.

This result was not as accepted in previous years when EP systems were mainly thought of

as cargo carriers. One method that contributed to the shorter transfer times is the use of a

Lunar and Mars gravity assist. Gravity assists arc not unique in themselves, but when

these specific gravity assists are coupled with the high powered EP trajectories, the

trajectories are efficient.

Due to the high Isp (5,000 to 10,000 sec) associated with electric propulsion, several

benefits are gained such as reduced propellant requirements, greater mission flexibility,

elimination of high-energy aerobraking, and a lower sensitivity to mission opportunity

variations. Electric propulsion initial masses do not vary as much throughout the Earth-

Mars synodical cycle as does the high thrust options. Missions, such as the 2024

opportunity, that are not mass feasible for high thrust options are feasible from a mass

standpoint for EP vehicles.

3.2.2.2 General Assumptions and Guidelines

At the onset of our analysis several ground rules were established to insure commonality in

search of optimum trajectories. These ground rules included items such as Earth departure

location, trip time definitions, Mars stay time, and propulsion system characteristics

(References 9 and 10). Since the EP vehicles have a lengthy Earth orbit transfer time, the

vehicles will spiral from an assembly point to near Earth escape before the crew will

rendezvous with the transfer vehicle.

Mission analysis for both the NEP and SEP vehicles were performed by Byrd Tucker and

Bill Vlases (References 27 and 28). Although CHEBYTOP was used by both analysts as

the main program, different front end optimizers were used. The initial analysis was

performed by Tucker using POP and CHEBYTOP to gain a parametric insight of where to

initiate our point designs. Further analysis was performed by Vlases once detailed mass

statements were defined. Vlases also had the capability to perform gravity assists which

are discussed in the next section. The most current analysis with gravity assists included

were performed by Vlases.
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3.2.2.3 Gravity Assists

Certain gravity assists offer significant benefits for electric propulsion, without imposing

launch window restrictions. The gravity assists that offer benefits are a Lunar fly-by, Mars

fly-by, and an Earth fly-by. During Earth escape, the vehicle swings by the moon to gain a

velocity boost on the order of 600-1000 m/s. During a Mars fly-by, the vehicle

approaches Mars with excess velocity, drops the MEV off, and continues in heliocentric

space in close proximity to Mars, Figure 3-37. When the vehicle decelerates enough to

capture at Mars, the vehicle enters a highly elliptic orbit to allow the MEV multiple attempts

to rendezvous with the transfer vehicle. The time frame for vehicle deceleration and Mars

capture is calculated to be the same as the surface stay time. An Earth fly-by is similar to a

Mars fly-by in the sense that the vehicle starts the deceleration phase of the mission leg later

than normal. As the transfer vehicle approaches the Earth with excess velocity, the crew is

dropped off and the vehicle continues in heliocentric space. When an Earth fly-by is

employed, the transfer vehicle cannot rendezvous back with the Earth for a considerable

length of time (-200 days). This length of time may be detrimental to thruster lifetime.

Therefore, the recommended gravity assists are Lunar and Mars fly-bys. These fly-bys can

offer trip time reductions on the order of 40 days total.

3.2.2.4 Solar Electric Propulsion

Mission analysis for SEP vehicles can be broken down into two distinct categories;

opposition and conjunction. Virtually all mission analyses for this study were aimed at

piloted missions. Mission analysis for cargo applications is more su-aightforward and can

be interpolated from the lower power profiles that were performed.

The majority of analyses were performed for opposition class missions. There are two

"legs" associated with an opposition mission, outbound and inbound. One of these two

legs will have higher associated energy requirements. Since a majority of the payload mass

is left at Mars, the trajectories lend themselves for a high energy inbound leg vs a high

energy outbound leg. An opposition inbound leg requires the vehicle to come inside of the

Earth's orbit and sometimes within 0.5 Aid. This type of path allows the vehicle to "catch

up" with the Earth. Stay times associated with this type of mission are on the order of 30-

60 days. Longer stay times would result in the vehicle not being able to suecessfuUy

return home. When on inbound leg of opposition mission is within 0.65 AU, the vehicle
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will not fully face the sun and take solar flux cosine losses to keep the solar arrays from

overheating.

Typical, total trip times associated with SEP opposition missions result in 530 to 630 days

(including a 30 day stay time), Figure 3-38. Initial mass in low earth orbit (IMLEO) for

this size of vehicle is typically in the 500 tonne to 300 tonne range, power levels are

from 8 to 20 MWe. Specific impulse (Isp) for the SEP vehicles tended to optimize about

6500 see. The solar flux deereases as the distance from the Sun increases. When the SEP

vehicle is in Mars' vicinity (1.5 AU), the vehicle is at 50% of what the power level

delivered to the thrusters at Earth. The specific mass of the SEP vehicle is also greater than

that of the NEP which means that the thrust-to-weight ratio is less for the SEP. The

reduced power at Mars and the lower thrust-to-weight ratio results in the different

optimized Isp levels for the two vehicles.
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An important factor in the mission analysis'is the vehicle alpha. Alpha is the ratio of total

power and propulsion system dry mass to the electrical thruster input power and is referred

to as the specific mass of the vehicle. Typical alpha values that have been analyzed for

these multi-megawatt powered vehicles are in the range of 8-15 kg/KWe, with 10 kg/kWe
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being the norm. To obtain fast trip times with the EP vehicles, alpha should be as low as

possible. Technology and innovation will play the major role in reducing alpha.

For conjunction class missions, the vehicle is basically performing the "easy" leg of two

opposition class missions. The only restraint of this type of mission is that the crew must

remain at Mars for approximately 600 days. Isp for conjunction class missions tends to

optimize at 5,000 to 7,500 see, as in the opposition missions. Power levels for

conjunction class missions can be in the 10 MWe range for trip times in the 400 to 450

day range. Alpha for this analysis was varied from 8 to 12 kg/kWe. Power levels down

to 5 MWe can be used that support 500 day trips at an Isp of 5,000 see and alpha of 8

kg/kWe. Higher Isp's at 5 MWe result in such low thrust that the vehicle must lengthen its

trip time to well beyond the Hohmann transfer trip time simply to allow the thrusters

enough time to generate the required delta V to complete the transfer. These results are for

a nominal 2016 mission.

Using the baseline vehicle (10 MWe, alpha=10 kg/kWe, Isp=6500 sec) and trajectory, a

trade was performed in which the year of opportunity was varied through the entire Earth-

Mars synodical cycle. When arrival and departure from Mars occurs near the apoapsis of

the Martian orbit, Mars is further away from Earth and is traveling slower. Both of these

factors require a corresponding increase in necessary total delta V for the same trajectory

geometry. As a result, longer trip times and higher initial masses in LEO are required for

some of the conjunction opportunities and not for others. The SEP vehicles cannot make

up for higher energy requirements by increasing the delta V (the propellant mass available),

so shortening the stay time is used as a way of maintaining relatively efficient paths on the

"more difficult" opportunities (Reference 9).

3.2.2.5 Nuclear Electric Propulsion

The trajectories for NEP vehicles are very much the same as SEP trajectories. The

difference between a NEP vehicle and SEP vehicle lies in the power profile over the

trajectory. While the SEP vehicle's power generation deteriorates to roughly 50% of that

generated at 1 AU, the NEP power generation remains constant throughout the entire

trajectory. Another distinct difference in the two systems is that while the SEP vehicle

remains fairly constant if power levels increase, the NEP vehicle alpha's can vary at certain

power levels, Figure 3-39. For instance the vehicle alpha for a SP-100 powered 100 kWe

vehicle would be in the neighborhood of 40 kg/kWe. A typical vehicle alpha for a 20 to 40
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MWe vehicle would be in the neighborhood of 5 to 12 kg/kWe, depending on the

technology assumed. There is a point where the vehicle alpha's start leveling off and

becomes fairly constant. This power level is about 20 to 25 MWe. This power level will

usually give trip times and initial masses that are in the "knee" of the IMLEO vs trip time

curves. However, if faster trip times are required, power levels can be increased to obtain

faster trips at the cost of initial mass (power system mass and propellant mass).
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As mentioned previously, the SEP specific impulses tended to optimize about 6500

seconds while the NEP Isp's optimized higher. For most of the cases, an Isp of 10,000

seconds was found to be optimum for reasonable trip times and initial masses. Unless

otherwise specified, an Isp's for the NEP vehicles may be assumed to be 10,000 seconds.

The only cases that did not optimize at 10,000 seconds were the lower power level cases

(10 MWe and below) whose trajectory required more thrust than could be provided at that

Isp.

The initial parametric analysis for oppositibn class missions was performed by Tucker to

define a starting point for our vehicle point design (Reference 26). The initial power levels

and associated vehicle alpha's were as follows; l0 MWe at 12 kg/kWe, 24 MWe at 6

kg/kWe, 40 MWe at 4 kg/kWe, 80 MWe at 4 kg/kWe, and 120 MWe at 3 kg/kWe. This

analysis revealed several important conclusions. When the power level of 40 MWe was
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doubledto 80MWe whileholdingalphaconstant, the IMLEO increased significantly while

the trip time held virtually constant. More power is required to push more mass. Power

levels of 10 MWe and below will not give trip times much faster that 600 days. Trip

times in the range of 500 to 600 days are possible with power levels of 20 to 25 MWe.

The power level of 40 MWe and associated alpha of 4 kg/kWe revealed the best solution

in terms of IMLEO and trip times. From this analysis, 40 MWe was chosen as the power

level for our vehicle concept. After a detailed vehicle concept was developed our final

vehicle alpha was calculated to be 6.8 kg/kWe. This 40 MWe vehicle had a trip time of

490 days and 561 tonne IMLEO for the nominal 2016 opposition mission. Further

analysis was also performed to determine the effects of varying mission opportunities

(Reference 10).

Trade studies were performed for the proposed conjunction class manned Mars mission, in

which Mars residence times are on the order of several hundred days. Long stay times at

Mars allow the vehicle to travel on two relatively low energy legs, in contrast to the

opposition class missions which generally utilize one low energy leg and one high energy

leg. As a result, initial masses in Earth orbit are significantly lower than in opposition class

missions. Trades were performed for optimum power levels, optimum specific impulse for

a given power level, and optimum launch and encounter dates for the 2016 opportunity.

Using a baseline case of 25 MWe, Isp = 10,000 seconds, the total vehicle alpha was

varied to determine sensitivity of the initial mass to the design alpha. Trajectories were then

generated for each of the opportunities between the years 2009 and 2026, again using the

25 MW vehicle as a benchmark. For the best and worst of the opportunities (as far as

minimum weight and minimum time), the stay time was varied between four hundred and

six hundred days in order to determine and optimal Mars residence time. The study

revealed that for the nominal 2016 conjunction opportunity a 25 MW vehicle can perform

a 325 day trip time for 391 tonnes of IMLEO at an Isp of 10,000 seconds and vehicle

alpha of 7.0 kg/kWe.
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4. TRADES AND SENSITIVITIES

4.1 Introduction

A series of trades and sensitivities were performed to examine, characterize and compare

different alternatives and key parameters in order to thoroughly understand all the options

available to carry out the new initiative missions. The results of these studies are provided

in this section. Further details may be found in the six volumes of the Implementation Plan

and Element Description Documents (IP&ED) that contain parametric data and results

primarily in graphical form (References 6-11). These data present the interrelationships

existing among the parameters that define the mission, the vehicle, the propulsion system,

and the performance of the overall vehicles for interplanetary missions.

It is important to mention that, for a series of transportation trades covering as broad a

scope as that encompassed by the Space Exploration Initiatives, the final judgements

concerning winning concepts are closely tied to which individual mission goals,

requirements, and technical assumptions are given the most weight in the evaluation

process.

4.1.1 Mission Goals, Requirements and the Evaluation Process

A SEI mission objective, or mission model, is actually a composite entity composed of

individual requirements and mission goals. Examples of individual mission goals are an

"early" f'trst flight date, or a "short" transfer trip time, or a LEV design emphasizing "ease"

of cargo off-loading.

Requirements, on the other hand, differ from goals in that they are tied to specific, clearly

identifiable items or time tables, such as a "2010" first flight date, a "400 day" trip time, or

an acceleration limit for aerobraking. The difference between the two is a matter of

preciseness. Some mission requirements were provided early in the study, requirements

were periodically reviewed to ensure they did not artificially restrict trades. Many

requirements applicable to space transportation mission and vehicles were derived as the

study progressed.
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4.1.2 Preferred Concepts

A single overall winning vehicle concept cannot be given as an outcome of advanced

propulsion trades at the present time. SEI does not presently have a definitive mission

model, encompassing a specific flight trajectory, development timetable, payload manifest,

etc. A more complete understanding of the capabilities and complexities of in-space

transportation systems was sought by these trades. The early phase of (spacecraft)

conceptual design is often an iterative process, where both mission requirements definition

and vehicle design evaluations proceed together to the next level of refinement. The

subjective nature of some important criteria prevent an unequivocal statement of a winner.

Identifying areas where particular concepts are differentiated as being superior is

emphasized in this section. For certain categories of mission scenarios preferred concepts

will be emphasized.

4.1.3 Presentation of Trade Results

The following principles were applied to trade study definitions.

a. Trades capture a sufficiently large trade space.

b. Trades address important questions related to SEI transportation.

C. Trade comparisons are as fair as possible

d. Trade evaluations are cognizant of a system's future development capabilityfor

evolution to, or potential of, improved performance in the out years.

e. Trades include adequate documentation to enable full traceability.

f. Trades are presented with a common indicator or gage as a way of "normalizing"

and/or comparing the differing impacts of several unrelated systems; example: normalizing

the cost of incorporating artificial g, impact of shortening trip time, and of increasing

outbound payload by presenting all results in terms of vehicle Initial Mass In Earth Orbit

0MLEO).
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Evaluatingall of the complex interactions between propulsion system, mission and vehicle

parameters is impossible; the goal of the trades and sensitivities task is to identify and

understand those found to be most pertinent to the SEI missions.

The order of presentation is as follows:

Reference vehicle designs trades

Overall propulsion system comparison trades

Overall vehicle system trades

MEV trades

Lunar vehicle trades

4.2 Reference System Trades, Baseline Evaluations

The reference system trades contain the baseline vehicle evaluations and sensitivities.

4.2.1 Introduction

A major portion of this trade area was to evaluate the performance characteristics of five

candidate interplanetary propulsion systems:

Cryogenic all-propulsive (CAP),

Cryo/aerobraldng (CAB),

Solid core nuclear thermal rocket (NTR)

Nuclear electric propulsion (NEP)

Solar electric propulsion (SEP)

These reference vehicle designs were introduced in earlier sections, and represent integrated

mission/vehicle/engine systems. Several trades were performed early in the study and

several key assumptions were made at that time from which these designs were based.

Subsequent trades and sensitivity analyses were done to evaluate system or subsystem

options to these baselines. Frequently, results of these subsequent trades are presented as

delta's to the reference vehicles IMLEO, performance or operational characteristics. The

intent is that the reference vehicles then become a representative 'yardstick' by which other

approaches are compared, without implying that these baselines represented the optimum

designs.
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The 2016 opposition mission detailed earlier was utilized as the reference for all the

candidate propulsion system/vehicle concepts, except for the CAP, which could only

accommodate conjunction-class trajectories. Mission delta V's and departure dates for this

mission are given in Reference 6.

All vehicle concepts carried the same payload; identical 35 ton transfer habitat modules for

the baseline crew of 4, an ECCV and a MEV. The MEV carried by the CAB did its own

separate aerocapturc at Mars; its total weight of 84 tons was 11 tons heavier than the MEV

carded by the other vehicle concepts utilizing propulsive capture at Mars. In those cases

the MEV's had a descent-only acroshell. For the purpose of these trades, mission payloads

such as the habitat were not changed to reflect habitat design changes. This permits all

trade results to be directly compared.

4.2.2. Results of Reference Vehicle Design Trades

The following summaries present the significant trade results involved in formulating the

reference vehicle designs. Although not exclusively propulsion related, a majority of the

analysis falls into that category.

4.2.2.1. CAP Baseline Trades

Performance Limits -Exclusive use of the 475 sec Isp O2/H2 propulsion system

eliminates the CAP propulsion system from consideration as a viable contender except for

the low delta V conjunction class trajectories. For opposition-class trajectories, the CAP

option has unreasonably high IMLEO's. CAP gains preference over the more complex

CAB system, only when minimum-energy conjunction class missions are considered. The

advantage of aerocapture at Mars is minimal given the much slower arrival Vhp for these

trajectories.

Reference Vehicle Development Trades - The CAP baseline shown in Figure 4-1 was

derived directly from the CAB baseline described below with a minimum of trade effort. A

90% propellant fraction was used for the-TMI stage, as well as four 200k Ibf advanced

space engines, each with an Isp of 475 sec and with a nozzle expansion ratio of 400:1. A

single TMI burn was utilized for Earth departure. The CAP system represents the

propulsion system that could be brought to first flight readiness the earliest, and with the

least developmental cost. All major propulsion hardware excepting the large 20(0 Ibf class
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TMI enginescould comedirectly from aLunarprogram. Thisearlyoperationaladvantage
is countered,however,by the fact that thc 900 day plus trip times characteristic of these

conjunction class missions would require more development effort in the areas of MTV

habitat ECLSS systems, as well as incorporation of s.rtificial-g systems.

Element mass (kg)

MTV crew hab module 'dry'
MTV hab consumables & resupply
MTV hab mod science
MTV crew habitatmodule

28602
11655
lO0O

41257

TEI usable propellant (dV=860 m/s)
TEI outbound boiloff
aYd_ima:_L_ilatf
TotalTEl propellant

12959
1299
2423

16681

MOC usable propellant (dV=1530 m/s)
MOC outbound boiloff
TotalMOC propellant

59340
3310

62650

EOC propellant (expendable veh) n/a

RCS propellant (dr=30 m/s)
Outb midc correction prop (dV=40 m/s)
Inb mideour_ con" prop (dV=40 m/s)

702
1872
546

MOCtTEI m,opul stg inert
M'IW propulsion stage total

1461O
97061

MEV descent only aerobrake
MEV ascent stage
MEV descent stage
MEV surfacecargo
MEV total

7000
22464
18659
25000
73118

ECCV 70O0

• TMI inert stage wt
TMI _t)ro__llant load (dV=3900 m/s)
TMI stage total

37800
335650
373450

IM11¢.0 591886

2016 CONJUNCTION CAP VEHICLE

FIGURE 4-1
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Reusability - The motivation for reusability is primarily the desire for recovery of the

expensive MTV crew habitat module. CAP reusability for conjunction class only missions

is not costly in terms of a delta to total IMLEO (typically less than 10%, Reference 6). The

added propellant necessary for the Earth orbit capture (EOC) burn is small, because of the

low Earth arrival velocities characteristic of these conjunction class trajectories. However,

this is equally true for all the high thrust propulsion systems utilized for these low delta V

conjunction missions. Our baseline CAP was reusable.

Potential for Performance Improvement - The CAP's potential for performance

improvement is unlikely, because its 475 see Isp represents the practical maximum for

cryogenic propulsion systems.

Vehicle Flexibility to Accept Variations in Performance Requirements - The CAP does not

adapt well to changes, other than accommodating payload variations within the conjunction

class missions.

4.2.2.2. CAB Baseline Development Trades

Performance - The CAB served initially as the overall reference vehicle for this study. The

801 ton, 2016 opposition (Level II 565 day reference trajectory) vehicle required 576 tons

of propellant and 73 tons of total propulsion system inert weight for the mission. The

reference CAB vehicle sketch and summary weight statement is given in Figure 4-2.

Additional details on this reference vehicle are given in Reference 6.

Vehicle Performance Assumptions - The CAB's Mars capture acrobrake was set to 15% of

the brake's Mars capture mass. The TMI stage propellant fraction was 90%. A single TMI

burn was utilized for Earth departure. Vehicle T/W at TMI was set at 0.4 to reduce g-

losses. Thrust-to-weight ratio is defined as thrust in lbf divided by initial mass in Ibm.

The numerically equivalent SI measure is (thrust in Newtons)I(9.80665 * mass in kg.).

For the 2016 reference mission the vehicle required four 200k lbf engines (Isp = 475 see

with a 400:1 nozzle).
I-
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Element mass (kg)

MTV Mars aerobrake

MTV crew hab module 'dry'
MTV consumables & resupply
MTV science

MTV propulsion stage
MTV propellant load (dV=3400 m/s)
MTV total

MEVMars capture & desc aerobrake
MEV ascent stage
MEV descent stage
MEV surface cargo
MEV total

23758
28531

7096
1000

18206
85141

163732

15138
22754
21457
25000
84349

ECCV
Cargo to Mars orbit only
MTV-TMI interstage wt

TMI inert stage wt
TMI pro_llant load _dV--4281 m/s)
TMI stage total

7000
0

500

54560
490950
545510

IMLEO

2016 REFERENCE CRYOGENIC/AEROBRAKE VEHICLE

FIGURE 4-2

801090

Reference Vehicle Development Trades - An important early trade of the CAB system

involved the strategy for the aerocapture maneuver at Mars. Two options were evaluated in

respect to the size and number of aerobrakes: (1) aerocapture of both the MTV and MEV

stages together in one aeroshell; (2) two separate, but structurally similar aerosheUs, for

separate aerocapture of the two stages. Results favored having the MEV and MTV stages

capture separately; the single aeroshell grew very large and heavy, complicating launch

manifesting and in orbit assembly, and required a small inflight reconfiguration maneuver

to position the MEV behind the MTV so as to be within the brake wake cone protected

region and for correct CG placement for the capture maneuver. The separate capture

approach allowed for the benefit of autonomous MEV capture one day ahead of the manned

MTV, as a valuable 'flight test' precursor to the follow on capture of the manned MTV

stage.

The 15% aerobrake reference CAB vehicle IMLEO varies with TMI delta V and TEI delta V

as shown in Figure 4-3.
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FIGURE 4-3

Reusability - Recovering the MTV crew module required reuse of the Mars capture

aeroshell at Earth. The high arrival velocity encountered at Earth on return was found to

produce a maximum heating rate of 860 watts/cm2. This was shown to be beyond the near

term reradiative capabilities of the aerobrake thermal protection system (TPS). For CAB

reuse, a complex hybrid TPS would be required, operating reradiatively at Mars and as an

ablator at Earth. The "Boeing Vehicle Synthesis Model", an inhouse computer program

from which the detailed vehicle weight statements are calculated, was run to evaluate what

the IMLEO cost to the 2016 reference mission would be, if the recovery of the MTV stage

could be done with a 15% Mars aeroshell. The results for the analysis indicated that

IMLEO increased 82 tons (10%) from 801 to 883 tons with the increase due primarily to

the added TEI propellant necessary to boost the aeroshell back to Earth. The increase in
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IMLEO for recovering the crew module is very sensitive to mission prof'Lle pLrticulars,

especially trans-earth injection delta V.

Issues of Concern - The principal areas of concern included verification of aerobrake

integrity, successful sealing of aeroshell assembly joints and surfaces, Mars aerocapture

GN&C, and tether system design and weight considerations for accommodating

artifical-g.

Potential for Performance Improvement - The CAB's potential for performance

improvement is unlikely; its 475 see Isp represents the practical maximum for cryogenic

chemical propulsion systems. Mars capture aeroshell weights of 15% of capture weight

represent a near minimum based on current analysis.

CAB Vehicle Flexibility to Accept Variations in Performance Requirements - The 2016

reference CAB vehicle does not adapt well to changes in the design of Venus swingby

mission profiles now defined, for the following reasons:

Large variations in return propellant (TEI plus deep-space bum) result in large

variations in aerobrake payload. The brake must be designed for the worst

case.

It is much easier to accommodate variations in TMI propellant as the TMI stage is

modularized to match ETO lift capability.

The CAB baseline adapts well to the conjunction fast a'ansfer profile because the delta Vs

and Mars arrival velocity are similar to the opposition profile.

4.2.2.3. NTR Baseline Development Trades

Initial nuclear rocket development was a joint Atomic Energy Commision-USAF project

that started with exploratory research in 1953 bearing the name 'ROVER'. Soon to become

an AEC-NASA program, early research was transformed into test hardware in July 1959

with the KIWI A test reactor (100 MWt, 0 }bf thrust) and peaking with the Phoebus 2A test

reactor in 1967 (5000 MWt, 250k lbf thrust, 850 s Isp). In 1961, development began on

the NERVA (Nuclear Engine for Rocket Vehicle Application) fight configuration series of

full-up engines. Before termination of the NTR program in 1973, record performances of

62 minutes at continuous full power (NRX-A6), peak fuel temp 2750 K (PEWEE), peak
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fuel pow_ density 5200 MW/m3 (PEWEE) and 28 single engine restarts (XE) capability,

among other achievements of an extensive test program, were seen at the Jackass Rats,

Nevada test range. A total of 20 reactors were designed, built and tested between 1955 and

1973 at a cost of approximately $1.4 billion before support for the program ended. Post-

Apollo plans for manned expeditions to the planets were abandoned due both to major cuts

in NASA's budget and its transition of focus to development of a space shuttle. In the

manned Mars mission plans of the 1960's NTR propulsion was the system of choice.

Performance - The NERVA NTR was involved in multiple mission applicability and

payload variation trades. The 735 ton, reusable, 2016 opposition (Boeing #2 trajectory -

434 day trip time) vehicle required 525 t of propellant and 92 tons of propulsion system

inert weight. A summary weight statement is given in Figure 4-4. A detailed weight

statement with rationale is given in Reference 6.

Element NERVA Advanced NTR

MEV desc aerobrakc 7000 7000
22464 22464

MEV ascent stage 18659 18659
MEV descent stage
b4EV surface car_o _
MEV total 73118 73118

MTV crew hab module 'dry' 28531 28531
MTV consumables& rcsupply 5408 5408

MTV science 1000 1000
MTV crew habitat system tot 34939 34939

MTV frame, struts & RCS inert wt 5593 5270
Reactor/engine weight 9684 1701
Radiation shadow shield weight 4500 4500

EOC propellant (dV=2654 m/s) 27756 19675
TEl propellant (dV=3900 m/s) 59245 40457
EOC/TEI common tank wt (1) 13845 10344

MOC propellant (dV=3870 m/s) 151680 107190
MOC tanks (2) 25572 19835

TMI propellant (dV=4201 m/s) 286146 188530
TMI tanks (2) 43092 30401

ECCY 0 0

CargotoMars orbitronly 0 0

IMLEO 735190 535960

2016 REFERENCE NERVA NTR AND ADVANCED NTR VEHICLES

FIGURE 4-4
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Performance Assumptions Propulsion Related - A NERVA derivative reactor design was

selected as the baseline NTR propulsion system, and assigned a performance level of 925

see Isp by NASA early in the study. The primary alternative to this NERVA design, was

the Particle Bed Reactor concept (PBR). The advanced NTR is characterized by an Isp of

1050 sec and an engine T/W of 20 which is characteristic of the PBR concept. This

performance represents the maximum potential of solid core reactor technology as applied

to direct thermal propulsion, see Reference 8.

The 925 sec Isp of the baseline propulsion system is a 75 sec improvement over the

maximum Isp realized in the 60's NERVA program (850 sec Isp at 250k lbf thrust, attained

by Phoebus 2A in 1967. The value of 850 sec for Isp is an extrapolation based on the use

of a large (500:1) expansion ratio nozzle instead of the small 40:1 nozzle actually used in

the test. The Isp of 925 secs corresponds to a H2 exit gas temperature of 2700 K and

would require an upgrade to composite material fuel elements. Such an improvement would

not require a reactor redesign, and a ground test qualified engine development program

within the near term (8-12 years), would be considered as realistic by a large majority of

the nuclear propulsion community. The probable difficulties in this activity would be full-

up engine testing and nuclear safety issues.

One important emphasis of the early stage of the study was the technical validation of the

performance gain that could be expected for 1995-2015 technology NERVA derivatives.

Recent technology advances since the early 70's in the areas of high temperature capable

materials, coatings and fabrication techniques would be incorporated into any new

development program, with the goal of evolving eventually to higher gas temperatures

(3100K), and to the higher performance (1000+ see Isp) associated with the advanced

NTR concept.

The NERVA derivative engine thrust level was also set by NASA at 75k lbf (3.5 engine

T/W, 9864 kg engine weight) early in the study. The reference vehicle utilizes a single

engine. In the early portion of this study it was decided that the relatively high cost and

weight of a reactor precluded the used of multiple engines. Later, that issue was reopened.

Other propulsion related assumptions included setting the reactor cooldown propellant to

3% of the usable propellant for each burn, setting the propellant reserves to 2%, and

assessing boiloff penalties with the inhouse Boeing "Crystore" cryogenic thermal model

2016 Reference NTR Mission Profile. Once assembled in LEO the 2016 NTR-powered

Mars vehicle departs Earth utilizing a 2 or 3 burn TMI departure with its single 75k lbf
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thrustNERVA derivative engine and begins its 434 day journey which includes an inbound

unpowered Venus swingby (Figure 445). The vehicle payload consists of a 73 t MEV and a

4 man, 35 t MTV crew hab module. A single Earth departure burn would incur sizable g-

losses due to the low overall T/W ratio (vehicle T/W=0.(M). Splitting the departure bum

into 2 or 3 phases and firing each time near the orbit periapsis point is to be used to

decrease these g-losses losses to a more acceptable level. After TMI, the empty Earth

departure pmpeUant tanks are jettisoned as a means of lightening the vehicle for subsequent

bums. Orbit capture at Mars is done all propulsively, and as before, propellant tanks are

jettisoned. The crew enters the MEV and descends to the surface. After a 30-day surface

stay the crew returns to the transfer vehicle via the MEV ascent stage. Once onboard, the

transfer vehicle does a single TEI bum and begins the inbound journey with only the MTV

crew module as payload. After the Venus swingby and an inbound midcourse correction

bum the vehicle will return to Earth in one of two ways, as return option 5a or 5b. For the

vehicle expendable mode, the crew enters a small Apollo type ECCV (7 tons) which enters

the atmosphere via heat shield aerobraking to achieve eventual splashdown in the Pacific,

(option 5a). In the vehicle reuse mode, an all propulsive Earth capture bum is done to

capture into an elliptical orbit (option 5b). No ECCV was assumed for this reuse mode.

Subsequent flight mechanics analyses showed that an ECCV is needed since the elliptic

Earth capture orbit is normally not immediately accessible from the LEO node.

Recovering the MTV stage back at Earth requires a significant delta V EOC burn for

capture, reduced somewhat by the selection of a high energy elliptical return orbit (500 km

by 24 hr period) compared to a return down to SSF LEO circular. The NTR is refueled by

an LTV in the 244hour orbit for later return to the LEO Node orbit. The amount of

hydrogen required is typically about 30 tons. This is more efficient than carrying this

hydrogen on the mission profile. The 244hour phasing orbit permits alignment of the

captive orbit and LEO-node orbit lines of nodes without delta V penalty. The subject of

end of life reactor disposal was not evaluated for the baseline definition.
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2016 REFERENCE NTR MISSION PROFILE

FIGURE 4-5

Reference Vehicle Development Trades - Operational and design assumptions used in this

analysis included 1) the jettison of the TMI and MOC tanks after burns, 2) the use of as

large a tank size as the launch vehicle(s) can deliver (in this study 10 m diameter tanks were

used, driven by a reference launch vehicle shroud size of 10 m by 30 m), and 3) the use of

advanced materials such as metal matrix composites for the H2 tanks in order to keep the

tank fraction as low as possible.

Truss/Tank Staging Trade - An early NTR design trade was the truss/tank staging trade,

done to determine the impact of keeping or dropping the large Mars Orbit Capture (MOC)

H2 tank(s). Two options were evaluated, with and without a truss system. The truss

system was used in the baseline configuration with a 4.5 ton reactor radiator shadow shield

positioned in-between the reactor and the aft tank. The 2 MOC tanks were jettisoned

immediately after the burn. The truss served to connect the engine/aft tank to the habitat

module. The estimate of 2.4 tons for the truss reflected the use of standard SSF truss bays

at 160 kg per complete 5 m by 5 m bay. The two MOC tanks together weighted 26 tons

empty (14% tank fraction).
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For the vehicle without a truss, the truss system that structurally links the engine to the

habitat module has been replaced by using a single MOC tank as a connecting, load

carrying structure, much like designers did for NERVA era designs (Reference 8). This

tank is not dropped but must be carried back to Earth since its serves as a structural

element. This single MOC tank (25 tons) must also be kept pressurized for the inbound leg.

The results indicated that NTR configurations that u_llze either the TEI or MOC propellant

tanks as structural members suffer a significant weight penalty.The large H2 tanks typical

for the opposition class vehicles, covered with MLI, vapor cooled shields and meteor

shields, have tank fractions estimated at 14% or more (Shuttle ET tank is 6%). For the

2016 reference mission MOC bum, a 25 ton tank is required. The 2.4 ton SSF type truss is

approximately one tenth the mass of this empty MOC tank. Carrying the 25 ton MOC tank

back on the inbound leg increased IMLEO by 95 tons over the 735 ton reference; 22 tons

of this additional 95 tons is the added TEI propellant required to boost the empty tank back

to Earth, Figure 4-6.
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VehicleTankPlacementandConfigurationTrade- Thereactor/engine/shieldcombination

greatlyinfluencestheoverall physicalconfiguration of the NTR vehicle. The necessity of

radiation attenuation between the radiation source and the crew, as well as the placement

and staging of very large H2 tanks are two major considerations that are unique to NTR

vehicles. The reference design was configured to minimize exposure to the crew from

reactor neutron and gamma radiation. The two factors of separation distance and axial

alignment of tanks are applicable in this regard. (Note: natura/radiation environment issues

are not included in this section.)

The separation distance between the crew and reactor is a key factor in reducing the amount

of radiation that actually reaches the crew module. Since the received dosage is equal to the

inverse of the separation distance squared, grouping the lengthy H2 tanks into an axial

alignment rather than a radial cluster near the engine improves radiation attenuation by

increasing the separation distance provided by the tankage/structure without unduly

penalizing the vehicle with the weight from structure dedicated solely to providing

separation distance. Doubling the separation distance to reduce the received dosage by a

factor of four is an example of how sensitive the inverse square law is to separation

distance.

The forward positioning of drop tanks rather than radial clustering also allows the reactor

radiation shadow shield protected cone half angle to be smaller. Radial clustering would

increase the immediate projected tank area around the reactor that would scatter direct

radiation and thus aggravate the problem by introducing secondary sources. Forward

positioning also provides more H2 to be utilized (as a secondary thermal neutron shield) in

the direct line between the crew cab and reactor. It is beneficial from a shielding viewpoint

to keep the earth orbit capture (EOC) and MOC propellant in an 'inline' tank just behind the

reactor shield.

Isp and Engine T/W Trades - Vehicle IMLEO variation with Isp and engine T/W is given in

Reference 8.

Reusability - The IMLEO cost to the 2016 reference mission for reuse is 170 tons above

that of the expendable mode (735 vs 565 tons). The 170 tons consists of both the

propellant to capture at Earth and the propellant to push that earth orbit capture H2 load

through the TMI, MOC and TEI delta V's.
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The selection of the reusable mode for reference was based primarily on LCC

considerations. Recovering the expensive reactor/shield/truss structure and crew module

system was preferable to the alternative up front benefit of IMLEO reduction gained by

expending all but the ECCV for crew return. The 1960's NERVA Program demonstrated

reactor reusability, so NTR propulsion systems are considered completely reusable within

the lifetime of the engine(s). NERVA derivatives for Mars transportation are estimated as

capable of at least 10 hrs total burn time. Ten hours is roughly equivalent to the cumulative

burn time of three opposition class missions, or 8 - 10 Lunar NTR missions.

Nuclear Propulsion Unique Issues and Other Issues of Concern - The following issues are

of particular concern to the NTR vehicle.

Reactor radiation shielding.

Allowable radiation energy flux which can be incident on the H2 in the

propellant tanks.

Residual 1-12 capability as secondary radiation shield.

Multi-Earth departure burns to reduce g-loss for moderate vehicle T/W ratios.

Post burn reactor 'cooldown' requirements

Engine testing, control and cleanup of residual radiation in the engine effluent.

Very large H2 propellant tanks/launch vehicle integration.

Potential for Performance Improvement- Realistic growth potential to 1000+ sees Isp

systems may be possible, but might be considered overly optimistic by some experts. The

NERVA derivative 925 see Isp represents an advancement over the 1960 NERVA

performance level due primarily to higher temperature capable reactor fuel element

materials. The Isp value of 925 see corresponding to the 2700K exhaust gas temperature

obtained from composite material fuel elements is 200K higher than demonstrated NERVA

temperatures (2500K) utilizing graphite material fuel dements. An Isp of 1000+ see may be

attained utilizing carbide material elements capable of 3100K. An engine T/W increase to 20

for the PBR concept is mainly a factor of reactor internal geometry.

NTR Vehicle Flexibility to accept variatibns in performance requirements - The NTR

vehicle readily adapts to changes in its mission for the following reasons.
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Identicalengine,core(aft) tankandtrussare used for all mission types

Changes to IMLEO are implemented simply as changes in propellant tank

capacities.

Propellant capacity variations implemented in expendable tanks

Truss must be long enough to accommodate worst case, this is a minor impact.

Variations in thrust-to-weight handled by multi-bum Earth departures as

necessary

4.2.2.4. NEP Baseline Development Trades

The NEP vehicle uses a nuclear reactor to produce thermal energy. The thermal energy is

converted to suitable electrical power for propulsion means. This electrical power is then

used to ionize a propellant and accelerate the charged particles at extremely high velocities.

The expulsion of the ionized propellant at extremely high velocities produces a low level

thrust that accelerates the vehicle. Due to the low level of thrust, the NEP vehicle is

accelerating for almost one-half of the trip and decelerating for most of the last-half of

journey. This propulsion philosophy is unlike the high-thrust systems that operate for only

a tiny fraction of the trajectory. Although the NEP thrusts for most of the trajectory, the

vehicle consumes much less propellant than a high-thrust system due to the efficiency

attained by the very high Isp. The major portion of the NEP vehicle is composed of the

powerplant necessary to produce the required electrical power for propulsion.

Propulsion performance and assumptions: Power Level - A parametric mission analysis

study was performed to establish a baseline power level for a NEP point design. Further

trades were also performed to determine the effects of vehicle alpha, Isp, trip time, and

opportunity. Results of this analysis and the relevant assumptions can be found in Section

3 and Reference 10. The propulsion system is composed of roughly 1 engine per

rnegawatt electric (MWe) of required power. The reference vehicle is designed at 40 MWe

with several spare engines.

Operational Considerations - The major operational consideration for NEP is the operation

scenarios for departure and refurbishmeot. From a technical standpoint a reactor can

operate safely within a LEO infrastructure. Currently it has not been decided if reactors will

be allowed to operate in LEO or what the minimum altitude will be. Once these

requirements have been established the NEP near Earth orbit operations scenarios can be

finalized. Details of the operational mode are found in Reference 10.
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Power System Trade - The heart of the power system is a fast specmm_ lithium cooled

reactor. A potassium Rankine power conversion system was chosen early due to its lower

system mass when compared to the other conversion alternatives. The Rankine system is

less massive than other dynamic systems due to the smaller radiator required. Dynamic

system efficiencies arc also higher than static conversion systems, resulting in less thermal

generation required per unit of electrical energy produced.

Propulsion System: Ion vs MPD Thrusters - The propulsion system is composed of many

ion thrusters that use argon as the pmpeUant. There are several types of electric thrusters

such as arcjets, resistojets, MPD trusters, and ion thrusters. Each of these thrusters arc

suited for a particular application. For a Mars mission application, MPD and ion thrusters

are the only logical choices. MPD thrusters have a lower efficiency and a lower expected

lifetime when compared to ion thrusters. Due to these reasons the ion thruster was chosen

for the baseline propulsion system. Future developments in MPD thrusters may improve

their efficiency to the competitive range.

There are many propellants that can be used with an ion thruster. A good propellant is one

that ionizes easily and has a high molecular weight. Mercury is a good propellant from a

performance standpoint and has been used in previous applications. However, mercury is

toxic and poses serious implications when tested on Earth. Previous experiences with

clean-up of test facilities has discouraged the use of mercury in future applications. Other

possible propellants include argon, cesium, krypton, and xenon. The performance of

xenon is similar to mercury but there is a limited supply of xenon and it is very expensive.

Argon performance is acceptable and there are no issues of abundance or cost. Therefore,

argon was chosen as the propulsion system propellant.

4.2.2.5 SEP Baseline Development Trades

The SEP vehicle uses a large solar array to produce power from the sun's energy. The

large solar array is composed of small solar cells (4-16 em 2) that turn the sunlight into

electrical power. The electrical power is then used to ionize a propellant and accelerate the

charged particles at extremely high velocities. The expulsion of the ionized propellant at

extremely high velocities produces a low level thrust that accelerates the vehicle. Due to the

low level of thrust, the SEP vehicle is accelerating for almost one-half of the trip and

decelerating for most of the last-half of the journey. This propulsion philosophy is unlike

the high-thrust systems that operate for only a tiny fraction of the trajectory. Although the
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SEPthrustsfor mostof the trajectory,thevehicle consumes much less propellant than a

high-thrust system due to the efficiency attained by the very high Isp. The major portion of

the SEP vehicle is composed of the solar array and associated structure necessary to

produce the required electrical power for propulsion. Solar electric propulsion is a flight

proven technology with ten years of operation from the SERT II spacecraft.

Power system - The solar array is composed of GaAs/CIS multi-junction solar cells. At the

onset, several types of solar cells were investigated such as silicon, indium phosphide,

multi-junction, gallium arsenide, thin film, and concentrator cells. For interplanetary

transfer, a solar cell that is efficient and lightweight is preferred. The multi-junction solar

cell array was found to be the most efficient and lightweight array. Another consideration

for the solar cell selection was its performance in the van Allen belt radiation environment.

The indium phosphide cell has been shown to be the most radiation resistant cell. If an

operation mode is chosen that includes the vehicle spiraling through the van Allen belts, an

indium phosphide array would be a prime candidate. The difference in cell efficiency

between the indium phosphide array and the multi-junction array would be made up for by

the amount of radiation degradation the multi-junction cells would experience.

Propulsion System - The propulsion system is similar to that used by the NEP vehicle (see

Section 4.2.2.4).

Propulsion performance and assumptions - A parametric mission analysis study was

performed to establish a baseline power level for a SEP point design. Further trades were

also performed to determine the effects of vehicle alpha, Isp, trip time, and opportunity.

Results of this analysis and the relevant assumptions can be found in Section 3 and

Reference 9. The SEP differs from the NEP in the sense that as the vehicle gets farther

away from the sun, the power generated decreases. When the power decreases the power

to weight ratio also decreases which results in a lower Isp optimization. The propulsion

system is composed of roughly 1 engine per MWe of required power. The reference

vehicle is designed at 10 MWe with spare engines.

Operational Considerations - The major operational consideration for SEP is the

assembly/departure and refurbishment node locations and operation modes. Details on the

operations mode may be found in Reference 6. A trade was performed to determine the

optimum assembly/depamare node locations as well as operation modes. The node "
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FIGURE 4-7

locationsand operationmodes considered are shown in Figure 4-7. The criteriaused to

evaluatethe optionsand resultsare shown in Figure4-8.

The six options arc:

a. The vehicle is assembled in LEO with the transferarray deployed and the main

arrayin a stowed configuration.The vehiclespiralsout of theVan Allen Beltswith itsown

propulsion system where the transferarrayisleftfor anotherpossibleapplication.At this

point,the vehicledeploys the main arrayand initiatesthe earthescape sequence. Priorto

Earth escape,the crew willrendezvous with SEP vehiclevia LTV a few days priortoEarth

escape.

b. The vehicleisfullyassembled in LIfO with the main array.The main arraycan bc

oversized to account for the radiationdegradation or the array can be composed of a

radiation resistant solar cell CInP) will tolerate more passes through the Van Allen Belts than

would an oversized array, therefore the radiation resistant solar cell should be favored.

After asscrnbly, the vehicle initiates the Earth escape sequence with crew rehdezvous via

LTV a few days priortoEarth escape.
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Criteria

I. Total IMLEO

2. _i_ Deltas Shield Mass

3. Mass @ Spiral Initiation

4. Mass@ t_,artm

6. Spiral Time
7. DelmV

8. Days Exposure to Radiation
9. Days Extxmu_ to Orbital Debris

10. Total Mission Ttme

11. Re_li_.. I Time
12. l_,_._uctm= Cost

13. Infrastruc_,,,= Complexi_
14. % _6_-did/u_tm of SoLti Aumy

15. Total HLLV Flights

16. Retry of Used Ha_ware
17. GCR Exposere to Crow

18. Flight _'_v_en Tectmology

Total Scores

SEP Mission Options

Option I Option2 Option3

5 4.15 S 4.15 I .g3

I .56 I .56 S 7.80

2 .66 2 .66 3 .99
3 .84 l .28 3 .84

5 3.60 5 3.60 1 ,72

1 _50 2 1.00 $ 2,50
5 3.90 5 3.90 2 1.56

1 .39 2 .78 $ 1.95
1 ,44 1 .44 $ _'_o

3 1.83 I .61 $ 3.05

S 4.10 5 4.10 1 .82

4 3.80 $ 4.75 3 2.8_
4 .68 $ .85 2 .34

S 3,35 4 2.68 $ 3.3:_
5 4,45 $ 4.45 I .89

3 .03 1 .01 1 .01
3 .33 S .55 1 .11

1 .06 1 .06 1 .06

33.67 33.43 25.87

1 2 3

unfavorable average

Option 4 Option 5 Option 6 weights

4 3.32 3 2.49 3 2.49 J_t

$ 2.80 I .56 2 1.12 .$6

3 .99 3 .99 2 .66 .33
3 .84 3 .84 3 .84 28

5 3.60 5 3.60 3 2.16 ,72
$ 7.50 5 2.50 4 2.00 .50

I .78 5 3.90 4 3.12 .78

5 1.95 $ 1.95 4 1.56 .39
5 2.20 1 .44 2 .88 .44

2 1.22 1 .61 4 2.44 .61

1 .82 $ 4.10 4 3.28 .82

2 1.90 3 2.85 4 3.80 .9_;
1 .17 2 .34 3 .51 .17

5 3.35 5 3.35 2 1._4 .67
4 3.56 3 2.67 3 2.67 .89

5 .05 $ .05 1 .01 .01
1 .11 3 .33 4 .44 .11

5 .30 5 30 1 1.06 .06

30.46 31.87 29.38 "_

4 5
favorable

SEP MISSION OPTIONS MATRIX

FIGURE 4-8

c. The vehicle components are boosted with a chemical stage to a high Earth orbk (out

past the Van Allen Belts) for assembly. Once the vehicle is assembled at this node, the

vehicle initiates the Earth escape sequence. Prior to Earth escape, the crew will rendezvous

with the SEP vehicle via LTV a few days prior to Earth escape.

d. The vehicle components are boosted with an electrical orbital transfer vehicle

(EOTV) to a high Earth orbit (out past the Van Allen Belts) for assembly. The EOTV

should be a beamed power EOTV to avoid occultation and drag associated with a solar

powered EOTV and radiation impacts associated with a nuclear powered vehicle. Once the

vehicle is assembled at this node, the vehicle initiates the Earth escape sequence. Prior to

Earth escape, the crew will rendezvous with the SEP vehicle via a few days prior to Earth

escape.

D615-10030-2 227



e. Thevehicle is assembled in LEO with the main array in stowed configuration. The

vehicle is then "tugged" to a higher Earth orbit by an EOTV (powered as an Option #4).

The EOTV will be much larger than in Option #4 due to the increased payload. Once the

vehicle is clear of the radiation belts, the main array will be deployed and the vehicle will

initiate the Earth escape sequence. Prior to Earth escape, the crew will rendezvous with the

SEP vehicle via LTV a few days prior to earth escape.

f. The vehicle is fully assembled in LEO without the payload. The vehicle then spirals

out past the radiation belts to wait for payload rendezvous. The transfer without the

payload allows for a fast spiral time, which reduces the mount of debris and radiation

degradation to the SEP vehicle. The payload is then sent to the SEP vehicle by means of a

chemical boost stage. Once the payload has been attached, the SEP vehicle begins the

Earth escape sequence. Prior to Earth escape, the crew will rendezvous with the SEP

vehicle via LTV a few clays prior to Earth escape.

The MEO node location was dismissed early due to unacceptable debris and radiation

environments. Due to the slow spiral times associated with electric propulsion,

environmental impacts become a primary driver in node selection. The trade assumed that

no infrastructure was in existence so any option that used support hardware was penalized

fully. The two options that were favored in this trade were a vehicle that uses a transfer

array to get past the van Allen belts (the array could possibly be used for power beaming or

other application) before installing the main array and a vehicle that uses a less efficient,

radiation resistant indium phosphide array for the van Allen belt transfer and the main

interplanetary transfer. Further details and results can be found in Reference 9.

4.2.2.6 Reference Vehicles Subsystem Summary

A concise listing of the principal characteristics of the seven major subsystems for each of

the seven major vehicle stages of the referct]ce configuration is given in Reference 6.
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4.3 Advanced Propulsion Trades:Overall Vehicle Performance

Comparisons

4.3.1 Introduction

A major portion of this task applied only to Mars transfer propulsion systems. After the

baseline reference trades were complete, subsequent u'ades and sensitivity analyses were

done in order to compare overall performance of the baselines and their applicability to

several of the SEI mission scenarios. These analyses included evaluations of potential

performance enhancements and their impact on the comparisons. Frequently, results of the

trades are presented as delta's to the reference vehicles IMLEO, performance or operational

characteristics.

As the advanced propulsion trade progressed it was realized that several key parameters

and requirements had great bearing on differentiating the propulsion system concepts or for

demonstrating a superior option among the group of candidates. The advanced propulsion

trades also included much work in the methodology of mission and trajectory analysis

which is not treated in this section. Seven key parameters are listed below:

Specific transfer trajectory establishes mission delta V's required of the propulsion

system as well as trip duration required of the crew habitat system

First flight date establishes crucial technology readiness timetable

Flight frequency influences payoff of vehicle reuse mode

Propulsion system Isp

Technology development considerations

Propulsion system operations considerations

An assessment of propulsion system performance was carried out. The six mission

trajectory classes evaluated are:

Oppositions without swingbys - short to intermediate trip times; 30 day surface

stays

Oppositions with swingbys - intermediate total trip times; 30 day surface stays

Mars flyby oppositions with surface exploration mode; also called dash/flyby

mode - intermediate total trip times; 20-50 day surface stay times.

Conjunctions - long total trip times; long surface stay times
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Fast Transfer conjunctions - transfer times as low as 200 days; stay times 450 -

660 days

Split Sprint missions - short trip times (opposition profile) for piloted craft,

unmanned cargo vehicle sent ahead on low energy conjunction trajectory

4.3.2 Non-Venus Swingby Oppositions

Oppositions without swingbys represent the class of trajectories that can be utilized to

provide short total trip times, but also require high total mission delta V's. Trip times of

350-500 days were evaluated.

The non-swingby opposition class trajectory delta V's vary considerably with the Earth-

Mars synodical cycle; for this comparison two representative opportunity years were

chosen: 2018, a relatively 'easy' year (in terms of total delta V), and 2025, a 'hard'

opportunity year. For each of these, optimized trajectories with total trip times of 350, 400,

450, and 500 days were evaluated. The delta V's and departure dates for these missions are

given in Figure 4-9.

Trade Objective - The objective of the trade was two fold: fast, gain an understanding of

how the IMLEO for each propulsion/vehicle concept varies with trip time, and second,

compare one to another to determine which concept could distinguish itself as more capable

for missions with trip times too short to benefit from gravity assists at Venus (<500 days),

or could best cover the range of non-swingby opportunities between 2010 and 2025.

Trade Results - The results of the analysis indicate that propulsion options with higher Isp

are not as sensitive to variations in mission opportunities. Vehicle weight can increase by

factors of two or three from a mission performed in the most favorable year to the least

favorable. IMLEO is plotted vs trip time for the CAB, advanced NTR, NEP and SEP

concepts in Figure 4-10. Mission opportunities are represented by a 'band' that forms the

boundary for all optimum trajectories between 2010-2025. For the high-thrust options

without swingbys, a 450 day mission usually produces lowest IMLEO. The following

observations can also be made:

For the CAB vehicle

The CAB is unable to do the 2025 hard missions with reasonable IMLEO.
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Total
nip Julian dates

time TMI MOC TEl EOC

3501 8280 385 415 630 4.101

2018 400 8270 400 430 670 3.741

'easy
year" 450 8230 400 430 680 3.610

500 8140 375 405 640 4.489

(1) Outb
Deep

TMi Space MOC
dV burn Vhp

0 6.857

0 5.260

0 4.521

0 4.590

(2) ¢3) IA MOC TEl EOC EOC
dV dV Vhp A dV

0 3.772 5.460 9.524 0 4.027

0 2.528 3.763 10.217 0.517 4.506

0 1.857 3.646 11.000 1.300 3.747

0 2.098 3.603 9.523 0 4.046

350 0390 595 625 740 10.228 0 7.020 0.020 3.984 6.223 8.050

2025 400, 0365 579 609 765 7.805 1.613 7.156 0.156 4.018 4.193 4.744
"hard

year' 450 0300 540 570 750 5.187 2.761 7.229 0.229 4.079 2.030 6.020

500 0275 391 !421 775 4.374 2.925 6.7.61 0 3.693 1.946 3.749

0 3.119

0 1.428

0 2.000

0 1.541

(I) g-loasesnot accounted for

(2) allaemcaptum veh'sarriving Mars with Vhp>7 (kin/s)use cryo propulsion to slow veh down to Vhp=7 for aerocapture

(3) ECCV's arrivingEarth with Vhp>9.7 (kin/s)use cryo propulsion to slow ECCV capsule down to Vhp=9.7 for entry

20O0

MISSION DELTA V AND DEPARTURE DATES, NON-SWlNGBY

FIGURE 4-9
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- CAB mission opportunities that can be considered as having

resonable IMLEO occur in the 500 to 630 day

- CAB ismost sensitivetovariableopportunities,due toitsinherentlylower Isp.

For theNTR vehicle

- NTR offerssignificantmass savingsover theCAB forany opportunity

- Advanced NTR offersreasonableIMLEO figuresforquick trips(<400 days)

forallbut "hard"opportunities

- The NERVA NTR isaffectedmore than theadvanced NTR intheharder

years and fastertripsdue tothelower Ispand T/W ratioassociatedwith the

NERVA technology.

-The mass penaltyfordesigninga reusableadvanced NTR vehicleissmall

compared tothe dollarsbenefitgainedinreturnedhardware. For a

reasonablysmall mass penalty(~I00 taverage)theNTR vehiclecan bc

returnedto Earth forfutm'cmissions.

For the NEP vehicle

- Electricpropulsionofferssignificantmass savingsover theCAB forany

opportunity
NEP offersreasonableIMLEO figuresforquick trips(<400 days)

- NEP offerslow mass forallopportunitiesand isflexiblefortheentiretime

frame of interest (350-700 days)

- Slow spiral out time for NEP from LEO to Earth escape creates the

necessity for some type of chemical OTV or LTV to deliver crew to NEP

vehicle prior to Earth departure

For the SEP vehicle

SEP offerslow mass forallopportunitiesin the 550-700 day range

SEP isincapableof shorttriptime missions (< 450 days)

SEP would requirea significantspiralup time (100 days) fi'omLEO toEarth

escape;createsthenecessityforsome typeof chemical OTV orLTV to

delivercrew to SEP vehiclepriorto Earh departure
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CAB aerosheU capture trade - The CAB vehicles aerosheIls capture mass was evaluated for

350, 400, 450, and 500 day trip time missions for both the 2018 and 2025 opportunity

years. The required weight that the MTV aerobrake must capture into Mars orbit for these

missions is shown in Figure 4-11. This weight does not include the MEV system, since

for the CAB vehicles, the MEV has its own aeroshell and aerocaptures independendy of the

MTV. Captured weight in tons is plotted vs total mission trip time in days. The

assumption was made for this analysis that the aerobrake weighed 15% of the captured

weight, and that the vehicle was not reusable. This captured weight actually included the

weight of the brake itself. To restate the brake weight percentage in terms of captured

weight not including the brake weight, the percentage would be 17.7%. The aeroshell was

dropped after Mars capture.

2018
•9.0 2oo 27_

_ 175 250

Crew si:e 200

125 IO
175

I00 ................ 8
150

6

4 125

. . 100
5OO 525_5 _o (25 45o 475 325

Trip Time, days

2025
\

_\\ c,,w

i - t - i - 1 - i - i " , " i

350 375 400 425 450 475 500 525

Trip Time, days

MTV AEROCAIrrURED MASS AT MARS VS TRIP TIME

FIGURE 4- I 1

4.3.3 Oppositions with Venus Swingbys

Oppositions with swingbys represent a class of trajectories that provide intermediate total

trip times with reduced total mission delta V's over oppositions without swingbys. The

typical trip times for this group range from 530 to 675 days. For this analysis only the high

thrust systems were evaluated. A few of the opportunity years, for example 2016, offer

"fast" Venus swingby trajectories of less than 450 days.
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Sevenoptimum Mars opposition trajectorieswith Venus swingbys were developed in

cooperation from MSFC, LeRC and JSC for the high thrust systems only. The delta V's

and departuredatesfor thesemissions arcgiven in Figure4-12.

Outb EOC dV

Total Julian dates Space MOC MOC TEl EOC elliptical Totalnip TMI Deep
Year time TMI MOC TEl EOC dV burn Vhp dV dV Vhp orbit dV

20101673 5529 5859 5889 6192 4.426 0 14.927 2.318 1.310 7.550 2.831 10.885

2013 632 6618 6899 6929 7240 3.692 0 3.374 1.280 3.235 4.406 1.134 9.341

2016 434 7463 7621 7651 7897 3.805 0 5.308 2.562 3.979 5.562 1.799 12.145

2017 540 7850 8201 8231 8390 4.249 0 5.480 2.703 1.115 3.834 1.110 9.177

2020 540 9055 9216 9246 9595 3.867 0 3.761 1.523 1.826 4.235 1.251 8.467

2021606 9518 9820 9850 10124 4.258 0 5.795 2.944 2.520 8.172 3.138 12.860

_o23 586 10194 10494 [i0524[ 10780 4.264 0 6.391 3.466 1.464 2.820 0.811 10.005

MISSION DELTA V'S AND DEPARTURE DATES, VENUS SWINGBY

FIGURE 4-12

Trade Objective - The objective of the trade was to determine which concept could

distinguish itself as more capable for missions benefiting from gravity assists at Venus, or

could best cover the range of swingby opportunities falling between 2010 and 2025.

Trade Results - The CAB, NERVA NTR, and advanced NTR vehicle IMLEO estimates are

presented with their corresponding swingby mission opportunities from 2010 to 2023 in

Figures 4-13 to 4-16. The CAB IMLEO data is bounded by lines representing aerobrake

masses equal to 15 % and 30 % of brake captured weight at Mars. NERVA class and

advanced NTR vehicledataarcbounded by linesrepresentingengine TAV ratiosof 3.5 and

20. The largedip in the CAB IMLEO seen occurring atthe 2017 swingby opportunityis

duc tothe relativedistributionof theMars departureand capturedeltaV's;in 2017, MOC

deltaV islargerelativetoTEl deltaV. CAB vehicleIMLEO isinsensitivetoMars capture

delta V, so the marked advantage in lowc_ IMLEO characteristicof NTR over CAB is

reduced somewhat for those opportunitieswhich have high Mars orbitcapture deltaV's

relativeto the TEl deltaV. For thisreason aU-propulsivcand aerobrakingtrajectoriesare

sometimes optimized differentlyfor the same opportunityyears.A representationof this

datain a bar chartformat isgiven in Figure4-15.
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FIGURE 4-13

Although most swingby opportunities have a longer trip time than the non-swingby

opportunities, they offer a lower IMLEO for all years due to the Venus gravity assist

benefit, providing delta V reduction. The swingby IMLEOs are represented as discrete

points in Figure 4-16, and not as 'bands' as in Figure 4-13 and 4-14. The preceding

IMLEO vs swingby opportunity year graph presented the swingby points as being part of a

band. It should be noted that there is no continuity between two swingbys or a swingby

and non-swingby trajectory.

The majority of swingbys missions are in the 530 - 675 day trip time regime. An important

point to note is that some years contain an outbound swingby opportunity, while some

years contain an inbound swingby. This situation imposes less that an 18 month departure

time between consecutive opportunities. This restricted time flame could interfere with time

restraints on the launch of HLLVs and assembly for achieving the next mission.
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Results - For the 2010-2023 swingby opportunities the NTR vehicle is the preferable

system. The NTRs potential for evolution from the near term performance level (Isp 925

see range), to the higher performance range (Isps 1000+ see) in the out years is good.

4.3.4 Mars Flyby with Surface Exploration Mission

The Mars flyby with surface exploration mission, hereafter called the 'dash/flyby' mission,

is a special opposition mission case that provides low total mission delta V's, with

intermediate trip times (400-550). A Mars flyby trajectory is shown in Figure 4-17 with a

'dash' (acceleration) off the trajectory path occuring past the midpoint of the outbound

transfer leg. The dashed line extending out to Mars ahead of the main MTV stage flyby path

illustrates the accelerated MEV flight portion that is the distinctive characteristic of the

dash/flyby mission.
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FIGURE 4-17

Trade Objectives - The wade objective was to determine the saving in IMLEO afforded by

the dash/flyby trajectory versus the reference "stopover" (traditional capture opposition)

missions. Identical MTV crew module mass and MEV delivered surface cargo masses

were used for the comparisons. Vehicle propulsion options evaluated are illustrated in

Figure 4-18.

Dash/Flyby Mission Profile - The Mars spacecraft departs Earth on a standard Mars flyby

trajectory and continues on until past the midpoint of the outbound leg, Figures 4-17 and

4.19. At a specified time the MEV will separate from the MTV stage and with a small

chemical kick stage do a deep space burn of relatively low delta V (-500 m/s). This bum

provides the MEV with enough extra velocity for it to reach Mars 20+ days ahead of the

MTV stage which has continued on its original trajectory. For each MEV-MTV separation

point, there is a unique separation velocity vector which will allow a given stay time at

Mars. The MEVs new accelerated transfer leg (shown as the dashed line in Figure 4-17)
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can vary in duration, depending on kick stage delta V and the time of separation from the

MTV, Figure 4-20. A small four ton consumables module supplements the MEV surface

habitat module utilized by the MEV crew for this partial transfer leg and is dropped just

prior to MEV aemc.apture or MEV direct entry.

All 02/H2 Chemical NTR TMI stage
Chem kick stage

All NTR

DASH/FLYBY VEHICLE PROPULSION OPTIONS

FIGURE 4-18

After Mars orbit capture, the MEV does its surface mission, which culminates with crew

ascent to a waiting parking orbit via the ascent vehicle. The incoming MTV stage does not

capture, but rather swings by Mars in a hyperbolic turn. The ascent vehicle then does a

second burn to depart orbit and establishes a hyperbolic path ahead of the the MTV path,

and effects a rendezvous when the MTV xzatches up several Mars radii distant from the

planet. The two propulsion options available to the ascent vehicle to do the Mars departure

bum are illustrated in Figure 4-21. There are unique combinations of rendezvous distance

and Mars escape speed which result in a tangential intercept between the flyby and

rendezvous trajectories, which would ease rendezvous guidance problems.
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The hyperbolic rendezvous maneuver can be made over a wide range of intercept distances

_om the planet with little variation in the over all propulsion requirements. Coplanar paths

were assumed for the rendezvous burn. After crew transfer, the MTV stage performs a

modest powered swingby bum, if necessary. An tmpowered Venus swingby occurs on the

inbound leg.

The two options mentioned for Mars departure of the ascent vehicle are explained as

follows:

Option 1. After ascent to the Mars parking orbit, the ascent vehicle does a second bum

utilizing its own propellant to depart orbit and effect a rendezvous when the MTV catches

up to it several Mars radii distant from the planet. The added ascent stage delta V necessary

for the hyperbolic departure was calculated based on the MTV's swingby Vhp at Mars.
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FIGURE 4-21

Option 2. After ascent to the Mars parking orbit, the ascent vehicle rendezvous with the

small kick stage. The kick stage may or may not have been fLrSt utilized for the deep space

MEV kick injection bum for early Mars arrival. Its second task (option 2 only) is to do the

orbit departure burn for rendezvous with the MTV stage. The MEV descent stage, ascent

stage and this small chemical kick stage were earlier aerocaptured into orbit behind the

MEV aeroshell. Before descent, the kick stage is released and stays in orbit while the MEV

descends to the surface. Once the ascent vehicle has ascended from the surface and has

docked with the kick stage, the kick stage does (or provides the propellant to the ascent

engines to do) the departure bum. Rendezvous occurs when the MTV catches up to it

several Mars radii distant from the planet. This approach is similar to the LEM/service

module relationship used on the Apollo missions except in this case the small kick stage is

unmanned.

The advantage of option 2 described above concerns the added propellant needed to leave

Mars orbit. For option 2, this propellant does not have to be taken down to the surface and

back up to orbit again, as it would if the ascent stage (option 1) did the orbit departure bum

with its own propellant. This approach saves some MEV propellant weight. However, for

some of the Dash/flyby missions investigated, the MTV Mars swingby Vhp was low

enough (<4 kin/s) that the penalty of added propellant necessary for the ascent vehicle to do
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thedeparturebum wasnot enoughto warranttheuseof this kick stage.Opportunityyear

2020 analysis did not utilize option 2 for this reason.

The IMLEO advantage of the dash/flybytrajectoryliesin the way thetotalmission deltaV

isdistributedamong the MTV and MEV stages.In the standard"stopover"mode, allmajor

propulsive impulses are applied to the MTV stage.For the dash/flyby,the two major

velocitychanges atthe targctplanetare eliminatedforthe MTV stage.Mars orbitcapture

and Mars orbitdeparture burns are now unnecessary, and only a small powered Mars

swingby burn (800 m/s deltaV for 2016 as an example) isrequired for the MTV. The

largeMars departurebum isnow only assessed againstthevery lightascentstage,which

must not only achieveorbitalvelocity,but escape vclocityas wcU.

Eliminating the MTV stage Mars orbit capture requirement altogether, and redistributing the

TEI delta V to the ascent stage is an effective means of reducing overall vehicle IMLEO

while still retaining equivalent (or identical) mission goals of total trip time, surface stay

time, and delivered payload.

Savings are realized because the total cumulative MTV and MEV momentum change is

significantly reduced. Momentum change is a better indicator than delta V for the total

impulsive energy required of the propulsion system to do the mission. For the dash/flyby

type missions, the delta V required of the ascent stage is increased over that of a stopover

missions, but that stages very low inert mass insures that this delta V increase effects only a

modest overall system momentum increase, and hence is only a small overall contributor to

overall IMLEO. In contrast to this, the large MOC and TEI delta V's characteristic of the

stopover trajectories, when multiplied by the respective heavy MTV stage masses these

delta V's are applied to, result in a large total momentum change. The corresponding

contribution to overall vehicle IMLEO is large.

By eliminating the MOC delta V and reducing the delta V required for leaving Mars (from a

full TEI orbit departure bum down to a small powered swingby burn), the necessary Mars

vicinity MTV stage momentum change is reduced by an order of magnitude compared to

the MTV momentum change necessary for the "stopover" mission. This is the primary

advantage offered by this mission type. A momentum account profile showing five major

momentum changes encountered during the 2016 mission is given in Figure 4-22.
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stage TMI stg Kick stg MOC stg

dV payload dV p/1 dV p/1

(in/s) (tons) (m/s) (t) (m/s) (t)

Descent

dV p/l
(m/s) (t)

Total Vehicle

Ascent TEl Momentum

dV p/l dV p/l change
(m/s) (t) (m/s) (t) (K_-m/s) x E6

stopover opposition:

MTV 3851 311

MEV rda rl]a

387O 175

4200 53

3900 63 2.12 k_-m/s

4100 7

2.37 kg-m/s

IMLEO: 565 tons

dash�flyby opposition:

MTV 4271 182

MEV 500 94 t

0 64

4200 58 8474

806 64 0.83 kg-m/s

1.21 kg-m/s

IMLEO: 324 tons

COMPARISON OF MOMENTUM CHANGES

FIGURE 4-22

Totalmomentum change of thedash/flybymission isone halfthatof the stopovermission.

Mission deltaV distribution-Itcan be seen from Figure4-22 thehigherascentstagedelta

V (8474 m/s), is double thatof the stopover mission ascent stage delta V (4100 m/s).

Notice,however, thatthe mass thatthisdeltaV isappliedto (multipliedby) isextremely

small (10 ton ascentstage weight,dry)when compared to the stopover mission MOC and

TEl stagepayload masses of 175 ton (Mars arrival)and 63 tons(Mars departure).

Overall vehicle IMLEO's were calculated" and compared to the traditional stopover

opposition mission vehicle IMLEO of the same opportunity year, delivered Mars surface

payload, and MTV habitat module mass.
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The results of the analysis for the 2016 and 2020 mission IMLEO as a function of the Mars

stay time is shown in Figure 4-23. The data for all propulsion types are summarized in

Figure 4-24.

NTR NERVA vehicle comparisons:

The IMLEO savings afforded by the 2016 dash/flyby mission (499 day trajectory)

expendable vehicle vs the initial reference 2016 "stoPover" opposition mission (434 day

trajectory) expendable vehicle is significant: IMLEO is reduced by 241 tons or 42% (324

tons dash/flyby vs 565 tons stopover IMLEO). Compared to a more optimized 2016

"stopover" mission trajectory (data obtained later in the study), the difference in IMLEO is

157 tons or 33% (324 tons vs 481 tons IMLEO).

Summary of missions:

Earth return Year Dash/Flyby IMLEO (324 vs 480 tons) Percentage

• Expendable 2016 157 tons savings in IMLEO (324 vs 481 tons) 33%
• Expendable 2020 65 tons savings (296 vs 361 tons) 19%

536 tons savings (477 vs 1003 tons)
321 tons savings (335 vs 656 tons)

• Reusable 2016 52%
• Reusable 2020 49%

NTR Advanced NTR vehicle comparisons:

• Expendable 2016 110 tons savings (277 vs 387 tons) 28%
• Expendable 2020 52 tons savings (253 vs 305 tons) 17%

• Reusable 2016 307 tons savings (413 vs 720 tons) 43%
*Reusable 2020 217 tons savings (301 vs 518 tons) 42%

CAB vehicle comparisons (aerobrake 15% of captured mass):

• Expendable 2016 96 tons savings (573 vs 669 tons)
• Expendable 2020 17 tons savings (493 vs 510 tons)

Hybrid vehicle: TMI stage: NERVA NTR/Mars swingby stage: cryogenic

• There is no Hybrid "stopover" mission vehicle for direct comparison

14%
3%

The 2016 and 2020 dash/flyby vs stopover mission IMLEO comparison summary chart

(Figure 4-25) presents the savings in vehicle weight over the traditional stopover

opposition missions.
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2016 Dash/Flyby Summary
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DASH/FLYBY VS. STOPOVER OPPOSITION MISSIONS

FIGURE 4-25
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The 2016 dash/flybyNTR vehiclemcct the mission goal requirements (triptime,surface

stay time, and delivered payload mass) of the 2016 reference mission with the lowest

IMLEO of any concept evaluated.The 324 ton,expendable, 499 day triptime vehicle

required only 149 tons of propellantand only 35 tons of non-lander propulsion system

inertweight todo themission. This isfora near term 925 Isp NERVA derivativeNTR. A

vehiclesketchand summary weight statementisgiven inFigure 4-26.

!
m

(

..3

Element mass (kl¢ )

MTV crew hab module 'dry' 27567
MTV hab consumables & msupply 5156
MTV crew habitat module total 32723
ECCV 7000

Powered swingby prop (dV=806 m/s) 5620
Powered swin_bv stE outbound boilgff 1839
Total Powered $wingby propellant 6459

RCS propellant (dV=30 m/s) 603

Outb midcourse correction prop (dV=50 m/s) 386
Inb midcmn'se correction prop (dV=50 m/s) 323

Powered swin_bv tank inert 1857
Powered swinsby prop & tank total 9628

MEV Mars capture & dese aerobrake 17508
MEV asc vehicle 23629
MEV descent stage 23863

25O0O
MEV total 90000
MEV transfer leg supply rood 4000

Mars dep kick stg (asc stg/MTV stg rendez) inerts 3607
Mars dev kick st_ oropellant (dV-'.'_374 m/s) 16661
M E V kick stg total 20268

NTR main stg slowdown burn prop (dV=500 m/s) 3486
NTR engine mass (NERVA; cng TIW=3.5) 9684
NTR engine radiauon shield mass 4500
NTR stg tank slruts mass 2400

TMI _ 1-12 tank wt (14% t fraction) 19730

_mj_.lljinLila_(dV-4271 m/s)
TM! stage total 140910

IMl_O 324599

DASH/FLYBY 2016 NERVA NTR EXPENDABLE VEHICLE

FIGURE 4-26

Dash/Flyby Mission Aborts Scenarios - The dash/flyby trajectory provides the lowest risk

early mission abort strategy. The early part of the mission is considered that period during

the outbound transfer leg occuring before MEV/MTV separation. The excursion to the

surface can be aborted by simply not separating the excursion vehicle. Since the spacecraft

is on a round-trip flyby trajectory, it will return to Earth.

Two options are available to the MEV for aborting its surface mission once it has separated

from the MTV stage. The MTV can itself do a Mars swingby, and thus eliminate the
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aerocapture or direct entry maneuver ff necessary. Either the MEV descent stage or ascent

stage propulsion system may be able to provide enough delta V for swingby flight

corrections and later rendezvous with the MTV (this abort profile has not been analyzed).

The MEV could also do the aerocapUtre maneuver without descending to the surface. In

that case the MEV could wait in Mars orbit for the MTV to arrive before doing its Mars

departure bum.

If only CAB vehicles are considered, then the dash/flyby mode eliminates a high risk

maneuver, the MTV aerocapturemaneuver. For CAB stopover missions the necessityfor

the complex aerocapturemaneuver means that the heavy MTV module/TEl stagemust fly

along a very precisepath tostaywithinthe aerocapturccorridorbounds; ifthesebounds are

violatedthe crew has no means of escape.The MTV stagein such a case would then either

skip out into space,or plummet down to crash on the surface.Once out of the corridor

bounds, this stage could not establishan orbit propulsivcly. In contrast,the MEV

acrocapturemay entaillessriskbecause thisisan acrocapmrc-to-landingmaneuver with

somewhat less stringent GN&C requirements. Also, the MEV descent or ascent

propulsion stage has enough deltaV and T/W capacity to abort the aerocapture by (1)

descent aborttoMars orbit,or (2)attemptingtoaltera skip-outto a hyperbolicrendezvous

trajectory.These abortprofileshave not been analyzed.

Other advantages of thedash/flybytrajectoryarc:

• The dash/flyby mode provides very low IMLEOs (approximately300 tonsfor the

2020 NERVA NTR expendable vehicle).This levelof IMLEO may be low enough

to eliminatethe need for any new or uprated HLLV beyond thatcapacity already

needed for the Lunar vehicles.The Lunar vehicleIMLEO figuresarc in the 220+

ton range.

The dash/flyby mode requiresmuch lesstotalmission deltaV variation,and thus

lessIMLEO variation,over the 2010-2025 time period than does the stopover

missions,i.e.,the mass requirements arc nearlystabilizedforalloppositionyears.

The difference in the 'hard'years (2025) and the 'easy'years (2018) is not as

pronounced.

The dash/flybymode eliminatesthe apsidalalignment problem inherentto MEV-

MTV rendezvous occuring inMars orbit.
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If CAB vehicles only are considered, the dash/flyby mode requires only one MEV-

MTV rendezvous instead of the two required of the stopover missions.

Since only an excursion module performs the planetary capture, its configuration

may be more consistent with the requirements for atmospheric braking than the

configuration of an entire MTV spacecraft which provides artificial gravity.

The dash/flyby mission total propulsion system burn time is less, and thus the NTR

reactor fission product buildup would be reduced over the fission product buildup

of an equivalent trip time and opportunity year stopover mission.

The dash/flyby mode provides a superior potential spent reactor disposal trajectory

for nuclear propulsion systems, if the nuclear engine is only utilized for the TMI

burn. The manned MTV stage returns to Earth after completing the powered Mars

swingby (small chemical stage) and unpowered Venus swingbys. The spent

nuclear TMI stage would be able to follow this path, but would instead fly past

Mars without the necessary burn at Mars and swingby at Venus to return to Earth.

In this scenario, the spent stage would follow a distant helocentric orbit without any

later Earth vicinity interaction.

The disadvantages of the dash/flyby trajectory are:

The dash/flyby mode requires the ascent vehicle to rendezvous with the MTV stage

traveling on a hyperbolic swingby path instead of rendezvous with the MTV on an

orbital path. The ascent vehicle delta V may be as much as doubled over that of a

"stopover" mission. This larger delta V requirement necessitates more ascent stage

propellant, although without requiring any new ascent stage subsystems. The

rendezvous maneuver would require the ascent stage to match the speed of the

MTV. The dash/flyby rendezvous would not in any other sense be more difficult.

The dash/flyby mode requires a small supplemental hab for the MEVduring its

partial outbound transfer leg.
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Some options call for smaU chemical kick stage to put the MEV on an early arrival

path to Mars (ahead of MTV system). The kick stage can be dropped before MEV

aerocapture, or used again with the ascent stage for the Mars departure bum.

The ascent vehicle has no backup habitat system in orbit in case surface mission

abort is necessary, unless the small MEV supplemental hab is aerocaptured with the

MEV and left in orbit for that purpose.

4.3.5 Conjunctions

Conjunctions represent the class of trajectories that can be utilized to provide the lowest

total mission delta V's, but also require very long (>900 day) trip times, and very long

Mars stay times (>400 days). Conjunction mission total delta V's are not subject to as

much variation with opportunity year as does the opposition class missions.

The advantage of aerodynamic braking at Mars is diminished given the much slower arrival

Vhp for these trajectories. 900 day plus trip times characteristic of these conjunction class

missions would require more development effort in the areas of habitat ECLS systems and

artificial-g systems. Stay times on the surface in excess of 400 days necessitate prior

establishment of surface habitat facilities or extensive payload for the purpose of supporting

a long surface stay. Long stay times in Mars orbit exacerbate concerns about zero-g

deconditioning and crew radiation exposure. H2 and 02 boiloff concerns exist for the

surface ascent vehicle, and lower Isp performance storable propellants trade favorably for

the > 400 day surface stay times.

Trade Objectives - Propulsion/vehicle concepts were not evaluated as to which produced

lowest IMLEO. Most of the conjunction mission trades were evaluations of the IMLEO

variation with variations in payload weight delivered to Mars.

Trade Results CAP Vehicles - The CAP vehicle represents the propulsion system that could

be brought to first flight readiness the earliest, and with the least developmental cost. Two

vehicle/mission evaluations typical for this set of trades are referenced below:
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a. Human Expedition Mission - The human expeditions consisted of a crew of 3

staying 90 days on the surface. Thirty tons of surface cargo was delivered by the MEV. A

vehicle sketch and weight statement in given in Reference 7.

b. Evolution Emphasis Mission - The evolution emphasis mission consisted of a crew

of 4. Five tons of surface cargo is delivered by the MEV which utilizes a storable propellant

ascent stage to eliminate the boiloff risks associated with cryogenic propellants. This

vehicle is part of a mission in which crew habitat facilities have already been emplaced on

the surface on a previous flight. A vehicle sketch and weight statement in given in

Reference 7.

Trade Results-CAP Unmanned Cargo Delivery Only - The conjunction missions offer an

excellent mode for unmanned cargo delivery because of there low delta V's and because

when no crew is onboard, short trip times are not as important. Analysis of an unmanned

one-way CAP vehicle designed exclusively for cargo delivery was done in order to

determine the cost in IMLEO for delivering cargo for these low delta V conjunction

missions. Payload delivered by the MEV to the Martian surface is plotted vs transfer

vehicle IMLEO in Figure 4-27. Cargo MEV mass vs delivered payload in given in Figure
4-27.

Resttlts-NTR with Multilander Payloads - A NERVA NTR vehicle was designed for a low

energy 2005 conjunction mission which is characterized by a 983 day trip time with 482

days a Mars. For this mission a ECCV was taken for crew return to Earth and the vehicle

was expended. A nominal crew of 6 was taken. Both MOC and TEI propellant were carried

in a single aft tank since the delta V for these burns are quite small when compared to the

higher delta V of opposition trajectories. Three different payloads were carded for this

evaluation, these being:

- two reference MEVs (73 tons each) and 30 tons of cargo to Mars orbit

- two mini MEVs (approximately 40 tons each) and 30 tons of cargo to Mars orbit

- two mini MEVs and 10 tons of cargo to Mars orbit

A vehicle sketch and summary weight statement is given in Figure 4-29.
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Unmanned One-Way Cargo Delivery

7OO

J

5OO

== ./
_2 400

:/
300 r

/

/

200
./

/

)
/

/

100
15 25 35 45 55 65 75 85 95 105

MEV Landed Cargo (t)

=

L.

"O

-2

CONJUNCTION CRYO/AI.£. PROPULSIVE MISSION

FIGURE 4-27

-11% de=cent only aere=heil

180

160

140

120

100

80

6O

,tO r

L

_,,

Ltlll /
/'"Stora'ble _ B

Descent / /

/:
/'1 r

./ )l"

i// /" C'ryogenic____
/ !/4 r Descent

/Y

f

2O
15 25 35 45 55 65 75 85 95 105

Landed Payload (t)

CARGO LANDER SENSH'IVfIII_S

FIGURE 4-28

254 D615-10030-2



Element

MEV total
x2

MTV chew hab module 'dry'
MTV consumables& rcsuoply
MTV crewhabitmoduletotal

L-_'V frame,propulsion & shield wt

*MTV Art-g added RCS hardware
*MTV Art-g added RCS prop

TEl propellant (dV=4267 m/s)
MOC propellant (dV=863 m/s)
MOCfI'EI common tank wT
MTV propulsion�frame�proptotal

TMI tankswt

TMI oro_llant fdV=1179 m/s)
TM! stage total

ECCV

MTV Cargo to Mars orbit only

IMLEO

2 RefMEVs 2 mini MEV's 2 mini MEWs

30k carso 30k carso lOk carso

73118 39752 39752
146236 79504 79504

34775 34775 34775
19398 19398 19398
54173 54173 54173

20033 20027 20027

650 650 650
6348 5134 4588

19648 19185 19042
35166 26955 24470

8543 8202
91514 80494 76979

36911 29732 27563
238510 183220 166520
275420 212950 194083

8000 8000 8000
3_00 3OOOO 10000

605343 465121 422739

* Art-g spinup wt additions

ART-G (MARS-G) NTR VEHICLE FOR 2005 CONJUNCTION MISSION

FIGURE 4-29

For case (1) the following sensitivities were evaluated:

NTR Isp on IMLEO

Crew size affect on IMLEO

- Cargo to Mars orbit affect on IMLEO

- Vehicle expended vs vehicle recovered modes

The results indicate that Isp is a very significant factor affecdng vehicle IMLEO. For these

conjunction NTR vehicles, a one second increase in Isp saves approximately 4 tons in

IMLEO, Figure 4-30. Crew size is also a important factor. An increase in the crew size by

2 from 4 to 6, increases the vehicle IMLEO by approximately 35 tons. A 10 ton increase in

the amount of cargo mass delivered to Ma_s orbit (not to the surface) requires 20 tons of

additional IMLEO in the form of added TEI and MOC propellant. The IMLEO cost to

capture at Earth for later reuse (rather than returning the crew with an ECCV and expending

the vehicle) is relatively low. Utilizing the NTR engine for the EOC burn requires only 16

tons of additional IMLEO, which is approximately 3% of the initial total. This figure is a
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convincing argument for flying completely reusable vehicles for the all conjunction

missions, excepting the unmanned one-way cargo only missions for base buildup.

IMLEO vs Isp and crew size
• 4ton savinp per every 10 SeC lspincrease

• 17 to,, _reme p_eam crewmemberabove4

IMLEO vs cargo to orbit & Earth return ol, ir'i

• 22 toninerca_ for every 10 ton delivered to Mar_ orbil

• 16 ton inc_,_ to recapture veh in 500 knl by 24 lit orbit
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2005 CONJUNCTION NERVA NTR VEHICLE TRADES

FIGURE 4-30

Exploration Emphasis Three Lander NTR Vehicle - A NERVA NTR vehicle was designed

for a low energy conjunction mission carrying three landers. Three different payloads were

carried for this evaluation, these being:

- Three reference MEVs (73 tons each) and 20 tons of cargo to Mars orbit

- Three reference MEVs and 1 ton of cargo to Mars orbit

- Three mini MEVs (40 tons each) and 1 ton of cargo to Mars orbit

The results of this analysis are shown in Figure 4-31.
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Element MEV type: Ref Ref Mini

payload taken & left in Mars orbit: 20 t 1 t 1 t

MEV descent only aerobrake 7000 7000 6000
MEV ascent stage 22464 22464 37366
MEV descent stage 18659 18659 **n/a
_..g._a_caL_ 25000 25000 5000

MEV total 73118 73118 48366
x 3 219350 219350 145098

MTV crew hab module 'dry' 34790 34790 34790
MTV consumables & resupply 18270 ! 8270 18270

tdZzaaam_t o o o
crew/tab/tat modu/e total 53060 53060 53060

Payload taken & left in Mars orbit 20000 10130 1000

MTV st 8 frame, struts, &misc inerts 4521 4521 4521
MTV stg RCS (dV--30)hardware & tankage 2034 1991 1834
NTR total engine wt 9684 9684 9684
NTR radiation shadow shield wt 4500 4500 4500

MTV nominal maneuv_- RCS prop 503 500 470
_MTV Art-g RCS spinup/down prop 7216 6851 5539
uutta3und mide correction prop (dV=40) 1889 1784 1 345
Inb midcourse cor_cl_on prop (dV---40) 431 428 402

EOC propellant n/a n/a n/a
TEl propellant (dV_Y20 m/s) 14280 14202 13404
MOC prupellam (dV=1530 m/s) 72066 68104 51544

MOC/TEI common aft tank wt ( 1 _ 14564 14026 11711
MTV Propulsion�frame�propel lot 131690 126590 10450

TMI propellant (dV=3900 m/s) 274530 259430 196520
41552 39622 31456

TMI stale total 316110 299050 227980

Ec'cy P_flO xP_n 8o(_
IMLEO 748200 707040 535590

EXPLORATION EMPHASIS THREE LANDER ART-G CONJUNCTION

CLASS NTR VEHICLE

FIGURE 4-31

4.3.6 Fast Transfer Conjunctions

Fast transfer conjunction missions are characterized by the short outbound and inbound

transfer trip times. The surface stay times for these trajectories are long (400 to 600 days),

as well as the mission total trip time, which is on the order of 800 to 1000 days in duration.

Trade Objectives - The objective of this wade was to determine how IMLEO varies with

transfer triptime.

Trade Results - The sum of the trip times for the outbound and inbound transfer legs is

plotted vs vehicle IMLEO in Figure 4-32. The opportunity years of 2018 and 2025 are

plotted because the former represents aft 'easy' year (in total delta V) and the latter

represents a 'hard' year. Thus all missions in the period of 2010-2025 are bounded by

these two years. As Figure 4-32 illustrates, vehicle IMLEO increases dramatically for total

transfer trip times less than 300 days for the year 2018. A dramatic increase occurs for
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thesetrajectorieswith less than400 daysfor theharder2025 opportunity. Mission delta

V's and departure dates are listed in Figure 4-33.

Assumptions:

CAP & NTR: two 73 ton MEVs (propulsively captured; MEV has descent only aeroshell)

CAB: two 84 ton MEVs (MEV's aerocaptufe separately from MTV aerocapture)

All vehicles expendable, ECCV Earth return, crew of 4, Mars Orbit: 250 km by 24 hr

2018
2025

2_0

2200

1800

14oo
me
Iooo

8130

600.

200 300 400 S00 600 700 200 300 400 S00Tramter time
Trm_er time

stay time I I I
I I (days) 580 500 450

_0 610 340 43O 400

600

4OO

700

FAST TRANSFER CONJUNCTION IMLEO VS. TRANSFER TIME

FIGURE 4-32

4.3.7 Split Sprint missions

Introduction - The split sprint mission is characterized by the use of both a low delta V

conjunction trajectory and a short trip time, higher delta V opposition trajectory. The

conjunction trajectory is utilized by an unmanned cargo only one way transfer vehicle that

leaves before the manned piloted vehicle carrying the crew return TEI propellant and the

MEV. After the relatively long trip time is over and the vehicle is established in orbit, the

smaner, piloted vehicle departs Earth orbit'on a short trip time opposition trajectory. After

arrival at Mars and cargo/piloted vehicle rendezvous, a surface mission is done, and the

piloted vehicle returns to Earth after transferring TEI propellant from the cargo vehicle

while docked in orbit.

258 D615-10030-2



IMan (l) Outb EOC ]Istay Transfer Julian dates Deep (2)trip MOC MOC TEl EOC (3) dV
_fime time TMI MOC TEl EOC TMI Space

dV bum dV Vhp A dV dV Vhp A E/lip
.... _rbit

"k. 660 i200 8300 8400 9060 9160 5.320 0 5.470 0 2.790 3.220 7.540 0 2.830

;_ 610 300 8285 8435 9045 9195 4.100 0 3.480 0 !.510 !.990 3.590 0 1.030

_' 540 400 8270 8470 9010 9210 3.610 0 3.110 0 1330 1.600 3.290 0 0.940

ee 450 500 8245 8465 8915 9195 3.540 0 3.020 0 1.140 2.130 3.140 0 0.900

e_ 400 _600 8270 8610 9010!9270 3.980 0 4.420 0 1.980 1.970 3.930 0 1.140

620 200 0645 0745 1405 1505 8.750 0 10.850 3.850 7.390 8.750 9.690 0.690 4.170

;:_ 580 300 0640 0796 13761521 5.750 0 5.370 0 2.700 4.740 6.320
"_ 0 2.170

500 400l 0621 0831 1331 1521 4.460 0 3.520 0 1.490 2.150 6.050 0 2.030

450 500 0600 0860 131C 1550 4.130 0 2.930 0 1.280 1.520 4.030 0 1.180

400 600 0575 0895 1295 1575 3.730 0 2.470 0 1.060 1.750 3.820 0 1.120

(1) g-losses not accounted for

(2) All aerocapture veh's arriving Mars with Vhp>7 (kin/s) use cryo propulsion to slow

veh down to Vhp=7 for aerocapture

(3) ECCV's arriving Earth with Vhp>9.7 (kin/s) use cryo propulsion to slow ECCV

capsule down to Vhp-9.7 for entry

MISSION DELTA V DATES: FAST TRANSFER CONJUNCTIONS

FIGURE 4-33

The motivation for this two vehicle mission mode comes fi'om the desire to do the Earth to

Mars transfer of the heavy cargo (TEI propellant and MEV) on the lower delta V trajectory

(to save IMLEO), and to decrease the crew risk to GCR hazards by reducing the trip time

of the piloted trajectory. Unreasonably high IMLEOs prevent the alternative "all-up" single

vehicle missions from achieving the short trip times (< one year) attainable by the

piloted/no cargo vehicle.

Trade Objective - Several split sprint vehicle weight statements were calculated to determine

the weight sensitivity of the piloted vehicle to carrying TEI propellant and the MEV, vs the

alternative of having the unmanned cargo vehicle carry these out beforehand. Options to the

piloted vehicle payload and propellant capacities are listed below:
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All up mission piloted vehicle - The piloted vehicle carries all necessary Earth return

propellant onboard, as weU as an MEV. This vehicle is much like the aU-up single

manned/cargo vehicles utilized on standard opposition missions.

Split - no MEV piloted vehicle - This vehicle is identical to the all up mission,

except the piloted vehicle carried no MEV.

Split - no MEV, contingency TEI - This vehicle carried only a contingency amount

of Earth return propellant; just enough to do an low energy, long duration

'conjunction type' return. The piloted vehicle carries no MEV. A vehicle sketch and

weight statement is given in Figure 4-34 for the unmanned, one way cargo only

2011 conjunction NTR vehicle that carries two MEVs and supplemental TEI

propellant as cargo. The corresponding 2014 piloted NTR vehicle sketch and

weight statement is given in Figure 4-35.

Split - no MEV, no TEI propellant - All Earth return propellant is to be transferred

onto the piloted vehicle from the orbiting cargo vehicle after rendezvous is make in

Mars orbit. The piloted vehicle did not earry the MEV.
2011 one way transfer 252 day mission

Element ma_s ( kg )

MEVs (2; one cargo, one piloted) 146236

TEl poop for transfer to piloted vch 34519
(dV=2647 m/s cliff in early _tum
dV,_1588 and later r_turn dr= 1941)

V_piloffof TEl trlnsfer oroo 8465
Tot_ TEl prop as oulb carp 42974

_ MT3/¢rww habitat module 0

MTV frame & aft tank struts 4626
RC$ prop (dV=100 m_) & inert wt 3531
Reactor/engine weight 9684
Radiation shadow shield weight 0

_Lmtlli_danll_ 700
Tol_ 18541

ea.thoeeitCap_ _o_ prop o
Trims Earth InJect fl_l) pro9 0
l_A.mlt.ezm o
r_l TEl uage 0

m/s) 83380•
Torsi MOC stage 102842

TMI propellant (dV=3672 m/s) 182860
296S6

Tolale'rM I stage 2 ! 2546

ECCV 0

IMLEO $23139

2011 SPLIT SPRINT ONE WAY CARGO NERVA NTR VEHICLE

HGURE 4-34
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2014 conjunction
586 day mission for early Mars dep (prop transfer
in orbit) 919 day mission for late Mars departure

Element mass (kg)

MEV 0

MTV crew hab module 'dry'
MTV consumables & resupply
MTV transient science
MTV crew habitat module

29317
10988

1000
41305

MTV frame & aft tank struts 4671
RCSprop (dV=50 m/s) & inert wt 3179
Reactor/engine weight 9684
Radiation shadow shield weight 4500
Pron transferhardware 1000
Total 23034

EarthOrbit Capture (EOC) prop 0
Contingency TEl prop(dV=1941 m/s) 25135
TEl tank w_(1) 10799
Total TEl stage 35934

MOC prop (dV=2785 m/s) 48631
MOC tanks t2) 12253
Total MOC stage 60884

TMI propellant(dV=3886 m/s) 108580
TMI tanks f2_ 20041
Total TMI stage 128621

ECCV 7OOO

IMLEO 296798

2014 SPLIT SPRINT PILOTED NERVA _ VEHICLE

FIGURE 4-35

4.3.8 Major Propulsion Element Development Effort Trade

Evaluating vehicles for individual missions has been presented in the preceding sections.

The question remains as to what level of technical development effort would be necessary

to provide a set of vehicles that could realistically accommodate the variety of mission types

and payload combinations covering the complete SEI time flame of 2005 to 2030. In order

to estimate the development effort of the propulsion related systems of such a vehicle set,

the following trade was done. It is subjective, rather than quantitative in nature. Any early

assessment of the effort necessary to the develop the major propulsion system elements of

the CAB, NTR, NEP and SEP vehicles is, to a large degree, dependent on the judgment of

the evaluator. Even so, this assessment is really only intended to give a indication of a

relative ranking among the vehicles; it cannot be considered as a technically precise trade.
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The objective was to take a top level look at SEI propulsion requirements from the

viewpoint of a total program (2005-2030). This is in contrast to the common practice of

evaluating the I) Lunar, 2) short trip Mars opposition, and 3) long trip, long stay Mars

conjunction missions separately.

Each major propulsion element necessary to the accomplishment of three specific missions

just mentioned above arc listed in Figure 4-36. Four diff_ent propulsion scenarios (vehicle

sets/combinations) were assessed, in a manner described below, so that a ranking could be

assigned among them to s¢¢ which of the four would require the least 'development effort'

to accomplish a complete SEI program. The vehicle sets arc as follows:

Chemical Lunar, chemical Mars opposition(zero-g)& conjunction(Art-g,

tether system)

NTR Lunar, NTR Mars opp (zero-g) & conj (Art-g, vch rotation about its

Cg, no tether)

Chemical Lunar, w NEP Mars opposition(zero-g)& NEP conj (Art-g,

tethersystem)

Chemical Lunar, w SEP Mars opposition(zero-g)& SEP conj (Art-g,tether

system)

For each one of the individualpropulsionelements that make up the threemission 'vehicle

set',a technology development effortvalue has been assignedwhich reflectsthe estimated

effortrequired tobring any such propulsionsystem up toflightreadiness.As an example,

the NTR reactor/enginehas bccn assigned a value of 6 - 'most development effort'.Even

though NTR propulsion technology (NERVA class),was demonstrated 20 years ago, new

environmental testingconcerns and new facilitiesbuildup would increasedevelopment

effort.

Results - The exclusiveuse of NIX propulsion for allthreemissions types produces the

lowest estimateddevelopment effortscore[sum=13], followed by chemical Lunar/chemical

Mars [sum =19], chemical Lunar/SEP Mars [sum=18], and chemical Lunar/NEP Mars
t*

[sum=27]. Obviously, reducing the totalnumber of distinctpropulsionelements necessary

to do the missions in order to minimize the overall SEI expenditure on propulsion is

important. These scores tend to indicate the profitability in the long run for the use of a

single propulsion system for all planetary space transfer missions, even at the expense of

mission specific (or individual mission) vehicle optimization.
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Moon zero-g Mills

opposition
Propulsion Development

Element Effort Factor

Lunar La_Chemical/ManChemical sys
I LTV pmpul stg

2 LTV mroca_ brake 2
3 LEV pmlml _g 3

Mars zero-g vehicle 2

MEV propel sis 2
MEV/MT'V aemcapmre brake 3

6 MTV inopul stage 2
7 TMI pro_l stage 3

Mars arltflcial.g vehicle

8 Art-8 tether system 2
8 diftinct m'amd.6on elemen_

_, ,_w_,,,,,efmor=o,es: 19

I ]
! !

Lunar L_NTR/M=_NTR sys

I LEV pmpu! smSe

Common Lunar & MaPs zero.g 2

2 _ L'_,.../MTv _ _, _le 6
3 KaOm[mn MMhng/momtonng/shieid 2
4 MEV propulsion stage
5 MEV deu:cm heat shield 2

Mars arUflctal.g J-

no necessary addidom

5 dY._t eremd2/an dmmmt_

wsth development factorsxcores." 13

Lm Lu,_Chemical

I LTVpmpubionstl 2 MarsNEP
2 LTV_mcapum_brake 3

3 LEV propulsion stg 2
Mars zero.g vehicle

4 MEV propulsion _g 2
5 MEV de_ent heat shield • ]
6 NEP _.actof 6
7 Rad_t_on handling/monitoring/shield 2
Dynamic conversion equip 2

9_ 2

I0 Elecu'icthnmors 3
- Sepalrate _ cluTieT to NEP 0(use LTV)

'spi_,iti up' aldmcle

Mat's Artlfldal-g veh_e

I 1 Amflc_-g tether system Z

11 elt, a_ w mm nfd_wI fnem_ zeorin¢,: 27
Lu.ar _,_Chemical
t LTVp_sion stg 2 _=_SEP
2 LTV aeroatpmre brake 3

3 LEV propulsion stg 2

MarJ zero-| ve_tele
4 MEV propulsion stg 2
5 MEV descent heat shield t
6 SEP Solaurmay 3

7 Elecuic thmstm's 3

- Separate crew carrierto SEP 0 (use LTV)
'spirial up' altitude

Marl Artiflcal-| vehide
8 Ardficial-g lelher system 2

8 elemen_ w _nm o[_*,et t'acto_ s_rine: 18

L_gend:(i ) least development effort; (6) most development effort

Expected total resources that must be expended for such a propulsion
etement to achieve flifht readiness

MAJOR PROPULSION ELEMENT LIST FOR SPECIFIC VEHICLE SETS

FIGURE 4-36
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4.3.9 Advanced Propulsion Trade Summary

Mission goals and requirements may conflict with one another. A trade demonstrating the

impact of opposing mission goals can be illustrated with the plot of Mars vehicle IMLEO

vs. trip time for the non-swingby opportunities given earlier (see Figure 4-10). A low

IMLEO is desired to keep launch costs down; a short trip time is desired to reduce potential

GCR risk to the crew. However, the relationship between the two goals as they are

implemented into the vehicle design process almost appears to be one of mutual exclusivity,

i.e. the two goals of low IMLEO and short nip time drive the design in diverse directions.

To complicate the difficulty, neither an upper bound indicating an 'unacceptably high'

LMLEO nor a 'maximum allowable' trip time is as yet definable. What can be established

from this example is just how much IMLEO varies with variations in trip time for each of

the vehicle concepts. In this way a methodology for quantifying this IMLEO trip time

relationship is estabhshed as a means for accessing the cost (in vehicle weight) of reducing

crew exposure time to GCR via reducing trip time. This point has been given as a means

of showing that the 'yardsticks' of evaluation are often interdependent.

4.3.9.1 Preferred Concepts

Several mission categories do exist, and have already been presented, wherein certain

vehicle/propulsion systems demonstrated superior performance in that category. Several of

these were assessed as preferred concepts for particular mission types. Identifying and

defining these areas where particular concepts differentiated themselves as being superior

was a key emphasis of the STCEAM study trades. For given niches, or categories of

mission scenarios, an individual 'preferred system concept' proved to be the most effective

in meeting the primary objective(s) or requirement(s) for the mission type under

investigation. These concepts are given in Figure 4-37.
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PRIMARY goals- > Minimum

Up Front Costs

Short Transfer Minimum

Trip Times IMLEO

SECONDARY

goals

- > Early First CAP (conj) N/A NTR or SEP

Flight NERVA NTR (opposition)

Frequent NERVA NTR NTR or NEP NEP

Trips (Evol to Adv NTR)

or SEP

Long Surface Stays CAP NTR NTR

(Conjunctions) or SEP or SEP

PREFERRED CONCEPTS

FIGURE 4-37

4.3.9.2 Concept of Maximum Utility: NTR

Although no overall'winner'ispresented as the system to accomplish allthe goals of a

comprehensive SEI program, an overallassessment was made as to which of the preferred

concepts was bestsuitedtocover the broadestrange of the variousSEI mission types.The

NTR propulsionsystem/vehicleconcept was assessedas thatsystem of maximum utility.

a. The NTR vehicle was frequently assessed as a preferable concept for several of the

various mission scenarios analyzed.

b. NTR system can provide both an early first flight date, and a favorable pathway for

evolving to higher performance in the out years, without extending beyond subsystems

enhancements to the early system designs. The evolution to high temperature capable
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carbidefuel elements was identified as the subsystem pathway for eventually achieving

the 3100K temperatures and the 1000+ sec Isps associated with high performance

advanced NTR systems.

c. Vehicle flexibility to accept variations in performance requirements is good; NTR

readily adapts to changes in mission delta V's since these arc implemented as changes in

propeUant tank capacities.

d. The use of an all propulsive NTR system allows for total elimination of high energy

acrocapturing technology.

4.4 System Trades Common to All Propulsion Concepts

4.4.1 Crew Module Weight vs Crew Size vs Habitable Volume Trade

The objective was to quantify the relationship between crew habitat module weight, crew

size and habitable volume per crew member (free volume). The data presented in the

paran_tric chart (Figure 4-38) applies to the crew habitat module used for all the reference

vehicle trades and advanced propulsion trade vehicle weight statements. A detailed

description of this crew habitat module is discussed in Section 2.

The module used for a crew size of 4 (reference) was 7.6 meters in diameter and 9 meters

in length, and was sized to have a nominal habitable volume (free volume) per astronaut of

approximately 50 m3. The habitable volume, or free volume, is defined as that internal

volume in the module that a crew member can occupy, such as crew quarters, hall ways,

work areas, bathrooms, medical station, etc; any place that some one can sit or stand or lay

is considered as habitable volume. Habitable volume per crew member is simply the total

habitable volume divided by the number of crew.
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FIGURE 4-38

4.4.2 Reference Crew Habitat Design Trade

It is known that the needs of the crew dictate the amount of habitation volume that would be

considered necessary, or desirable for a long duration Mars mission, although the actual

amount is hard to quantify. Payload limitations are dictated by the performance of the

propulsion system and the total propellant load. This limitation would restrict the transfer

module system to some maximum allowable weight for a given mission. Minimizing

module weight is seen as very desirable, and beneficial to overall vehicle performance from

the propulsion system designer's standpeint, while providing the crew with generous

accommodations is desirable from an operational standpoint. Some compromise has to be

made between the two. Realistically assessing the needs of the crew, be they real or

perceived, is a task of major proportions, requiring input from many disciplines outside

that of spacecraft design and operations engineering. Relevant data and experience will be
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gained from the space station missions, especially in the area of health risks associated with

living for long periods in a weightless ¢nvironm¢nt. Current information that could be

considered applicable comes mainly from past space missions, such as Skylab, and from

space system analogs, which include submarine operations and Antartic winterovar

expeditions. Parsons involved in these activities sham with astronauts some of the

problems associated with long duration confinement in isolated environments.

The total volume of the crew module includes the habitable volume as well as the internal

volume taken up by the onboard structure, equipment, and consumables. In order to

correlate total vehicle weight variations with the habitat module size and weight variations,

crew number was varied from four up to ten, and the habitable volume pet crew member

was varied from 20 to 70 cubic meters. Also of interest was the weight contributions made

to the total module from the ECLS systems, the module structure, manned systems, health

cam/recreation systems, galley, and crew quarter sections, among others.

The crews habitat module is an environmentally protected enclosure intended for long

duration crew activity and habitation functions (eating, sleeping, recreating, relaxation,

medical oparations, work activities, EVAs, navigation, etc.). The habitat module contains

all the systems necessary to provide a shirt sleeve, productive environment conducive to

long duration space mission task. The reference 2016 opposition mission was 434 days in

duration, and the module weights calculated reflect the consumables and contingency

supplies necessary to this duration mission. Preliminary weight estimations have been

developed.

The relationship between the crew module mass, crew size, and habitable volume is shown

in Figure 4-38. For an increase in crew size by one, the resulting increase in MTV crew

habitat module mass is approximately 10%, due primarily to the increased consumables,

ECLSS, and othar module subsystems necessary to accommodate the extra crew member.

Increases in a module's habitable volume, however, only involves increased living space

(not additional or more robust ECLSS subsystems) which can be accommodated solely by

slight increases in the overall crew module external structure. An increase of allowable

internal habitable volume from 40 m 3 per,astronaut to 50 m 3 only increases crew habitat

module mass by approximately 1%. The conclusion reached is that module weight is much

more sensitive to crew size changes than to personnel living space requirements.
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The weight contribution to the module from the ECLS system, structure, manned systems,

power and control systems and consumables is shown in Figure 39.

434 day reference 2016 opposition mission

18 i i i s ructure_ i--module I I /'

J t I i i , i

16

"- _ manned sys7I f po,ver & control sys _i

8

ECLSS

if consuma hies
6 f"

,f
4

3 4 5 6 7 8 9 10 11

Crew size

CREW HABITAT MODULE SYSTEM SENSrHVlTII_S

FIGURE 4-39

The environment control and life support system (ECLSS) weight and volume estimates are

taken from individual NASA/Boeing Space Station Freedom habitation module system and

subsystem design estimates. Estimates of individual subsystems were collected and then

modified for the Mars transfer mission. A quick assessment of the planned Space Stations

individual ECLSS systems capability, capacity, and longevity was done to estimate the

additional robustness, reliability and maintenance measures, that have to be added to the

more difficult mission requirement. The lack of a periodic resupply interval differentiated

the SSF system from the MTV system; system and subsystem weight increase estimates

reflected this difference. The ECLS system serves the following functions:

- Maintains cabin atmosphere with regard to temperature, humidity, pressure

and composition
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Provides/processeswaterfor potable and hygiene systems

Processes/stores biological wasms

Supports EVAs

Provides cooling of equipment, fault detection, and suppression of fires.

Provides for thermal conditioned storage of food and pharmaceuticals

The life critical systems within the ECLSS were configured to meet the reliability/safety

requirement of dual fault tolerance. The ECLSS is interfaced to the data management

system architecture for control/monitoring and caution/warning systems. Issues of concern

were the following:

- Dependant failures and failure propagation

- Maintenance policy and implementation

- Redundancy, resupply levels, backup systems

Spares quantity and accessibility

- Continuousfimtermittent operation modes

Items for which weight and volume figures were calculated are listed below:

Potable water system

Hygiene water system

- TCS/THC system

- Atmospheric Revitalization System

- Urine processing

- Atmosphere conditioning system

Fire detection, isolation and suppression

- Fault detection system

- EVA supplement system

- Filters

- Mounting and distribution hardware for these systems

- Film locker

- Leak detection system

Refrigerator/freezer

N2 leakage makeup

Food and packaging

Emergency air repressurization
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Itemsof the structurefor which weight and/orvolume figureswere calculatedare listed
below:

Primary shell

Secondary shell

- End cones

- Floor/support

- Bulkhead

- Radiation shielding

Airlocks

Hatches

- Berthing hardware

- Equipment mounting

- Consumables storage

- Tunnels

- Mechanisms

Other storage

Utilities

Spares

Items of the manned systems for which weight and/or volume figures were calculated are

listed below:

- Health care

- Recreation

Exercise

Crew quarters

Personal effects and storage

- Galley

- Personal hygiene

- Full body wash

Laundry

Dishwasher

- Waste management system

- Trash compactor

- Media/library
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- Photography

- Science station equipment and supplies

- Lighting

- EVA suits

Items of the power/control system for which weight and/or volume figures were calculated

are listed below:

Vehicle control work station

Data management systems

- GN&C systems

- Internal power system

- External power system

Power distribution system

- Communication systems

- External RMS

The relative impact

Figure 4-39.

of these systems to total habitat module weight is shown in

4.4.3 Vehicle Artifical-g Trade

Artificial-g incorporation to a NTR conjunction vehicle is illustrated in Figure 4-40. This

data shows the impact to IMLEO for a 2005 conjunction NTR vehicle. The long NTR

vehicle spins about its CG to produce artificial gravity at the ends. RCS propellant is used

to spinup the vehicle to the required RPM and to despin the vehicle back to the zero-g stage

for propulsive burns. Section 2 of this report contains a complete discussion on artificial

gravity issues.

4.5 MEV/LEV Trades

Detailed information on the reference MEV configuration issues are provided in Section 2.

Important lander trade categories are shown in Figure 4-41 and are discussed below.
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4.5.1 Reference MEV Propellant Trade

Trade Objective - The inhouse Boeing Vehicle Synthesis Model was used to generate

parametric data to evaluate the effect of propellant choice on ascent vehicle total mass. The

ascent vehicle under evaluation was the reference design with a crew size of 4. The

following five propellant combinations were examined:

1. Storage N204/MMH pump feed Clsp - 340 see)

2. Metallic gel storable N204/MMH/A1 (50% by weight), pump feed Clsp = 366)

3. Cryogenic/storable LO2/MMH/A1 (35% by weight), (Isp -- 374 see)

4. Cryogenic LO2/Methane, (Isp = 380 see)

5a. Cryogenic LO2/LH2, Advanced space engine, 200:1 nozzle (Isp = 460 sec)

b. Cryogenic LO2/LH2, Advanced space engine, 400:1 nozzle (Isp = 475 see)

Results - The ascent vehicle propellant boiloff rates were calculated using Boeing's

"Crystore" program which is based on empirical data documented in several MLI studies of

the late 1960's to mid 1970's. Results are shown in Figure 4-42, and indicate that even for

stay times as long as 600 days, the boiloff of cryogenic LO2/LH2 can be kept low enough

with advanced passive thermal insulation (two inches of MLI, vacuum jacket, and vapor

cooled shields with an outboard vent temperature of 50K) to keep the total ascent stage

mass less than that for an identical ascent stage utilizing the storable N204/MMH (Isp =

340) combination as propellant. This assumes that no loss of thermal insulation

performance takes place in LEO, during the Earth-Mars transfer leg, and while on the

Martian surface stay due to unexpected insulation and/or tank penetrations or any insulation

and/or tank penetrations or any insulation system degradation.
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R_I.IL_: • 25 t IMLEO incnmse of l-g over 1/3 g (Mars-g)
• 6 t IMLEO inerea_ for storable bipmp RCS (lsp_280 s) over GO2/GH2 RCS (lsp_400 s) at Mars-g

• 15 t increase at l-g
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4.5.2 "Mini" MEV Propellant Trade

The mini MEV was designed to be one half the weight of the reference 84 ton MEV, so that

two surface missions could be carried out for the same mass. The mini MEV concept

provides much less cargo and stay time capability than the large reference MEV. The mini

MEV is characterized by its 6-10 day stay capability and minimum cargo allotment.

The five propellant combinations mentioned above for the reference MEV trade were also

evaluated for the mini MEV.

Results - The cryogenic propellant case provides for the minimum mass MEV system for

all surface stay durations of 300 days or less. At 300 days, the additional cryogenic

propellant carried onboard to make up for the boiloff losses, causes the total vehicle weight

to increase to that weight estimated for a MEV utilizing the metallic gel storable propellant

(Isp=366). Aluminum added to the MMHquel enhances engine Isp, but would necessitate

some engine modifications needed to compensate for the erosion caused by the small

aluminum particles, which would be suspended in a gelled propellant form. Not until the

required surface duration extends to approximately 600 days is the cross over point

reached. At that point, the cryogenic mini MEV system is as heavy as the mini MEV system
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utilizing the standard storable N204/MMH pro1:)ellant without the metallic additive. Results

are presented in Figure 4-43.

4.5.3 MEV Aerosheli Trade

The objective of this trade is to illustrate the advantage gained by utilizing aerobraking for

the Mars descent maneuver. The vehicle reference MEV was compared to a MEV that

utilized an all propulsive (engine thrust) descent to the surface. For that case no aerosheU

was used, however a descent heat shield was used to protect the vehicle from high entry

heating rates. This descent heat shield was assumed to be 5% of MEV mass. Both MEVs

carried a 25 ton cargo payload to the surface. The reference MEV utilized a 7 ton aeroshell

that dropped off of its own weight after the descent engines were freed during terminal

descent. The difference in total weight between the two is shown in Figure 4-44. Both

MEVs descended from a 250 km by 1 sol parking orbit, (total descent delta V is 5519

meters per second). For the reference case 4557 m/sec is taken out by the aerobrake, while

the remaining 962 m/sec velocity reduction is done with engine thrust. For the all

propulsive MEV, all 5519 m/sec of delta V are taken out by engine thrust. Almost 140 tons

of additional descent propellant is required if a descent aeroshell is not used.

4.5.4 MEV Ascent to Altitude Trade

The objective of this trade is to illustrate the MEV weight cost of ascent to a circular parking

orbit of varying altitudes (Figure 4-45). The MEV carried a crew of 6 and utilized a descent

only aerosheU.

4.5.5 Cargo MEV Trade

A descent only cargo MEV was evaluated by varying cargo load delivered to the surface as

well as propellant choice for the descent engines which fired after most of the descent delta

V was taken out by the aerobrake. The cost in lander weight for these varying cargo loads

was shown previously in Figure 4-28.
1-

4.5.6 MEV Surface vs Excursion Habitats Trade

Objective - The objective was to determine which is lighter: sizing the excursion vehicle

crew cab for the entire surface duration or using a one day excursion vehicle cab along with
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a separate surface habitat. This trade was conducted to determine the stay time after which it

is lighter to provide a separate surface habitation module which remains behind, than to

embed this function in the excursion vehicle crew cab, which ascends back to orbit. The

operating mode for this study is an excursion scenario (including "campsite" options), with

no permanent base available.

Mini
MEV

mass, mt

80 Mars Minilander Propellant Trade

60.9 r..AI ____,,:

60 _.z s3a ssa r'- m.3 \

50.3 49.4 49J _] 54.147A
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MARS MINI-LANDER PROPELLANT TRADE

FIGURE 4-43

Element
ReferenceMEV

[descentonlyaeroshell]
MEV wlo Aeroshell

[all propulsive descent]

Ascent cab 3478 3478
Ascent stage inerts 3173 3173
Ascent RCS prop 172 172

Ascem pro_llant 15639 15639
Total ascent vehicle 22462 22462

' Surface cargo
Descent stage inerts
Descent RCS propellant
Descent propellant
Base heating shield (5%)
Descent only aeroshell (15_)
Total descent stage

25000 25000
5422 12924
1173 3763

12061 153710
n/a 10893

70O0 n/a
50656 206290

MEV total 73118 228752

MEV WITH AND WITHOUT AEROSHELL TRADE

FIGURE 4-44
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Crew sizes of 2, 4, 6, and 8 were evaluated. 2 kg food/person/day and 6 kg water was

used in the calculations. An open ECLSS was assumed with three repressurizations

possible. Other assumptions included carrying 2000 kg of science equipment (left on the

surface) and 500 kg return payload (samples). Propellant tanks were sized for a 25 ton

load except when in excess of 25 tons is needed. A 5% fuel contingency, and 2% boiloff

were assumed. For the Lunar cab-plus-hab case, the ascent vehicle returns to LLO without

landing legs and some structure. In the Lunar eat) only case, the entire vehicle returns to

LLO for reuse in LOR mode. For the Mars case, separate ascent and descent stages were

used for all cases, as well as a 20% aerobrake for entry, jettisoned prior to landing.

Results - A separate habitation module is the preferred solution for both Lunar and Mars

surface stays exceeding a few days, as shown in Figure 4-46.
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4.5.7 Common Mars/Lunar Lander Trade

The objective here was to design a common Mars/Lunar lander that could operate either as

an unmanned cargo carder, or as a piloted vehicle carrying personnel and cargo to and from

the surface of Mars or the Moon. The primary design criterion was to keep the complete

propulsion stage identical for all vehicles. The vehicle inert weight is a function of several

items, foremost among these being the propulsion requirement to provide a minimum

vehicle T/W ratio of approximately 1.6 for the landing and ascending burn phases while

retaining a single engine out margin. Other [mportam parameters include the stage structural

frame and landing leg weight, both of which are a function of the load that each must

support. Stage inert weight is also a function of the number of tanks and their size as

selected for both the MPS and RCS propellant loads which include boiloff allowances for

surface stay time in the case of the piloted sorties.
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For thispreliminary design task,the decision was made to sizethe common inertstage

based on the pilotedMars landermission with a cxew of 4 and with a 30-day surfacestay

time.A totalcryogenicpropcUant loadof 31 tonswas necessaryfor thiscase.To provide a

T/W of 1.6,three30k Ibfadvanced cryogenic engines (Isp--475)were selected.One large

fucl tank, and four small oxidizer tanks were selected and sized to hold the 31 ton

maximum propcUant load. Adding tank insulation,meter shields,vapor cooled shields,

propellantlineweights,flame structure,landinglegs and a mass growth allowance to the

engine/tank setproduced a totalstageinertweight of 7.4 tons.The following comments

willserve as a briefdescriptionfor the six vehiclesgiven summary weight statements in

Figure 4-47.

Commonality acrossthevehiclesisrealizedby using a common propulsionstage:identical

engines, structure, MPS and RCS tank sets, etc.as mentioned earlier.However,

differencesdo existin the following areas:acrobrakes,cargo load,tank propcUant loads

(offloaded tanks inthe caseof the Mars cargo and 30 ton Lunar cargo vehicles)

Mars Mars Mars Lunar Lunar Lunar

Element Cargo Manned Manned Cargo Cargo Manned
(deac only) (single stg) (single stg) (desc only) (desc only) (single stg)

Stay time nla 365 days 30 days nla nla 6 months

Ascent cab 0 4847 4847 0 0 . 4847

St& inerts *7396 8656 *7396 *7396 *7396 *7396
Aeroshell 7500 7500 7500 n/a n/a n/a
Surf Cargo 30000 500 500 30000 **45000 **23000
Asc prop n/a 28001 23389 n/a n/a 7193
Desc prop 8125 9188 7713 21502 30126 24277
RCS prop 1704 2121 1854 705 988 914

Total wt 54725 66810 $3227 59602 83510 67627

Manned:crewaf6, #nn_dia_ v_fer tosurlhab
Stayrh_:forAJcs_£propellantboHofl'calculadononly......

**Madum _ car£oloadfortkeJelunarcaseswhenall tangsarejuu(notoffloadedasincolumn4)

differences consist in: a_robmk_, cargo load, tank prop taaa folI _a tangs m catumns I at p

COMMON MARS/LANDER VEHICLE - CARGO AND MANNED VERSIONS

FIGURE 4-47

280 D615-10030-2



Column 1 Mars cargo: 7.5 ton aerosheU & 30 ton cargo to the surface requires only 8.1

tons of descent propeUant (1/4 of available rank volume)

Column 2 Mars piloted with 1 year surface stay: 7.5 ton aeroshell, 4.8 ton ascent cab

(crew of 6), 500 kg of cargo, and 1 year boiloff allowance requires 37 tons total descent

and ascent propellant, which is above the common stage tank set load capacity, thus

excluding it from the group sharing the common propulsion stage.

Column 3 Mars piloted with 30 day surface stay: requires 31 tons of propellant; this load

was selected as the capacity for sizing the tanks for the common vehicle inert stage - used

for all except case (2).

Column 4 Lunar cargo: 30 tons to the surface implies off loaded tanks: only 21.5 tons of

descent propellant required (tanks 2/3's full)

Column 5 Lunar cargo: 45 tons to the surface are possible if the tanks are filled to their

31 ton maximum capacity.

Column 6 Piloted Lunar:. ascent cab with 23 tons of surface cargo are possible if tanks

are filled to their 31 ton maximum capacity.

For the Mars missions a 7.5 ton aeroshell decelerates the cargo for the majority of the

descent delta V. Part way through this aerobraking phase the nozzles of the engines are

extended through the brake doors. Supplemental braking is provided by these engines until

the brake drops off from its own weight, after which the engines alone provide terminal

descent to final touchdown. The Lunar cargo case is identical to the Mars cargo case except

for the absence of the aeroshell. For the manned sorties the lander functions as a single

stage descent/ascent vehicle. The entire vehicle ascends to orbit leaving behind only the

surface cargo for the piloted Lunar case, While leaving the cargo and the landing legs for

the piloted Mars case.
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4.5.8 Reusable MEV Concept Trade

The concept is for a totally reusable MEV and assumes the availability of Mars surface in

situ oxygen production for its ascent burn 02. The small landing aeroshell has 30% less

aerobrake area than the reference 2 stage expendable MEV aeroshell. This concept only

'works' with Mars surface oxygen being available. The vehicles maximum gross mass is

about the same as a traditional staged MEV without the use of Mars oxygen. Details may

be found in Section 3.

4.5.9 Secondary Requirements influence on MEV/LEV Design

The 84 ton reference MEV (with 25-ton surface habitat) and the 40 ton 'mini' MEV were

developed early in this study, each especially suited to its descent and ascent task.

However, viewing a LEV or MEV system as merely a vehicle for descent to, and ascent

from, a planetary surface without due consideration given to other secondary requirements

of significance would be inadequate. As a complete man rated transportation element, a

lander may be used in a secondary capacity to enhance some other phase of the mission. In

assessing how the design might provide for capabilities beyond that needed for the primary

descent/ascent task, the following items were considered:

- Lander design and how it affects cargo unloading to the surface

- Techniques for cargo jettison during descent abort situations

- LEV capability enhancement to allow it to serve as an backup system to the

LTV for Lunar departure and return to Earth

- Secondary capability for short suborbital flights to distant sites, for

additional exploration, or recovery of off site failed systems.

4.5.9.1 Lander Cargo Off.Loading Trade

The impact of cargo unloading operations and/or restrictions were left unaddressed until

later in the study. In retrospect it was determined that cargo off-loading operations play a

very important role in insuring a truly successful lander mission. Assessments indicated the

importance of the following:

a. Ease of cargo unloading is imperative to successful surface operations. The

MEV/LEV should provide for a functionally simple and mechanically uncomplex capability

282 D615-10030-2



for off-loading cargo, without placing on the entire surface system the requirement for

either an unnecessarily heavy surfaced based cargo unloader, or for a unloading procedure

that is overly complex, or time consuming.

b. A single Lunar or Mars lander concept should be able to effectively handle a range

of cargo loads as well as varying personnel and cargo combinations.

Cargo Off-Loading: Current NASA Configurations - An evaluation of the current NASA

baseline LEV design, as well as some of its contemporaries in the literature, revealed that

those designs did not provide simple off-loading capability, but actually drove the surface

based systems to provide relatively large surface unloaders. This was seen as a potentially

severe burden to surface operations.

Lander designs evaluated in the Cargo Off-Loading Operations Trade - Current LEV

designs can be currently classified into two groups: (1) Top loaded, and (2) Side loaded

cargo types, Figure 4-48.

Top loaded cargo landers, as their name implies, require unloading of cargo from above.

Large mobile surface cranes or gantry-type off-loaders are required. They must drive up to,

then over (on top of) the lander, grasp the cargo at its Cg, lift off the cargo and raise it up

and away from the lander, then drive off with the cargo in this raised position. A surface

unloader required to do this task would be heavy, and require a dedicated flight just for its

emplacement and assembly on the surface. The 'over top' or gantry-type off-loader has an

estimated wt of 12 tons and an assembled frame size of roughly 15 m by 15 m, and would

have to be delivered and assembled on the surface before any other payloads could be

delivered with the top loaded lander type. Since the lander alone is helpless to unload itself

in the event of a surface unloader failure, it would be rendered incapable of ascent to orbit,

and the crew stranded ff such a failure occurred. This lander concept was therefore judged

as placing a relatively high risk and weight burden on the system. A design providing

more efficient cargo off-loading is preferable.

Side loaded cargo landers, of which the NASA LEV baseline is an example, must divide

the total cargo load into two sections, each held to the sides of the vehicle with large side

mounts. These two cargo sections must be of approximately equal weight for the vehicle

center of gravity (CG) to be balanced on the descent flight phase. An over-the-top gantry
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Lander Vehicle Off-loader

type ske_.a sketch

Off-loader and/or transporter type,

weight, number of dedicated flights

to deliver oH-loader or transporter

Top _ •

loader

o_-loader size and delivery�assembly_l___l_ are major drawbacks

Off-load_ type:
gantry type overtop lifter

Tramlxx't_ same

Cargo divisio, m:cessa_? No/
s_i* _ or sur/_._ rr,o_e

Weight" 12+ tons

Delivery flights: 1-2

OH.londe_. None required:
cargo _wered _rec_ to surface

T_ Flat-bed; pulled to
location by rover, or self propelled.
lifting crane may be necessary for
placen_m on wansporter

Cargo division necessary? Yes;
cargo must be divided into two equal
sections; major difficulty, single surf
mod_de hard to accommodate

Weight: 2-3 tons

Dedicated frights: may be possible to
carry a transporter as one side load

Boffom

loader

• Off.loader type: None required;
cargo lowered directly to surface

Transporter:. Flat.bed
pulled to location by rover, or self
propelled

Cargo division necessary? No;
accommodates large surface modules

Weight: .2-3 tons

Dedica_ flighu: None;
large transporter can be carried with
cargo underneath lander

' _" _' Most efficient cargo delivery type

CARGO UNLOADING CHARACTERISTICS OF CANDIDATE LANDER DESIGNS

FIGURE 4-48

type unloader would not be necessary for this lander type. It is also possible that a mobile

crane unloader would not be necessary either, since the two side mounted cargo pallets
Iy

could be lowered directly to the surface (or on to flatbed transporters driven tmdemeath).

This would prove to be an important benefit since the lander would not be incapacitated for

ascent if a surface transporter failed. However, theneed for dividing the cargo payload into

two equal pieces does not reflect the reality of surface system payloads (they are not all

284 D615-10030-2



divisible).A singleheavy(20-30ton) surfacehabitatmodulewouldbehardto accomodate.
Providingfor undividedcargodeliverywouldbepreferable.

During discussions concerning the impact of cargo unloading on lander design, a lead

member of the US Army Civil Engineering Research Lab group, currently involved in the

study of planetary surface cargo unloading and transport, made the following statement:

"The primary need in providing ease and efficiency of cargo unloading is the direct access

of at least two adjacent sides of the cargo from underneath."

Obviously, the most important requirement for a lander system, from the surface cargo

unloading systems point of view, is the ease of getting the cargo load onto a surface

transporter for immediate or later access to its contents.

Satisfying the requirement: unloading from underneath - Placing the cargo underneath the

propellant tankage/propulsion system, instead of above it, is the distinguishing

characteristic of the undercarriage cargo lander configuration. The vehicle utilizes four or

six engines. Three candidate configurations are illustrated in Figure 4-49. The engines are

positioned several meters above the ground plane and also are out of the way of the cargo.

This 'over top' engine positioning prevents the engines from blocking or enclosing the

cargo, and allows access to the cargo from any two adjacent sides as needed by a fiat bed

surface transporter. Any alternative approach of lowering the placement of the engines near

the ground level position would enclose the cargo and thus prevent access to the two

adjacent sides. The cargo module or pallet is held at the bottom of the vehicle, attached

from above to the vehicle's cargo bay. Directly above the cargo bay lies the base of the

engine extension frame structure and the propellant tanks. The engine nozzles extending out

away from the cargo bay section are canted slightly outward from the cargo and incorporate

plume impingement shields to prevent any exhaust gas impingement on to the vehicle or

cargo when landing. These shields are mounted on hinges and can be easily pulled up and

out of the way in order to clear all sides for cargo removal. The Lunar LEM also utilized

impingement shields for its RCS.

When the lander is used to carry personnel as well as cargo, a small crew cab is also

attached underneath the cargo bay in a position adjacent to the cargo. In the case of delivery

of a large surface crew module the small ascent crew cab can be joined to the surface

module to provide for contiguous placement and use of the two modules. After a piloted
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Ascent cab on side; cargo underneath (cargo not shown)
single stage vehicle: 4 engine design:I_: comer engine placement
_elow: pairedengine extensions. Engineout: shutoff opposing engine

Top View

Ascent cab and cargo underneath (cargo shown)
single stage vehicle: Below: 6 engine design: ! pairat each of 3 extensions.
Engine out:throttlehealthyengine onaffectedextension up to compensate

Top View

Bottom View

UNDER CARRIAGE CARGO LANDER CONCEPTS

FIGURE 4-49
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surface mission, the surface module is off-loaded and the small crew cab remains on the

vehicle for ascent. The undercarriage lander provides the capability to unload from

underneath and for crew ingress and egress from a underneath position directly to the

surface without climbing down a long ladder. This affords a significant operational

advantage that is not available from either of the other lander options. Specific advantages

aregivenbelow:

- Easiest access to the cargo by surface vehicles

- Capability to off-load the cargo to the surface or to a surface u'ansporter

without the need for any surface off-loading vehicle whatsoever

Undivided cargo delivery

Easiest access to the surface for the crew

Best crew visibility of the surface for descent and touchdown maneuver

- Easiest cargo ejection for emergency descent abort maneuvers

- Provides contiguous placement of surface and cab crew modules

- Easiest cargo on-loading from the surface for return or translation of cargo

Easiest accommodation to a variety of cargo weights

Incorporates lessons learned from terrestrial cargo delivery helicopter

operations; examples shown in Figure 4-50

Gravity assist unloading - Utilizing the undercarriage cargo concept, cargo down-loading

can be accomplished in a one step, relatively risk free operation; the cargo is lowered down

by hoists to the surface solely by the the pull of gravity, no lifting cranes are needed.

Utilizing this approach, Lunar or Martian base build up might be done entirely without the

use of any lifting cranes or gantry off-loaders whatsoever. Since the unloading operation

can be completely independent of any surface equipment, an emergency, unplanned ascent

to orbit can be effected immediately. Vehicle ascent would not be affected by surface

equipment failure.

Descent abort cargo jettison - In the same way an emergency descent abort could also be

done in one step: cargo release and drop, again utilizing the force of gravity for separation.

The top-loader and possibly the side-loader-designs require some form of higher risk cargo

ejection scheme.
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TERRESTRIAL CARGO DELIVERY HELICOPTER ANALOGS

FIGURE 4-50
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Engine out considerations - The severity of anticipated engine out situations on descent and

the resultant off vehicle CG complications are actually independent of whether the engines

are placed above are below the cargo; this, by itself, is not a driver. Severity of engine out

complications and strategies for their compensation are mainly related to the following:

Engine spread (the distance the engines are spread out from one another in

the radial direction)

Number of engines

Engine position relative to the vehicle CG

Available engine gimbal angle

Supplemental control from RCS

Engine out recovery capability need not be more difficult for the 'overtop' engine

undercarriage cargo configurations than for the traditional engine 'on bottom' position if the

driving factors mentioned above are equivalent for both designs. Both techniques of

differential throttling and engine gimbaling can be used to compensate if a engine fails.

Summary - A landers potential usefulness between surface touchdown and lift off is an

important ingredient to achieving a highly successful surface exploration or site buildup

mission. In retrospect, the judgement was made that lander design must extend beyond

merely satisfying the primary descent/ascent requirement to also meet other surface mission

related requirements. This more complete design philosophy can be summarized in the

following statement:

The role of the MEV/LEV circumscribes more than the descent/ascent task, and

incompasses the delivery of cargo and personnel in such a way as to maximize the

effectiveness of the surface mission, as well as providing for an immediate means for cargo

jettison during descent abort to orbit.

4.5.9.2 Second Site Exploration Capability

A concept aimed at increasing exploration potential for a given payload mass delivered to

Mars or to the Moon, incorporates suborbital flights to distant sites for additional

exploration. A lander capable of visiting two sites before ascending back to orbit would

provide several benefits to planetary exploration missions. Surface 'hopping' is herein

defined as a suborbital flight of a few hundred kilometers. Such a capability could, for
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Mars, provide both the desirable30 day surface mission (based out of a large surface

habitat module of-20 tons) typical of the reference MEV mission, and also a short 3-5 day

duration exploration of a second distant site. This shorter mission was typical of the 'mini'

MEV mission described earlier. A key design objective was to satisfy this dual

requirement, providing the capability for an efficient cargo delivery system that could also

serve effectively as a 'hopper' for a second short duration exploration sortie.

The undercarriage cargo lander concept, designed to simplify cargo unloading operations at

the surface, is utilized in a piloted/cargo configuration for evaluation of its capability for

this dual delivery/exploration task. Both a small ascent crew cab and a larger surface

habitat module are linked together and carried under the vehicle propulsion/frame carriage

for the descent maneuver and initial surface stay phase. The large module is then lowered to

the surface from the propulsion carriage, with the small ascent crew cab remaining in

position underneath. Now lighter by at least a factor of two, and having a takeoff T/W at

least a factor of two higher (when compared to its earlier initial descent from orbit), a

suborbital flight to site two is undertaken. Vehicle characteristics advantageous for second

site capability include the capability of off-loading the fast module without the aid of an

unloader, use of a single propulsion stage, and highly responsive flight controUability for

higher risk flights into cannons or on to mountain plateaus.

Lunar/Mars Surface to Surface Suborbital Transfers - To make a proper evaluation of a

landers capability as a suborbital flyer, the delta V requirements for such excursions must

be known, and a means for relating some form of cost figure for any such capability. For

this study lander weight vs distance flown and payload carried was the method for

assessing a cost to the system for second site exploration flights.

Delta V calculationsfor suborbitaltransfers-A suborbitaltransferisdefined as a seriesof

maneuvers targetedto transfera LEV or MEV from an initialsurfacelocationto a final

location.Two differentapproaches exist.The fastapproach entailsexecuting a seriesof

powered maneuvers to transferfrom an initialbasepointon the planet surface,through a

specifiedsurfacerelativetransferangle,to another location.The firstburn of this"burn-

coast-burn"scenarioachievestherequired_poapsisaltitudeand thefinalburn achievesthe

required constraintsfor landing.In thiscase the apoapsisof the transferorbitisoptimized

as a functionon the desireddownrange transferangle -thisislabeledinthissectionas the

"two burn," or "multiburn" transfer.
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The second approach consists of a single-powered maneuver where the LEV/MEV will

hover and horizontally transfer through the desired transfer angle - this is labeled as the

Hover/Horizontal Transfer (HHT). The engines fn'e throughout the entire flight to maintain

a constant hover altitude. The vehicle does not 'coast' for this flight. Delta V is plotted

against surface transfer range for both maneuver approaches in Figures 4-51 and 4-52

(Reference 30).
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Trade Results - ME_ r system costs for second site transfer. To provide for a mission

incorporating an initial stay surface habitat weight of 20 tons and a second site distance of

100 km, the total lander weight in Mars orbit would be 108 tons. This mass is roughly 24

tons (28%) more than the 84 ton, 2 stage MEV used as the reference vehicle for this study,

which was incapable of a second flight. This is illustrated in Figure 4-53 where total

vehicle weight variation with cargo and distance is given for 5, 10, 15, and 20 ton surface

modules, as well as distances traveled up to 260 km. Although an attempt to estimate the

added scientific benefit or value that might be gained from a second site visit will not be

made herein, it should be noted that the cost in IMLEO for bringing a second lander along

as an alternate way to visit a second site would assuredly be more than the additional 24

tons of mostly added propellant (as calculated above). Even the spartan 'mini' MEV that

provides a crew of 4 (with minimal cargo) about a week of surface stay weighs in at

approximately 40 tons.

_3°r t l- i i I i i i ! ._12ot
8o I_.._ 20t _ i i i i l [ 1 [ t._/l_j2__l

" 70 // _[ ... 120 . <--'7--7--- 15 t
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50 5t 90 ' _

_._

_I I _"! ! I I I I _ _ , -
_'_I 60 100 ,4o 180 220 260

Distance to 2rid site, km _ _'l _ Distance to 2rid site. km

LUNAR/MARS LANDER SECOND SITE EXPLORATION CAPABIL$I'Y

FIGURE 4-53

LEV system costs for second site transfer, nominal case - A second site LEV mission is

described as follows. An LEV lands and does an initial surface exploration, or cargo

delivery mission..The LEV, with or without its initial payload, flies suborbitally to a
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secondsite for furtherexploration.Thepayloador surfacemoduleis dropped(if it hadnot
beendroppedearlier),culminatedby ascentto orbit.

The cost in LEV weight for arangeof payloadsandtransfer-to-second-sitedistancesis

shownin Figure4-53. For aspecificexample,thetotal landerweightin Lunarorbit would

be50 tons,if 10 tons of cargowere deliveredto the surfaceinitially andthen takenan

additional100kms distanceto a secondsite.This is roughly6 tons(14%)morethana44

ton LEV which could carry that samepayloadon descentthoughincapableof a second
excursionlater, beforeascent.Again it can be noted that the estimated alternative cost in

IMLEO for visiting that second site with a separate LTV/LEV system at a later date would

be at least an order of magnitude higher.

General Summary - For SEI mission strategies that stress multiple planetary exploration

missions that include site visits within as much as several 100 kms of each other, the

approach of designing MEV/LEV systems that can accommodate short suborbital

excursions, is less expensive in terms of mission cumulative IMLEO than utilizing multiple

landers. The use of surface rovers also must be included if the overall trade space is to be

covered.

4.5.10 Specific Second Site Missions

Specific missions were identified and evaluated in order to make a finer judgement on the

practicality of providing a LEV with second site capability. It should be noted that LEV

systems have all the necessary flight and propulsion hardware on board to do a suborbital

hop. Design changes would principally be changes to allow the accommodation of more

propellant, as well as provisions for off-loading an initial cargo pallet or module without

the use of a separate surface cargo unloader (this latter item has been described in detail

earlier in Section 4.5.9.1). To this end, the undercarriage cargo lander concept, designed

to simplify cargo unloading operations at the surface, is utilized in its piloted/cargo

configuration for an evaluation of its capability for this dual task of descent/ascent and

second site flight. Both a small ascent crew cab and a larger surface crew habitat module

can be linked together and carried under the vehicles propulsion/frame carriage for any or

all of the mission phases; descent, hop, and ascent. From the propulsion carriage, a large

crew module or cargo module can be lowered down to the surface, or hoisted up (on-

loaded) from the surface while the small ascent crew cab remains in position underneath.
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4.5.10.1 Rover Crew Recovery

The use of a LEV capable of a suborbitalflighttothe siteof a failedrover forrescueof the

strandedcrew was evaluated.For thisanalysis the effecton landerweight was calculated

forvariationsin distanceto the siteas wellas to therover weight.(The rover itselfwas not

'on-loaded'and returned to base.Itwas assumed thatthe landerwould originallydeliver

the rover to the surface.)Once the rover was deliveredand the rover surfacemission was

underway, the landerwould remain on site,or at the base, ifand untilitwas needed to

rescue the crew in case of some rover failure.The LEV and rover masses relatingto

second sitedistanceisprovided in Figure4-54.
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The lander is utilized in a piloted/cargo configuration for the original delivery of the rover

cargo, then in its piloted only configuration (no cargo in the undercarriage bay) for the

suborbital hop to and from the rover failure site.
t-

A 1000 km pressurized Lunar rover would weigh approximately 25 tons. Driving at a rate

of 4 km/hr for 10 hrs per day (24 hr period) during the 14 day daylight period and at 2

km/hr for 10 hrs per 24 hr period during the lunar night would require about 33 days to

reach its 1000 km limit before starting its return trip. If, for example, the rover failed at a
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distanceof 500 km, a second rover sent out to affect a rescue would need around 33 days

to reach and return the crew to the base.

A smaller "daylight" pressurized rover, weighing approximately 12.5 tons would have a

maximum range near 240 kin. Driving a 4 km/hr for 10 hrs. per day during daylight would

mean that about 6 days of travel would be necessary to reach its 240 km radius limit. If the

rover failed at this distance, a second rover might require about 5 days of travel time to

reach and return the crew. It was assumed that for rover rescue attempts of 300 km or less,

a recovery rover crew of two, alternating driving and resting periods among themselves,

might be able to drive continuously (24 hrs per day) at 4 km/hr in order to reach a stranded

crew and return in the 5 day period. For distances of about 300 km or more (one week and

up to travel time) a rover crew might not be able to keep up the pace of around the clock

continuous operation.

For the 25 ton long range rover at 500 kin, the 33 day recovery time is assessed as

impractical, entailing too long a wait and thus too high a risk to the stranded rover crew. A

LEV capable of flight to a second site could accomplish just such a recovery in less than

one day.

For the smaller "daylight" rover, the 240 kin, 5 day recovery period is certainly more

reasonable than the 33 days for 500 kin. However, for cases when a rover crew member is

injured or when the rovers ECLS system has failed, or is failing, even 5 days may prove to

be excessive; anything longer than a one day rescue may be to no avail.

The cost for recovery for a second flight capable LEV or MEV would merely be the added

propellant necessary to do the suborbital rescue flight. Analysis showed that 14 tons of

propellant would be necessary for a LEV to fly out to, and return from a 500 km distance,

while about 9 tons would be needed for the 240 km distance.

Accomondating additional propellant appears to be an order of magnitude less expensive

than building and delivering a second pressurized rover (a very high technology item) just

to provide a recovery vehicle for a rover mission.
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When thedifferencein recovery times is taken into consideration as well, the approach of

using the lander as the rescue vehicle is assessed as preferable to the alternative of

delivering a second rover, and utilizing it to effect recovery. The landers capability for

suborbital hopping would be beneficial for other reasons as well.

4.5.10.2 Pressurized Rover Recovery and Return To Base

The use of a LEV capable of a suborbital flightto the site of a failed rover for rescue of the

crew and return of the rover itself was evaluated. For this analysis the variation on LEV

weight was calculated for variations in distance to the site as well as to rover weight. The

rover itself was 'on-loaded' and returned to base for this analysis. Again, it was assumed

that the LEV would initially deliver the rover to the surface. Once the rover was delivered

and the rover surface mission was underway, the lander would remain at the Lunar base,

until it was needed to rescue the crew and return the rover for repair.

On the LEV mass vs distance to second site plot given in Figure 4-55, rover weights of 5,

10, 15, 20, and 25 tons are listed. The undercarriage cargo lander concept is again utilized

in its piloted/cargo configuration for the original delivery of the rover cargo, then in its

piloted only configuration for the suborbital hop to the rover site, and again in its

piloted/cargo configuration on return. The LEV lands near the rover, hoist cables are

attached, the rover is pulled into position under the LEV cargo bay, and is hoisted up ('on-

loaded') and secured. The alternative to LEV rover recovery would be the utilization of a

second rover to pull the failed rover back, or to abandon the rover permanently.
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4.5.10.3 Pressurized Rover Replacement

Consideration was given to replacing a heavy (15-25 ton) long range, pressurized rover

with the combination of a LEV and a light, short range unpressurized rover for surface

exploration. For this analysis a LEV carried 10 tons of cargo on its descent task. This cargo

was off-loaded for use at the Lunar Base. At the base was a small crew habitat module

especially equipped and suited for use with a lander on an "off-base" mission. That is, the

extra module provided for exploration surface stays of durations longer than the excursion

crew cab could sustain (a few days) by itself.

For this analysis the variation of LEV weight was determined for variations in distance to

the site as well as to the mass of the supplemental off-base module. This module was

carried both ways; picked up at the base, utilized during the surface exploration, then

returned. Additionally, this off-base mo_tule served as supplemental base crew habitat

module when not in service on an exploration Right. Module weights of 1, 2, 3, 4, 5 tons

were evaluated. Again the undercarriage cargo lander concept is utilized in its piloted/cargo

configuration. The cost to LEV mass and the hop propellant load requirements, given

range and module mass, is shown in Figure 4-56. With a light weight, unpressurized
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rover, muchactualsurfaceexploration could be done at a distant site in a relatively short

time with an LEV.

_.p _¢ hop (i,m)

PRESSURIZED ROVER REPLACEMENT MISSION, IMPACT ON LEV DESIGN

FIGURE 4-56

4.5.10.4 Lunar Vehicles Trades

LTV/LEV Habitat Trade - An LTV/LEV habitat trade module study was conducted to size

crew modules for varying crew sizes and mission durations. Two types of transfer

modules were evaluated, an aerobraked module and a direct entry (Apollo-type) module, as

well as a single module concept for transfer and excursion (direct entry at Earth) and

excursion modules. Crew sizes of 2, 4,6, and 8 for transfers of 24 days and surface stays

of 1, 14, 28 and 42 days. Sizes for these 36 modules were generated from historical

spacecraft data, and mass statements were generated from SSF and STCAEM estimates.

Results of this trade study provide estimates as to the size and mass of lunar modules.
t"

A trade study was also performed to determine what point it becomes more mass efficient

to have a separate surface habitat along with an excursion module, if a base is not available

and missions of the excursion/exploration class are being performed. Results show that 3-8

days is the crossover point.
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ReferenceLunarNTR Vehicle Definition - A Lunar NTR vehicle was developed in order to

evaluate some of the benefits of NTR propulsion as applied to the Lunar missions,

including:

High Isp performance

Ability to do all missions without an aerobrake

- Complete LTV reusability

- Reusability for the LEV (no aerobrake packaging constraints as with the

cryogenic propulsion system)

- Propulsion system commonality with NTR Mars vehicle (tank sizing only

difference)

Two vehicles were developed; a single lander version, which does the same transfer

mission as the present reference LTV/LEV CAB vehicle, and a double lander version which

transfers two landers of any type per Lunar mission. The engine, shield, and truss system

is identical to the reference NERVA NTR vehicle to provide commonality. Possibly the

best proof of concept and flight qualification methodology for a Mars vehicle propulsion

system is to demonstrate it in space as a Lunar vehicle. A Lunar round trip is strikingly

identical to a Martian round trip from a space transfer propulsion systems point of view if

no aerobraking is required. The primary difference is the magnitude of the delta V's and

the H2 boiloff for the longer Mars missions. The Lunar NTR vehicle configuration is

shown in Figure 4-57.

General vehicle characteristics:

All propellant in single aft tank; no drop tanks

Single 75000 lbf ref NERVA eng; T/W=3.5, Isp=925, alternate engine:

PBR; T/W=15, Isp=925

Shadow shield: 4500 (kg); identical to Mars NTR vehicle shield

45 m SSF type truss (2400 kg) provides separation distance
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NTR LUNAR VEHICLE

FIGURE4-57

BaselinesinglelanderLunarNTR vehicle:

No acrobrake packing constraints; empty LEV renmaed to LEO for reuse

Allows checkout, refurbishment & resupply to be done in LEO

IMLEO = 197 tons, NERVA NTR; 46.5 t LEV, 8.7 t rood

IMLEO = 170 tons, advanced NTR (t/w=15 PBR)

Double lander version:

Cargo landermission done jointlywith pilotedlandermission

SingleNTR LTV does thejob of two CAB LTWs

PilotedLEV returnedto LEO forreuse;cargo LEV lefton surface

Robust propulsionsystem can accommodate wide range of payloads
t-

Burn times - Earth departure: 26 minutes, Lunar capture: 6 minutes, Lunar departure: 4

minutes, Earth capture: 9 minutes; 45 minutes total. This short bum time keeps fissionable

product buildup small. Crew occupies the solar flare radiation shelter already required for

the LTV module during these short bums.
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ReferenceLunar NEPVehicle Definition - A parametricanalysisof a NEP vehicle was

performed to gain an understanding of the capabilities of a NEP cargo vehicle for lunar

applications. Some of the trades performed included:

- IMLEO vs Isp

- Propellant Mass vs Isp

- Payload Faction vs Isp

- Trip Time vs Isp

The analysis was performed for a vehicle with a specific dry mass (alpha) of 10 kg,/kW and

15 kg/kW. Power levels analyzed were from 1 to 6 MWe. The payload was set at 100 t

for the entire analysis. A lower powered vehicle resulted in a lower initial mass, but the

transfer time became increasingly longer for the lower powered vehicles. There may or

may not be a time constraint on the vehicle's spiral from LEO to lunar orbit. A time of 180

days (6 months) was assumed to be the maximum amount of time the transfer should take.

The Isp can also be varied with a lower Isp (5,000 see) resulting in a higher initial mass,

but shorter transfer time and a higher Isp (10,000 see) resulting in a lower initial mass at

the cost of transfer time. The results show that a 4 MWe vehicle (10 kg/kW) operating at

6,000 see Isp can transfer 100 t of payload from LEO to lunar orbit in 6 months or less.

The total initial mass of this vehicle at departure would be less than 170 t. Additional

details may be found in Reference 11.
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• INTEGRATION AND COMPATIBILITY

5.1 Integration

During the course of the current study, the Integration task was involved in the vehicle

configuration interference assessment and design refinement after the initial configuration

conceptual design had been established. This included modifications in response to

requirement refinements as defined by other tasks and subsystem integration. It covered

two forms of operation ; the fin'st was a standard architectural hardware analysis and

revision of the conceptual design, the second was a computer aided design (CAD) three

dimensional modeling of the systems and subsystems to locate visually any physical

interference in the designs. This is a brief description of the work performed on each of the

propulsion options and landing vehicles. This portion of Task 4.0 is also related to work

performed under Tasks 1.0 and 2.0, Figure 1-1.

5.1.1 Design Integration

Configuration concepts for all the vehicles were modified as the course of the study

progressed and new data was generated that affected the basic design. Cases in point are

the designs for the NEP and SEP vehicles that underwent extensive changes. These

changes occured while other operations evaluations were in progress, therefore for

consistency of evaluation, all operations and manifests have been done on vehicles existing

as of August 30, 1990. The refinement of mission requirements and vehicle parameters

in response to environmental conditions that affected the designs and systems is outlined in

Section 5.1.3. Design sketches for each vehicle are shown in References 6-11.

Subsystem initial placement was done under other tasks, but the final layout and

adjustments were performed under this task as an interplay between the overall design and

the computer aided modeling.
e

5.1.2 CAD Modeling

The cryogenic/aerobrake vehicle is equiped with a trans-Mars injection stage (TMIS)

consisting of 5 LI-I2 and 5 LO2 tanks, launched in a tank set of one hydrogen tank and one
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oxygen tank. Integration of individual

performed for the nominal configuration.

stagesand plumbing interferencechecks were

Separately,the integrationof MEV toMEV connection structurewithinthe aerobrake and

an evaluation of the aerobrakc wake envelope packaging were done. When the MEV

landinglegswere retractedand itwas placedinthe aerobrake,then substantialinterference

assessments and center of gravity(CG) analyses were conducted. This MEV work was

universal to allvehicle designs due to itsconsistentuse of the MEV in allmissions.

Packaging adjustments were made tomaintain the CG and wake enclosureconstraintsfor

both the MEV and the MTV to assurethe vehiclesectionswould be balanced and protected

over the durationof aerocntryand/or aerocapune.

The nuclear thermal rocket propulsion option had 5 hydrogen tanks that were integrated

with the main vehicle truss that had to be checked for maintaining the CG position during

the jettison of expendable tanks and alignment / interconnections of the tanks for different

mission modes. Subsystem integration and a nuclear shielding analyses were performed to

ensure the safety of the crew and maximum equipment survivability for the duration of the

mission(s). The position of the transit habitat and MEV (manned systems) on the vehicle

were driven by radiation shielding requirements from the reactor only (no GCR

considerations) for both a single and dual engine case, and CG constraints.

The work performed on the reuscablehigh I./DMEV (L/D > 1.0)entailedmodeling a new

aerobrake and sizingan upper shroud to conform with packaging protectionwithin the

wake envelope. All subsystem integrationoflanding mechanisms and interiorstructureon

the high L/D reuscableMEV was accomplished on both crew and cargo mission modes.

The integration of interior payloads about the appropriate CG was analyzed for the cargo

missions. Additionally the reaction control system (RCS) thrusters and propellant tanks

were integrated with the vehicle.

The nuclear electricpropulsion vehicle requiredvery extensive plumbing and electrical

systems integration. The primary reactor loop included plumbing between the radiators and

various pumps and had to be routed indix_idually. The decay heat removal loop required

plumbing from pumps to auxiliary radiators which also had to be individually routed.

Interference checks and redundancy analysis were performed on these systems. The main

cycle consisted of various pipes and pumps from the turbo-alternators to the main cycle

condensors and radiators whose plumbing systems and connections had to be determined
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and plotted. The alternator coolant loops were also analyzed for associated interference and

packaging requirements. Electrical cables from the alternators to the power conditioning

units of the thruster pod assembly were packaged inside the truss structure of the vehicle

and then layed out to be examined in three dimensions. Integration of the electrical systems

to the ion thrusters was performed. The transit habitat, airlocks and MEV were integrated

with the vehicle and the CG position assessments were made. Ray traces of the radiation

impingement beyond the shield were made to determine shadow areas to assess crew safety

and ascertain areas of probable maximum equipment survivability. This vehicle involved

the most complicated integration process of any of the candidate vehicles.

The piping and wiring systems for the artificial gravity NEP and zero -g NEP are identical.

However, the ion thrusters are positioned differently so electrical cabling was rerouted and

new interference checks were made. The habitat system and MEV were repositioned to

conform to the CG constraints involved in artificial gravity at several g-levels. Radiation

shield analysis was also performed on this vehicle to ensure safety of crew and maximum

equipment survivability.

The solar electric propulsion vehicle required integration of all electrical subsystems and the

adaptation of the ion thruster pod developed for the NEP vehicle. Cables were routed to

power conditioning units and interference checks were made. Solar panel positioning and

packaging analysis were performed on both the original concept and the one done in the

latter portion of the contract. Transit habitat and MEV positioning were driven by CG

requirements. These final positions were checked for working clearances and structure

connections by computer modeling.

5.1.3 Flowfield Analysis

In going beyond the initial mission analysis requirements definitions for baseline aerobrake

performance parameters, several areas of inquiry were pursued. These included the

forebody and aftbody flows for both low L/D (0.5) and high L/D (1.0+) aerobrakes. The

high L/D aerobrake was of particular interest for use as a reuseable MEV. The flow field

including surface heating and pressure distributions, associated with the high L/D shape

upon descent when the descent engines are fired were evaluated to see if the firing would

have adverse effects on the aerodynamics and control of the vehicle. This was investigated

using computational fluid dynamics (CFD) analysis. Three-dimensional flowfield

calculations were made about the aerobrake using the General Implicit Flow Solver (GIFS,
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Reference 31), which is a Navier-Stokes, three dimensional, reacting gas plume code.

The analysis was performed for the following set of conditions: an angle of attack of 45",

the shape of the high L/D aerobrake, Mars atmosphere, engine start altitude of 9 km

descent velocity of 600 m/see (Math 2.7) in the Martian atmosphere. A grid size of 55 x

31 x 41 was required to properly model the aerobrake flow field. The Math number

distribution around the aerobrake, (no back enclosure, engines off) is shown in Figure 5-1.
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With enginesonat full thrust(600psienginechamber pressure), the flow field, pressure,

temperature, Mach number and H20 distributions along the length of the vehicle is shown

in Figure 5-2. It can be seen that the the bow shock of the vehicle has been pushed far

from the body and a severe pressure gradient has developed at the nose of the vehicle.

With this thrust level, however, the pressure distribution does not prove to be an issue as

there is enough control authority from the engines to counteract the flow induced moment

placed on the vehicle.

M H20
(mole)

Pressure

Mach Number

Temperature

H20
Fraction

MARS AEROBRAKE FLOW FIELD WITH RETROROCKET, PO = 600 PSI

FIGURE 5-2
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An additional calculation was made to determine the flow about the vehicle at engine "start"

conditions, Figure 5-3. With the engine pressure at 60 psi, the control authority might.not

be enough to counter a severe induced moment. The surface pressure distribution along the

centerline of the vehicle is shown in Figure 5-4. As it iUustrates, for the "start" conditions,

the deviation is less severe than the full thrust condition, thereby resulting in a lower

induced moment change.

MARS ABROBRAKB

WITH RZTROROCKET

MACH ¢-7 ALPHA 45 °
2_. 35nn. i. _ !,_

237_. _335.5. ?_ 0._

2_. 3170. 5. 400 O.I

2125,_, 5,100 i._

_n. M, 4. _ |.Inn

1_, _, 3,H I,H

11.21M, $,_ 0,I

1_, _15, 3,1 D,_D

1_. 1850. I.I I._

11_, 1_, 2, _ 0,_

1_, 15_, 2,_ I,G

9_, 1_, 2,1_ O,_

_,11M, 1,I 0,1

6_. 10_, 1._ g._

_. I,-1._ I._

3_. K.I.I 1.1_

_. 5_n.I.I 0.100

1_. I,I,I I._

O. l.I.I I.I

r Y MH20

(Pa) (Ic) (mole)

Chamber Proe|ure n 60 pii
(o.414

PRESSURE

MACH NUMBER

TEMPERATURE

H20

FRACTION

MARS AEROBRAKE FLOW FIELD _ RETROROCKET, PO = 60 PSI

FIGURE 5-3

As is expected, there is a change in vehicle performance, particularly a reduction in the lift

and drag forces with engine thrust. For the high thrust case, the effects are significant with

the normal force, being reduced by 40%, with corresponding changes in lift and drag,

Figure 5-5. In turn, these changes impact the descent delta V requirements.
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with jets, 600 psi 468 kN 474 kN 1,073 kN 3,163 kN 4kN

HIGH L/D DESCENT - FORCES

FIGURE 5-5

An analysis was conducted for the low _ aerobrake to determine the extent and severity

of the wake closure about the vehicle upon aerocapture. This is an effort to determine the

protective cone which would contain the packaging envelope for crew modules,

infrastructure, engines and cargo. The study involved examining the base flow heating
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regime, which includes both convective and radiative heating for a C3 of 30 km2/sec 2

MTV aerocapture at Mars. The trajectory used for this analysis was shown in Figure 3-22,

where the maximum stagnation point heating was 83 W/era 2. Radiative heating rate

predictions in the brake are based on relationships derived and used for the Aerobrake

Flight Experiment (AFE). The radiative heating rate of 1.5 W/era 2 was estimated at the

peak heating condition that occurred at 114 seconds. This value is only 2.6% of the peak

radiative stagnation point value. For the convective heating rate calculation the assumed

wall temperature (Tw) was 1367 K. A + 10 % change in the Tw value resulted in only a

-2% change in heating rate, therefore the wall temperature does not have a large impact on

the computed heating rate. The convective heating rate of 1.7 W/cm 2 was estimated for the

same peak heating conditions. The total contribution of convective and radiative heating

rates amounts to 3.2 W/cm 2, which could be met by a thermal protective system (TPS)

material.

The wake closure zone was also determined for the point at which peak base heating

occured. Wake shear layer angle predictions were computed based on calculations made

for the expansion flow around the lip of the MTV aerobrake. Flowfield properties around

the lip were estimated using the BLIMPK program and a shock shape approximated using

AFE wind tunnel schlieren photos (Reference 32). The wake closure angle is effected by

flow conditions around the lip, which in turn is determined by body shape and angle of

attack, Figure 5-7. The wake closure is estimated at 38" per side, with a 31" shear edge

outer layer and an additional 7" for the viscous region, Figure 5-6. This closure angle is

considerably larger than the value of 22 °, which was previously estimated. The heating

and wake closure angle may be reduced by flying the brake at a decreased angle of attack

(flat on) at a lower value of I./D and a modified aerobrake shape.

5.2 Manifesting and Processing

The ftrst portion of this activity was devoted to establishing a single point baseline

operation and processing scenario. From this baseline, deviations and changes could be

established to accommodate the other advanced propulsion concepts in on orbit and ground

processing (see Section 6), ETO manifegting, and operations sequencing. The baseline

vehicle for use in this method was the nominal cryogenic/aerobrake. The activities

performed in this area are directly related to those performed in Task 5, Figure 1-1.
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For each of the vehicles an overall, top-level operations sequence was developed. An

example of the cryo/aerobrake operations sequence is shown in Figure 5-8. The ground

processing, launch and on orbit operations constituted several blocks on the overaU

operations sequence, however, these were considered to be critical junctures requiring an

indepth look. In this study, some options and variations concerning node point location,

assembly node support framework and services, deployment scenarios or ETO fleet mix

were evaluated; some options were identified for future work. The present emphasis on a

baseline with deviations helped isolate places where gaps in understanding exist. The

baseline systems for cryo/aerobrake manifesting and packaging are given in Figure 5-9 for

the HLLV.

The study also concentrated on integration compatibility analyses for the advanced

propulsion vehicles, nuclear thermal rocket (NTR), nuclear electric propulsion (NEP), and

solar electric propulsion (SEP). Integration compatibility tasks include manifesting and

packaging studies, launch sequencing, and interface definition. These analyses were based

on the corresponding work previously performed for the reference cryo/aerobrake vehicle;

i.e., the main assumptions and ground rules as well as any identical manifesting conditions

(I-ILLV, etc.) were taken directly from this previous work. These analyses were performed

for different launch vehicles and launch assumptions as well as for several assembly node

concepts and ground processing scenarios (see Section 6). During the course of this study,

it became quite obvious that the choice of the heavy lift launch vehicle (HLLV), assembly

method (robotic, EVA, etc.), assembly node, and vehicle configuration were all inter-

related and one cannot be optimized at the exclusion of the others. However, useful resuks

may be obtained by establishing reference assumptions:
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a. The baseline HLLV was chosen with a 10 meter diameter, 30 meter length shroud

and a payload mass capability of 140 metric tons. Similar analyses were conducted using

different launch vehicles (a mixed launch vehicle fleet of 84 and 120t capacity, and the

Shuttle C with Shuttle Z launch set) for comparison with this baseline, Figures 5-10 and

5-11.

b. The assembly method studies depended on extensive on-orbit robotics with manned

presence reserved for contingencies and crew module check-out only. These robotics

would be a combination of ground and space-based teleoperations along with built-in

autonomous capability.

c. Assembly node concepts were developed for a broad range of on-orbit

infrastructures. These concepts exist at varying levels of maturity but served as bases for

sequencing analyses.

d. The work performed, has been based on the NTR, NEP, and SEP as defined by

the vehicle concepts as of August 30, 1990. Establishing this benchmark aUowed effort

under these tasks to be consistent and thorough without being constantly
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changed to keep in stepwith the configuration.Consequently, thiswork lagsthe current

vehicle concepts subsequent to that date. Modifications can easily be added to the

documented concepts as an advancement or enhancement.

Once the above guidelineswere set,IntegrationCompatibilityAnalyses were performed for

the three advanced propulsion vehicles. A significantassetto the activitywas thatthe

major systems, which comprised the NEP, SEP, and NTR, were designed to fitwithin a

10 meter shroud in eithertheirintegrated or packaged configuration.This allowed

manifesting and packaging studies to proceed without initial major impacts to the vehicles.

An illustration is provided of the inter-relationship of design with assembly sequence. The

manifests lists for the NEP is given in Figure 5-12. The packaging for each NEP

assembly launch is shown in Figures 5-13 and 5-14 for both an HLLV and mixed fleet

Earth to orbit transfer vehicle sets. The payload mass per assembly launch for both the

HLLV and mixed fleet sets is shown in Figure 5-15. In spite of the design planning,

several areas were identified as potential problems and/or problem-solutions which warrant

future concentration.

An assumption was made that the aerobrake for each of the vehicles must be assembled in

orbit (the NEP, SEP, and NTR use propulsive captures at Mars and Earth, but use an

aerobrake for landing on the Martian surface). The current packaging scheme for an

aerobrake required two dedicated I-U.,LV flights in addition to that required for the MEV

itself. This impact may indeed be mitigated by the integrated acrobrake launch concept

(Figure 5-16). If the MEV can be partially integrated with its aerobrake at launch, the three

assembly flights currently required may become only one. As the aerobrake dedicated

HLLV flights currently use only a small percentage of the 140 t capability, some other

solution, like an integrated launch, would be more effective.

The aerobrake launch exemplifies the many assembly flights which are volume, and not

mass, limited. Many of those flights which are mass critical actually involve propellant

launches. A significant input to the propellant question (at least for the eryo and NTR

vehicles) comes from an on-orbit eryo depot trade study (Reference 33). Due to the

majority of volume restricted flights, the ideal launch vehicle may prove to have a large

shroud with only moderate lift capability or the vehicle assembly flights may possibly be

accomplished by some mixed launch fleet. A mixed fleet may also improve Earth-to-orbit

(ETO) launch rates, depending on the mission scenarios chosen. Details of how the

vehicles would use a mixed fleet are given in References 6 to 11.
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NEP Component Quantity Dimensions (meters} Total Mass (metric tons)

.MBV

Aeroahell 1 28 x 30 x 7 box 9.5 I

Descent System (incl 2 myers) 1 9.5 x 20 x 4 box * 32.83

Ascent System ! 9.5 x 9.5 x 5.5 box 24.83

Surface Payload Module ! 13 x 4.4 (dia) cylinder 25.00

Surface Payload Module Alrtock 1 2.9 x 3 (dis) cylinder 4.50

Subtotal = 96.67
.MTV

MTV Hab Module 1 10 x 8 (dia) cylinder 40.3t1

MCRV 1 3 x 4 (dia) cylinder 7.00

MTV-to-MEV Tunnel and Aiflock 1 6 x 3 (dia) cylinder 7.00

Main Truss 2 7 x 7 x 7 box (deployable) * 4.60

Power Conditioning ! 2 x ! x 1 box 1.80

Communications 2 2 x I x 2 box 0.60

Altitude Control 2 2 x 2 x 2 box 5.70

Avionics 1 2 x 2 x 2 box 2.50

Power Conditioning and Control 4 5 x 2 x 2 box 32.80

Pods 4 25 x 2 x 5.5box 54.80

_ i Tanks 5 4.I(_) sphere 185._

Subtotal = 342.10

NEP Compoeeet Quantity Dimensions (meters) Total Mass (metric tons)

• Power Gonemtion and Heat Transport
Reactor # 1

Reactor #2

Shield #I

Shield #'2

Primary Heat Transport System

Auxiliary Cooling Subsystems

Boiler

TurboAItemators

TurboPmnpe

Rotary Fluid Management Device

Piping and Auxiliaries

• Radiators

Main Cycle Radiatot_

Auxiliary Radiators

1

J

2

2

I ! x 2 (dia) cylinder "_ 7.4

! I x 2 (dia) cylinder / 7.4

I 0.8 x 2.25 (dia) cylinder _. ,, 5.4

0.8 x 2.25 (dia) cylinder / 7.2

!
9.5x 9(dia) cylinder* .J 71.5

Subtotal = 98.9

15 x 6 (dia) cylinder * 10.7

15 x 4 (dia) cylinder * 5.1

Subtotal = 15.8

_. NEP Total = 553.47

:, T'r_. iv,tn_ii |iUngh packagedimcnsio_k riotmission configuration
Total Power _ lindHeat Tmmport launchpackage dimensions. 15 x 9 (dia) cylinder

_P COMPONENT MANIFEST DATA

FIGURE 5-12
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Gr_--_ R -'--'_-°--_"__---_..._Uons

• Heavy Lift Launch Vehicle (HLL.V) with 140 metric ton capability and 10m x 30m shroud

• Sequencing based on External Tank-derived Assembly Platform concept

• Some TBD volume is available in nmecone of HLJ.V

• No specific FSE/OSE or CO constraints identified (heavier payload located at bottom of stack)

• NEP c_m/]guration (volume and mau) current as of 3rd Quarterly BrieFing

• MEV Aetml_l is assembled on orbit (in ten pieces) and requires two dedicated HLLV flights

Assembly Mtmion One

• MEV Aemst_Jl (5 out of 10 pieces)

Assembly Ml_on Two

• MEV Aemshell (5 out of 10 pieces)

Assembly Mission 11wee

• MEV Descent System (incl 2 rovers)

• MEV Ascent System

Amembly Mimlen Feur

• Man Sugf_ Payload Module

• Man Smfs¢_ Medule Aldock

• MTV4e-MBV Atrlocg and Tunnel

• MCRV

• Ma_ Tnns (1 of 2)

• MTV l-lab Module

,tjaembly Mission Five

• Attitude Control (2)

• Conmamic_em (2)

• Avionics (!)

• pawer CondltinninS (1)

• Power Dtsuribut/on and Commi (4)

• Main Cycle Radiators (1 of 2)

•Main Tress(2ridof2)

• PmpettantendTanks (2of 5)

Assembly Mimlen Six

• Thruster Pods (4)

Propellant md Tanks (3rd & 401 of 5)

Amembly Mlmion Seven

• Main Cycle gadiatoM (2rid of 2)

• Auxiliary Radiators (1 of 2)

• Pmpellmt md Tanks (Sth of 5)

Amembly Mr--ira Eight

• Auxiliary Radiators (2ndof 2)

• Reactor/Shield[rmbo Assembly

t

NEP MANIFESTING AND PACKAGING - 140 mt HLLV

FIGURE 5-13
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Ground Rules and Assumptions

•He,vy LiftLaunch Vehicle(HLLV) mixed fleetconsistsof:

•HI.J.V#l: 84 metrictoopayloadcapabilitywith10m x 30m shroud

•H).LV #2:120 metricton payloadcapabilitywith7.6m x 30m shroud

•Seque_g basedon ExternalTank-derivedAssembly Platformconcept

• Some TBD volume is available in nosecone of HLLV

• No specific FSE/OSE or CG constraints identified (heavier payload located at bottom of stack)

• NEP configuration (volume and mass) current as of 3rd Quarterly Brief'rag

• MEV Aemshell is assumed to be integrated at launch ("Ninja Turtle" concept) with other
payload packaged in shroud

Assembly Mission One (HLLV #I)

• MEV Aemshell (externally mounted)

• MEV Descent System (incl 2 raven)

• MEV Ascent System

.................... "3

l

I

I I

I
I i

I,
i,. ................. ,j

"Aambly Mission Two (HLLV #I)

• Man; Surface Payload Module

• Mars Surface Module Airlock

• MI";¢-to-MEV Airlock and Tunnel

• Mdn Tnum (I of 2)

• MTV Hal) Module

A,gemMy Mission Three (HLLV #I)

• Attitude Control (2)

• Communications (2)

• Avionics (I)

• Power Conditioning (i)

• Power Distribution and Control (I)

• Main Cycle Radiators (I of 2)

• Main Truss (2rid of 2)

• MCRV

•Propellantand Tanks (Iof 5)

Assembly MissionFour (HLLV #I)

•ThrusterPods(4)

•Power Dist& Control(3of4)

[]
.-_-----------_----_-_[]
................ ]

Assembly MIMes Five (HI,.LV #l)

• Main Cycle Radiators (2nd of 2)

• Auxiliary Radiators (I of 2)

• Propellant & Tanks (2rid, 3rd of 5)

ii OO

Assembly Mission Six (HLLV #1)

• Auxilia W Radiators (2nd of 2)

• Turboaltemator/generator Assembly

Assembly Mission Seven (HLLV #2)

• Reactors (2 of 2)

• Shields (2 of 2)

• Propellant & Tanks (4111,5111of 5)

'-"=

NEP MANIFESTING AND PACKAGING, MIXED HLLV FLEET

FIGURE 5-14
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Defining concepts for different on-orbit infrastructures to examine their effect on vehicle

manifesting and launch sequencing was also performed. Much of this effort was

expended in considering different assembly node concepts. In the preliminary work,

manifests and sequences were derived for several of these concepts to show their inter-

dependence.

There also appears to be a need for some intermediate on-orbit vehicle for transferring

cargo from the HLLV to the assembly site, transporting crew from SSF, etc. A cargo

transfer vehicle (CTV), capable of both pressurized and unpressurized wansfcr is seen as a

possible candidate. The CTV is basically a vehicle which would be sized to carry out the

tasks of HLLV unloading/maneuvering and vehicle fueling, within the conf'mes of low

Earth orbit. The CTV definition has involved developing a list of CTV functions and

providing some performance and operations information for each; this may provide some

320 D615- 1003-2



basis for preliminary mission def'mition and configuration development. The actual

capabilities of a CTV would impact how each vehicle may be packaged and, ultimately,

how it would be designed.

!]I k
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T
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i
i illJ __,_

1

AEROBRAKE LAUNCH OPTIONS, (TOP) SHUTTLE (BO'ITOM) SHWI'_E-C

FIGURE 5-16
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Another aspect of this work involves the interfaces between subsystems and systems of the

integrated vehicle as well as those between the vehicle and the launch vehicle, CTV,

assembly node, etc. (reference integration section above). These concerns directly

translate into the sequencing necessary for verifying these interfaces both on the ground

and in orbit. The ground processing is inter-related to manifests being defined here. One

example of this interface verification need produced the assumption that the MTV habitat

module should be kept on the ground as long as possible for checking the interfaces

between it and the entire vehicle with which it communicates throughout the mission.

However, it was discovered that this goal tends to complicate launch sequencing and to

decrease some of the efficiency of HLLV packaging. Alternatives such as verifying only

physical connections early with the actual module and then using simulators later for some

of the data interfaces may alleviate these problems and allow the habitat to be launched at

the optimum time. This affects the test plan and philosophy chosen for a particular vehicle.

Obviously, much of the current work has not been constrained to any particular vehicle or

on-orbit concept as the SEI Program is still fluid. Once a specific Mars vehicle, HLLV (or

fleet), schedule, on-orbit assembly infrastructure, and assembly methodology are chosen,

these types of analyses will mature. However, these continuing parametric studies

accompanied by the identification of issues and resolutions which they produce will prove

to define the preliminary concepts and capabilities which should be pursued.

5.3 Communications

Early in this study rudimentary link analyses on several types of systems were performed

to examine their suitability for Earth-Mars communications. For these analyses the "Optical

Communications Link Analysis Program, version 2.01" was used (Reference 34). The

frequencies examined were some of the NASA standard systems (S-band, X-band, Ka-

band and Ku-band) and newer optical systems (double ND:YAG laser and CO2 laser).

Several scenarios for completing an Earth-Mars communication link are shown in Figure

5-17. One or more of these scenarios with possible SSF and lunar base communication

1inks would form the bases of the communications network. The Mars end of such a

system with satellites placed at aerosyncronous orbits spaced 120" apart is illustrated in

Figure 5-18. By coordinating the satellite orbit period with Mars rotation, uninterrupted
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Surfar._- Phobos

LINK SCENARIOS

FIGURE 5-17

contact can be maintained for > 95% of the time. These types of networks will work well

for S, X, Ka and Ku frequencies, but if the millimeter, infrared or optical bandwidths arc

used, the existing dish antennas must be replaced with high elevation telescopes or

geosynchronous satellites. These systems must be able to support missions in which the

free space communication distance varies from -1.0 astronomic unit (A.U.) for an

opposition mission to -2.5 A.U. for a conjunction mission, with possible interference from

the Sun when it is positioned between the vehicle and Earth. The communications data rate

will change with an inverse proportionality with the link distance. The data rate

requirements set forth in Reference 35, shown in Figure 5-19, were reviewed for this

study. The high rate video listed is referred to as "real time" video. A minimum of 100

Mbps (megabits per second) data rate is needed for this type of video. For science

communication without data storage, about 300 Mbps is required. While no data rate

problems exist directly for the vehicle, indirectly the vehicle design may be affected by the

choice of the communications medium used to obtain the required data rates. If X-band

is used, a data compression ratio of 100:1 will be needed to obtain just the real time

video.
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• Two relay ntellltes positioned in aerosynchronous orbit
at 120° angular spacing to maintain communicallons
link with MEVIrover/base during occultation

• MTV left in elliptical orbit can also serve as a relay
Od_m

TYPICAL COMMUNICATIONS RELAY SATELLrrE CONFIGURATIONS

FIGURE 5-18

Type of Data

High Rate Video

Low Pate Video

Voice

Science

Dam Rate (Mbps) Comments

100 High rate video - single channel, color,

$12 x $12 plxels, 8 bite/plxel, 30 framedsec
Low rate video - single channel, mono,

1024 x 1024, 8 bits/pixel, 0.1 frames/sec

Single channel links with manned vehicles,

roves% or base sites

1.0

0.02

1.0

1.0

<3OO

Engineering

Telerobotics

Command

Dam Load

0.20

0.002

0.2

2O0

< 0.002

< 1.0

Low rate imagery - single channel, mono,

1024 x 10214, 8 bits/pixel, 0.1 frames/sec

iLow duty cycle spectral scanning or SAR

inmainz with data storage available

No data storage, spectral scanning or

SAR imainw

Per manned spacecraft

Per tanned s naz_'lln

Command channel per rover

Stereo video, color, 512 x 512 pixels,

8 bits/p_1_ 30 frames/see

Per spacecraft or science platform/site
Earth to manned vehicles or manned

outposts, access to Earth data bases

DATA RATE AI/.LW.ATIONS

FIGURE 5 - 19
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Science and telerobotics will likely need higher data compression ratios. As a comparison,

Ka - band will need at least a 10:1 compression ratio for video. A further comparison of

the various systems capabilities is given in Figure 5-20. To handle these data rates large

antennas will be needed by current technology, which will add to the mass of the vehicle,

Figure 5-21. Advanced communications schemes will require technical developments in

pointing and tracking methods. The sophisticated electronics that must be used in these

systems may become volume limited. Additional vehicle impacts that are expected for

several types of communications systems are indicated in Figure 5-22. Not all of the

possible size, mass, complexity and operations concerns have been identified for all

candidate communications systems nor appropriate applications for individual system fully

identified. A preliminary state-of-the-art assessment, matching frequency with application,

for several systems is given in Figure 5-23. Additional work in this communication area is

needed.
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Frequency

Optical, IR,
mm - wave

Application

• In transit MTV/MEV
communication

• Earth orbit - Mars orbit
communication

Advantages

• Large data rates

• Power savings
• Mass savings
• Volume savings

rnm - wave
Ka - band

Ka - band

• Mars orbit - surface
communication

• Mars surface - surface
communication

• MTV tracking using
moderate gain

Less likely to suffer
from amaospheric
scattering and
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FasL accurate
location of spacecraft
for rapid laser link -
up to minimize
pointing loss to
within 1/'2 of angular
beam width

State of the Art

• Optical technology rapidly
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• IR, mm - wave technology
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long - life systems. 1988
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near IR using mode-locking
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developed for this use
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should be adequate by 2000

• Ka - band tracking system
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technology.
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e SUPPORT REQUIREMENTS

Two areas of support requirements are anlayzed for the vehicle concepts, on-orbit assembly

operations and the facility requirements, with associated ground processing operations.

Details arc provided in the following sections.

6.1 On - Orbit Analysis

The details of the on - orbit assembly operations for the Mars mission vehicles (MMVs) are

provided in this section. Each MMV concept has unique characteristics which require

different assembly techniques and on-orbit equipment and facilities. This study began by

conceptualizing the facilities required for on-orbit assembly.

6.1.1 On - Orbit Facilities

On-orbit assembly facilities concepts were developed during this study to evaluate the

requirements for transportation, handling, storage, debris protection, and assembly

operations. Results from this study showed that assembly operations were dependent upon

the capability to manifest the MMV systems in a heavy lift launch vehicle (HLLV) and the

launch processing time required by the HLLV. An assumption in the study was that there

would be four HLLV launches per year. As a result, the average on-orbit assembly time is

two years for the different MMV concepts. This long duration time on-orbit defines debris

protection to be a primary requirement for the vehicle and assembly facility.

Data show that since the 1985 Space Station debris environment baseline, debris flux has

increased 4-5 times in magnitude. By the year 2016, interpolation of the present data

shows that the debris environment will be 20-25 times worse than the baseline environment

for Space Station. The current concept for debris protection of Space Station is a buffer

shield of aluminum 0.05 inches thick, with a 4.3 inch stand off from the outer pressure

shell of the Space Station module. This shielding concept was used for weight comparison

during the assembly facility analysis.
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The on-orbitassembly analysisbegan with the cryo/aerobrake MMV. A concept for an

assembly facilitywas developed using expended National Space TransportationSystems

(NSTS) externaltanks lETs), Figure 6-i. The approach was to structurallyattachtwo

rows of six ETs to form the debris shield and a basis for an assembly platform. The twelve

ETs require approximately 50,000 pounds of additional propellant, modification to existing

equipment and support structure. However, a debris shield constructed similar to Space

Station concept and providing the same coverage area would weigh approximately 150,000

pounds. Other major advantages of this concept are: utilization of presently disposed

equipment, greater debris protection provided by several buffer walls, and a facility which

features internal storage space. Several studies have already been conducted to evaluate

concepts for using the ETs as orbital nodes, satellite stations, and other facilities. A major

concern with this concept is the external insulation (SOFI) would require containment to

prevent deterioration and creation of new space debris.

Debris protection is a passive requirement of the assembly facility, that is, the shielding is

an integral part of debris sesnsitive areas of the facility structure. The active requirements

of the facility are defined as follows:

- Integration of mission vehicles including assembly and launch processing

- De-integration of mission vehicles for repair

- Re-integration of mission vehicles for resupply and refurbishment

To meet these requirements the facility must provide capabilities for storage fixtures,

assembly jigs, assembly robotics, power, guidance, attitude control, reboost and a

communication link to the ground. Special equipment required for assembly operations

will be discussed in the following sections.

The Mars mission vehicles are large in size, for instance the solar electric powered (SEP)

vehicle is two hundred meters by two hundred meters square. Several assembly facilities

concepts developed during this study vary in size to accommodate the various MMVs.

These concepts are illustrated below in Figure 6-1. Several advantages / features and

disadvantages of each on-orbit assembly t_acility are shown in Figure 6-2. These facility

concepts range from a very large dedicated facility (that is entirely seN-contained) to

concepts that utilized the vehicle structure itself as an assembly platform. The key point is

that none of these facilities satisfy all the vehicles' assembly requirements. A separate

assembly facility can also support other uses following assembly of the MMV, such as
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Scientific Orbital Experiments, communications relay station, or assembly / refurbishment

facility for other mission vehicles. The conclusion of this study shows that some type of

assembly facility is required for debris protection and assistance in assembly operations.

The specfic configuration and capability of this facility is dependent upon the particular

MMV chosen and itsindividualrexlui_mcnts.

ItT.it_mtJ

ml-li_mm

"Smm" RI.LV ._

_.4m_d Fl_ m_y

T_liOtm J

ON-ORB1T ASSEMBLY FACILITY CONCEPTS

FIGURE 6-1
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6.1.2 On. Orbit Operations

On - orbit operations for this study were limited to assembly of the MMV and did not

consider explicitly the construction or assembly of the on-orbit facility or fuel top-off

missions prior to launch processing. Assembly operations for each vehicle concept include

the launch processing of the I-ILLV, orbit stabilizing of the HLLV at the assembly facility,

transportation of payload from the HLLV to the assembly facility, assembly of the vehicle,

and test and verification of vehicle systems prior to launch processing.

An in depth on-orbit assembly operation analysis was developed for the cryo/acrobrake,

nuclear thermal reactor (NTR), nuclear electric power (NEP), and solar electric power

(SEP) MMV (References 8 - 10). Assumptions for this analysis were dcfmed as follows:

- Assembly completed primarily with ground controlled robots. Crew operations

were limited to contingency, critical inspections, repair of robotic systems,

internal system checkout, and critical assembly operations.

- Processing of the launch vehicle requires 90 days between missions.

- Robotic assembly equipment can perform alignment and mechanical fastening as

required.

-Task duration times were developed to ensure consistency throughout the

assembly analysis.

This analysis developed an initial top level flow of on-orbit operations. Manifesting of the

systems in a 10 meter diameter payload shroud on a heavy lift launch vehicle (I-ILLV) was

studied to determine the launch sequence as required by the on-orbit operations. For all

launch missions, the HLLV would achieve a stable orbit adjacent to the assembly facility.

A cargo transfer vehicle (CTV) stationed at Space Station would then transfer to the

assembly node orbit. The primary task for the CTV is to transfer vehicle components and

systems from the HLLV to the assembly facility. At the assembly facility, the CTV will

hand-off the payload to the platform robotic manipulating system (PRMS). The PRMS

performs the operations of storing the payload for future operations and/or unpacking

components for assembly and placing them on the assembly fixnn-e /jig. The platform

anchor system (PAS) was derived as an assembly jig capable of transferring systems from

one assembly site / location to another. The sequence described below is the initial on-orbit

assembly scenario for the cryo/aerobrake vehicle.
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A completeon-orbit assemblysequencewasdevelopedin detail in Reference7. The top

level sequenceandrationalefor decisionis provided. First assemblymissionoperations
wereto launchthemarstransfervehicle(MTV) habitatmoduleandsurface payload module

to the assembly facility. The habitat module would provide crew stationing,

communications, data and local control of the robotic assembly systems. Sufficient "burn -

in" and check out time for the habitat systems would be provided by having the module

present throughout the assembly sequence. The surface payload module would not have

the Mars science experiments on-board, until the fourth mission.

The next two assembly missions include operations for assembly of the Mars excursion

vehicle (MEV) aerobrake. The aerobrake was manifested in five sections for each mission.

The time duration for each mission is approximately 8 days, of 16 hours per day. Based

upon the 90 days between missions for vehicle processing the analysis indicates that each

aerobrake requires two launch missions and 180 days of on-orbit operations. This is a

major point developed by this study.

The MEV systems, descent lander, ascent systems, and surface and science payload are

brought up on the next mission and assembled to the completed aerobrake structure. Each

system has interfaces which require verification after the assembly operations. These

interfaces are verified robotically if feasible and internal interfaces / systems are verified by

system self - check or by on-orbit assembly crew.

The MTV aerobrake assembly operations are identical to the MEV aerobrake and are given

in the next two missions. The MTV systems, the trans earth injection system (TED, and

habitat module are then assembled to the aerobrake structure. During assembly of the

habkat module to the aerobrake, crew, if present, would be stationed from the MEV ascent

/ descent module. Internal systems of the MTV would be verified using the same

operations required for internal systems of the MEV.

A major assembly operation for this vehicle is the task of assembling the MEV to the MTV

system. This study developed a concept of assembly operations and supporting structure

for the final MMV configuration. The thermal protection system (TPS) of the aerobrakes is

facing the debris shielding of the assembly facility. Once assembled, the MEV and MTV

systems are rotated into mating configuration and secured. The f'mal stage of assembly

operations is to mate the trans mars injection system (TMIS) to the MMV. These

operations require the f'mal four assembly missions.
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TheTMIS consists of a core stack assembly, including the engines, and three propellant

tanks. The core stack is fin'st assembled to the MMV and then each propellant tank is

assembled during separate missions. Limitations of the HLLV used for this study require a

propellant top-off mission. Once the interfaces of the TMIS are verified the MMV is ready

for launch processing.

The above assembly scenario was used in developing an on-orbit assembly schedule to

determine the time required for assembly using a given mission launch from orbit date and

calculating the earliest start date. The duration times assigned to each task were chosen and

held consistently throughout this study. This study showed that the total on-orbit assembly

time is dependent on the 90-day launch processing required by the HLLV. Figure 6-3

shows the assembly time per mission for the cryo/aerobrake vehicle and the contingency

time remaining until the next assembly mission begins. Further analysis of the duration

times and assembly operations are required to validate the data below. However, even if

the assembly duration times are a magntiude greater than those selected for this study, the

total assembly time is limited by the 90-day HLLV launch intervals.

Similar analyses were performed for the NTR, NEP, and SEP vehicles. Results showed

that the assembly sequence is dependent on the particular assembly facility concept used for

a particular MMV. The on-orbit analyses were developed to the same level of detail as the

cryo/aerobrake analysis. The ground rules and assumptions used for the on-orbit assembly

analyses of the NTR, NEP, and SEP are as follows:

- Based on Mars vehicle (NEP, SEP, and NTR) configurations as of 8/15/90.

- Baseline Earth-to-Orbit (ETO) Vehicle (HLLV) has 10m x 30m shroud with

with 140 mt payload capability.

- HIJ_,V nosecone has some additional TBD volume for launch element

packaging.
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- Nominal 85% payload packaging and mass factors used for HLLV

manifesting

(propellant tanks may be accepted.

- HI2..V has a nominal 3 to 7 day station-keeping ability.

- HLLV unloaded piece by piece by cargo transfer vehicle (C'I_.

- Crew transported to assembly location from SSF via ACRV.

- CTV will be designed to support all identified manned/unmanned operations

(on-orbit refueling may be available via on-orbit depot, HLLV provisioning,

the Mars vehicle itself, or SSF).

- HLLV launched on 90 day centers = time constraint for on-orbit assembly

operations.

- All Mars vehicles are assumed to be launched February 2016.

- Any localized debris shielding is removed from Mars vehicle prior to

departure

from Earth (micrometeroid shielding is assumed to be needed for the mission

duration.

For the NEP and SEP vehicle, the ET based facility was used to build the MEV aerobrake

and to assemble the MTV system, MTV habitat, initial truss sections during the f'trst few

missions. Later missions used the facility for temporary storage and vehicle structures as

336 D615-10030-2



the assembly facilities from where robotics built the remaining sections of the vehicles.

Debris shielding is localized to needed areas of the vehicles.

For the NTR vehicle, the dedicated facility was used for assembly. Once the NTR truss is

placed at the center of the facility (as an added support to the facility) in the first mission,

the vehicle is then built from the MEV down to the engine.

This analysis developed the on-orbit assembly sequence for the MMV concepts. Duration

times were assigned to individual operations to quantify the sequence schedule. Results

from the on-orbit operation analysis showed that assembly time is dependent upon the

number of earth to orbit (ETO) launches. Comparison of the actual on-orbit assembly time

for each vehicle concept shows that assembly operations do not require 90 days per

mission as required for launch processing of the HLLV (Figure 6-4). During ground

processing analysis it was determined that the MTV habitat module has several interfaces to

other major subsystems. This implies that the MTV habitat module mission should occur

later in the time frame than as developed for this initial on-orbit study. The conclusion of

this study is that efficient manifesting is required to reduce the number of launches to orbit

and reduce the on-orbit assembly time. Ground processing and on-orbit operations must

be worked in conjtmction for assembly of a vehicle of this stature to be feasible.

Days per Mission

Vehicle #1 #2 #3 #4 #5 #6 #7 #8 #9 #10 #11 Total

NTK 7.0 8.5 19.6 18.5 5.25 5.25 9.5 10.5 16.5 101.(]

NEP 8.0 10.C 19.6 60.C 13.0 49.0 78.0 16.0 193.0

SEP 8.0 10.£ 19.6: 22.¢ 25.5 39.0 25.5 150.{3

Cryo/Aerobrake 12.C 12.C 12.C 12.C 12.0 12.0 12.0 12.0 12.C 12.C 8.0 128.0

ACTUAL ON-ORBIT ASSEMBLY TIME COMPARISON

FIGURE 6-4
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6.1.3 Special On - Orbit Equipment

The requirements for Special On-Orbit Support Equipment evolved from a study which

defined robotics equipment for assembly (Reference 36). As a ground rule, for that study

on-orbit assembly is to bc completed robotically with crew presence for contingency only.

The current study progressed further by defining specific robotic tasks required to complete

specific operations. Development of an advanced robotic systems, such as the Mobile

Servicing Center is crucial to the success of the on-orbit assembly operations.

Robotics for on-orbit assembly are a major component in the overall MMV system

assembly. Lessons learned from the assembly of Space Station and the assembly of the

node will directly apply to construction and assembly of the Mars mission vehicle. Other

equipment required for assembly include storage fixtures and smart assembly jigs. The

following is a list of on-orbit operations that the different robodc equipment arc required to

perform.

Platform remote manipulating system (PRMS)

I.

2.

3.

4.

5.

Receives assembly components from the CI_

Manuevers assembly component about the assembly facility

Transfers assembly components to other robotic systems

Performs coarse alignment operations during assembly

Monitors assembly operations

Remote

1.

2.

3.

4.

5.

6.

aerobrake manipulating system (RAMS)

Receives assembly component from PRMS

Manuevers assembly components about assembly area

Performs precision alignment operations during assembly

Performs precision assembly operations (mechanical fastening)

Monitors assembly operations

Capable of performing repair tasks during assembly and mission

phases

l.

Platform anchor system (PAS)

1. Receives assembly components from PRMS

2. Mechanically attaches assembly components to assembly node

sla-uctu_
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.

4.

Manuevers assemblies about assembly facility structure

Transfers electrical power from assembly facility to assembly

component

Assembly support fLxtm'es (ASF)

1. Receives assembly component from PRMS

2. Fixtures assembly components to assembly facility structure

This study briefly looked at the transportation and handling of component from the launch

vehicle to the assembly node. The conclusion was that a cargo transfer vehicle (CTV), a

derivative of the orbital maneuvering vehicle (OMV) is required to remove the payload from

the launch vehicle and hand-off to the assembly node robotics. The major modification to

the OMV is to increase the payload capacity to accommodate the mass and size of the

systems of the Mars mission vehicle.

For the advanced vehicles (NTR,NEP, and SEP) special on-orbit equipment comprise the

following.

- Robotic welding and certification equipment

- Alkali metal heating capability for NEP

- Remote truss manipulator system (RTMS) for NEP and SEP

- Performs assembly tasks away from RAMS and PRMS

- Robotic system carried with the vehicle during the mission

- Capable of both coarse and fine alignment operations

The facilities/equipment for ground and on-orbit operations are summarized in Figure

6-5.

Existing industrial robotic techniques can be applied to some of the minor assembly tasks,

such as mechanical fastening and placing of components. Development of hardware

capable of handling the masses of a Mars vehicle and on-orbit assembly will be required.

For the advanced vehicle concepts that require operations such as welding carbon - carbon

tubes, further definition of design and assembly operations are required to determine the

feasibility of robotic assembly.
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Facilities/Equipment

.¢tma 
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transferring facility
• Radiafion/lmatOous matmals

conlamima'on treatment facility
• Robotics to handle radioactive fuels

and hazardous chemicalshnaterials
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• Vehicle tress imacessing and
packaging facility

• On-orbit robotic welding and
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• On-orbit alkali metal heating
capabaity

• On-orbit robotic repatr/maintenance
¢.quir_ment
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FACK.ITIES AND EQUIPMENT FOR THE ADVANCED VEHICLE CONCEPTS

FIGURE 6-5

6.1.4 Node Location Study

During the course of this program, we participated in a trade study that evaluated possible

locations for on-orbit assembly and refurbishment operations. This study focused on "off-

station" nodes only and examined all aspects of the node location including the support

infrastructure. The primary requirements of an assembly node are to provide accessibility

and support services to mission vehicles. These support services include debris protection,

crew stationing and assembly support.

The four orbits chosen for the node location study were low earth orbit (LEO),

geosynchronous earth orbit (GEO), low lunar orbit (LLO), and Lagrangian point - 2 Orbit

(L2). For this study, two cases (the second ) were analyzed for GEO. The first was a

direct launch from orbit to Mars and the second was a powered earth gravity assist (PEGA)

type launch from orbit to Mars. A data summary for each orbit is shown in Figure 6-6.

This data summary was developed to evaluate each orbit with respect to the orbital
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mechanics and other characteristics relating to the MMV mission scenario. The lunar

transfer vehicle was used for transportation of vehicle components from the HLLV, once

stable orbit at LEO is obtained, to the upper altitudes.
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FIGURE 6-6

Upper altitude nodes require a significant increase in earth to orbit (ETO) and lunar transfer

vehicle (LTV) flights. A LEO node requires debris shielding, however the penalty is much

less than the increased flights for upper altitudes. Further def'mition of the mission

architecture is required prior to final selection of the assembly node location.

6.2 Ground Support

Facility requirements and ground processing operations have been developed for the

different vehicle concepts. Ground processing operations are dependent on on-orbit
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assembly sequence. The following sections discuss the facility requirements and ground

operations.

6.2.1 Ground Operations

This study developed basic ground rules and assumptions that apply to all Mars mission

vehicle concepts (Reference 7). The approach taken for this analysis was "Sequential

Interface Verification", that is the process of verifying the interfaces of the Mars mission

vehicle elements without complete assembly. This analysis assumed that tests performed

and certified by a contractor would not be repeated and that interfaces would be verified by

flight hardware or by match mate devices / prototypes when necessary. A general test

philosophy was developed for Mars vehicle assembly and processing.

Ground processing functional flows were developed to analyze the integration of interfaces

between systems and subsystems of each of the vehicles. An example of the primary

system interfaces considered during this analysis for interface and verification is shown in

Figure 6-7. After review of the on-orbit assembly sequence, ground processing

sequencing analysis was started, which determined that the initial on-orbit sequence needed

to be modified. For instance, the MTV habitat module, for the cryo/aerobrake vehicle,

needed to be launched as late in the sequence as possible due to the numerous interfaces

that it has with the other systems of the Vehicle. This places a reqtfirement on the assembly

node to provide crew stationing. The alternative is to begin the ground processing tasks

earlier and launch as planned for in the orginal on-orbit sequence. Larger storage volumes

would be required and systems, as weU as subsystems, would be stored for a greater

period of time. A typical ground processing schedule derived during this task is

illustrated in Figure 6-8.

This study def'med a system as a group of components and supporting structure that is

integrated by a contractor and delivered as a unit to the processing facility. Systems

interfaces are defined as those which transmit data, power, or fluids across the system's

boundaries and mechanically secure one system to another. Subsystems interfaces are

defined as those which are intb, nal to a system and are verified by the manufacturer prior to

system integration. These definitions _vere used in the development of the ground

operations analysis.
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FIGURE 6-7

Durations and time scales used in the ground processing analysis were developed as a

baseline for future analyses. The analyses determined the basic process flows and

established the sequential interface verification sequence. Further definition of the vehicle

concepts at the component level will atlow more detailed analysis of ground processing.

This study has established that on-orbit assembly sequence and ground processing

sequence are dependent upon another.
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GROUND PROCESSING SCHEDULE (TYPICAL)

FIGURE 6-8

6.2.2 Ground Facilities

A guideline used for this analysis stated that flight hardware or match mate type devices

would be used for test and verification of all interfaces during ground processing. For

structures, such as the aerobrake, requirements arc driven by the physical size, shape,

volume and method of transporting and handling during assembly. Assembly, ground

support equipment (GSE) and safety access area requirements were derived from standard

KSC operations and Space Station ground processing requirements.

Generic ground rules developed for the cryo/aerobrake ground processing analysis are

shown below.

- Processing facility ground rules:

-Utilize standard services: cranes, power,

rooms.

-Make unique hardware portable: special

stations.

communications, clean

test equipment, work
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-Provide large volume work space that can be readily adapted to

system block changes, multiple systems in flow.

- Provide for hazardous system processing.

- Minimize transportation and handling between facilities.

- Minimize stacking of subsystems: use components for interface test.

A study was completed to determine the required assembly volume for the cryo/aerobrake

ground processing, Figure 6-9. Storage volume is required throughout the ground

processing because each system is an integral part of the over all vehicle. From the data

illustrated in Figure 6-7, the interface diagrams show that each system is dependent on

other systems, therefore, large volume facilities are required to assemble, test, verify, and

store the flight hardware and airborne support equipment. Efficient utilization of ground

facilities is required to meet the delivery schedule for on-orbit assembly.
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V 800O0 ¸

6oooo
u 40000--
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e 2000_-(m^3)

[] Launch Processing [] Storage Volume
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Ground Processing Time (month)

[] Assembly Volume

CRYO/AEROBRAKE GROUND FACK,rHES VOLUME

FIGURE 6-9

The special ground facilities and equipment required to process components of the

NTR,NEP, and SEP vehicles prior to launch were provided in Figure 6-5. Detailed

facility and volume requirements are yet to be derived for these vehicles.
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6.3 Summary Comments

This study began the analysis of the on-orbit and ground operations for the Mars mission

vehicle concepts. The results showed that on-orbit assembly time is dependent on the

facility available and on the launch vehicle capabilities. Also, ground processing was

shown to be dependent on the vehicle design and the on-orbit assembly sequence.

Through further def'mition of the vehicles the operation analysis can determine specfic on-

orbit assembly times and facilities required, and the required ground processing facilities

and operations. This type of analysis can only be finalized after the vehicle design is

completed.
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• TECHNOLOGY

7.1 Introduction

Technology task efforts during the period of the study were concentrated on both the

identification and prioritization of the technology requirements relating to, and the

identification of high leverage technologies for the major identified Lunar and Mars

program areas. An important part of this identification and prioritization process was our

participation in many of the important technology working groups held at the various

NASA centers. Our involvement in these various working groups (e.g., NEP, NTP

workshops, SEI reviews, etc.) benefitted the technology task significantly, particularly in

the areas of technology need and projected availability. The other tasks derived benefits of

the technical design data, projected performance levels, proposed development schedules,

and required funding levels derived from these various working groups. The working

groups also presented the opportunity for us to communicate the current overall system

level needs of the SEI to those individuals working in the specific technology areas. These

efforts will continue throughout the preliminary SEI program phases, in order to target

technology areas needing development to meet future space needs, as well as track the

progress of past and current development efforts, to ensure that the results are and utilized

to the fullest extent possible in the SEI program.

The activities undertaken to meet these requirements were divided into five main subtask

areas. These areas include both completed and continuing technology assessment efforts,

requirements derivations for the reference vehicles, technology performance level support

for various other tasks, technology and advanced development schedule derivation for the

major technologies, and a prioritization process centering around a return on investment

(ROI) analysis based on life cycle cost models (LCCM) developed for each reference

scenario. The current task was tied closely to the programmatics task during the ROI

analysis work, as well as the scheduling, and overall cost/benefits analysis efforts. The

assessment results included readiness versus needs analyses for enabling/enhancing SEI

related technologies, assessment of performance level enhancements for evolutionary

missions, and a preliminary identified set of high leverage technologies relating to Lunar

and Mars missions. The ROI analysis, along with the scheduling and assessment activities,

aided in the identification of the high leverage technologies, and in the prioritization of these
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technologiesacrossthe various architectures. Three SEI program activity levels were

developed in the study which encompass seven transportation architecun'cs, comprised of

four hardware/technology concepts, and three operational modes. These three activity

levels were intended to cover a range of implementations (low, medium, and high).

Prioritization results derived from the transportation architectures can bc utilized to obtain a

relative technology cost to benefits comparison for the major technology areas. The

requirements and potential enhancements assessments were carried out during the

completion of all of the other engineering tasks, particularly in the area of trades and

sensitivities analysis. Technology development schedules were utilized as a necessary

criteria for the technology prioritization process, in that the time-frame for the availability of

a technology for a given mission architecture can drive the life-cycle costs, and program

planning significantly.

7.2 Assessment Activities

The technology assessment consisted of three separate efforts. The 90-Day Study kicked

off the technology task work with a brief two-day assessment in support of a MSFC

Technology Requirements and Advanced Development activity for Lunar/Mars outpost

initiative. Our assessment was supplemented during the 90-Day Study by SRS

Technologies, in support of NASA MSFC. The results of this assessment were published

by NASA (Reference 37). During the 90-Day Study, assessments were also carried out to

identify those technologies considered "critical", and those considered "significantly

enhancing" to our reference concepts (cryo/aerobraked, cryogenic all-propulsive, NEP,

NTR, and SEP). An example of the assessment results are shown in Figure 7-1. This

effort was a preliminary, top level assessment, utilized mainly to pinpoint the major areas

of concern for our later state-of-the-art technology assessmenL

The second assessment activity was an in-house survey carried out to obtain technology

readiness vs. needs information on all of the identified Mars technology areas. The

assessment included the SOTA assessment, technology needs levels and dates, and

preliminary pre_cted technology availability levels. Examples of the assessment forms arc

presented in Figures 7-2a and 7-2b, ha the areas of cryogenic storage and fluid

management. Similar forms were produced for each of the technology functional categories

shown in Figure 7-3. The forms contained our assessments of technology need levels and

dates, as well as related technology issues, including both qualitative and quantitative

performance level requirements. The assessment results, as a whole, present our overview
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of technologyneeds and projected readiness levels. This information, along with other

assessments completed in support of the NASA SEI efforts, can become the basis for a

technology "database." This database would be used in conjunction with a systems

requirements database, to aid in connecting NASA related technology development efforts

more closely to future program needs, in order to avoid data loss, duplication, or

technology need disconnects. A portion of this assessment was the assembly of a matrix of

technology issues vs. mission architectures, completed for each technology area. A matrix

was assembled to provide a means of representing the applicability of the relevant

technology issues to the seven identified Lunar/Mars architecture options, which axe

outlined in the Executive Summary (see Section 1.0). Each column represents a major

technology concern for the particular technology area, and the rows include information on

their applicability to the Lunar program (L), Mars program (M), both Lunar and Mars

(L/M), or Lunar or Mars evolution (LE or ME). An example of the portion of the matrix for

radiation exposure technology issues is shown in Figure 7-4.

• Large scale solid core reactor

* Fuel rod material

- Fabrication, maximum operating temperature, and materials (graphite
matrix, composite, or carbide)

- Fuel coating effectiveness, compatability, and process development
- Thermal stress and corrosion resistance

• High temperature heat exchanger materials development

• Lightweight shielding configuration

• Low chamber pressure engine development (higher Isp-1050s vs. 925s)

• Testing

- Ground test containment facility design and construction
- Full scale in-space tests

• Safety Issues

- Suberiticality issues under full core immersion and compaction
- Intact reentry issues
- Shutdown capability & contrdl

PRELIMINARY HIGH LEVEL TECHNOLOGY ISSUES FOR NTR

FIGURE 7-1

D615-10030-2 349



BOEIN(3

[
PtmeB phue C/D

1. Mars Reference _ "
2. Lunar Reference _
3. Evolutionary Architectures ____L---.2--------

SYSTEM REQUIREMENTS DRIVER(s):

,,o__=,,,,,,==<_. ===.>.=,,,,=.,._--,-

_and Urgency Assessment:

Space Tran_er

Propeldoa: PropcUantHmdliug &

Future Studies Office

DATE: 3/12_
I

System:

i _m, lel i Rdmm

50q_ re_ _q_em in h_tt leak

Simmificmt _ ill 02 _---;'-"_ boil0ff

7_ Im_mth < 2qk I _.nnth

100_ fiqukl _

> 20 W catm:itv@ 20K ]qoqqeeded

NA>1%

• " f

60-70% r*dneJrttm in heat l_Ik

r

<;O.lqh Imnmh

_oo_uq_ .

>,u)w c,v_ @ 2og

7,- _o_

......-.-..--.=-.m-

AI-U Corn 'retankmaln'ial <I0_ oven" thalm,_l_ ffactia_

-"'" .......o,.=.3.,,.<,=,,,.<>..,,.+
systl_ type and pdot, ifized by relative m=portan_ _ee_ _u_. l_',.qp--

EXAMPLE INFORMATION SHEET FOR INTERNAL ASSESSMENT ACTIVITY

FIGURE 7-2

350 D615-10030-2



• BOEING

P_act_a-_cak_n. _; mam_ ASta-a_

Cryogenic Fluid Management

MISSION N_d Level/Wte
l'mmB ffaue C/D

1. Mars Reference _ 7
2. Lunar Reference 5 i
3. Evolutionary Architectures _ 7

Accemmodatioa

Lev_Dste

6/95

SYSTEM REQUIREMENTS DRIVER(s):

zequne ummer m low - g. Prepdimt bMoff dunn$ iong vdficle u_mbly time in LEO.

System Description and Urgency Assessment:

• Sy_. i d equi_emt and inoedu_m foTlow - S fhad smnsSaaaa. Low- S fluid mmst'a needed

coauw, t.mmcumozlmr, s maassmanmtoftanx mtqmy followingmetmuid smpacu (Ascaltsystems:F]xnd
trffi_f_forfi11/ng/to1__ offd c_yutanksM_ dreamt.)

opeaums, u we_ u me _a_|tmn Man a_mms, wherehighze2iabilityiscs_c,l.

Future Studies Office

ISheet Numlm.: 1 of 1 I [ SYSTEM PERFORMANCE NEEDS I DATE" 3]26/90

Integration Area:

Functional Area:

Spem Transfer Cryot.eal¢ Fluid
_m: _r.wa_t _ _, System: Manq_nent

$_tam pc_f_memu_,mvm_mam Pot'_mm_e/.m_l

lgdeMmm Lmuu" Rdm'em_ gvdu_mm-y

Fluid Tnu_er

- tr_f_

Fluid Ktzins

Toe-off bedme Eaxth din. Too-.c_ More Easth dee. _ vast_

IX- Z Aamisifioa for strut (100q[, fluid o_ 2 phue mm,m cap.) ¼- z Ac_ for stm_

>90_ tank fill pskn"to Ess_ 0ep. >95% low-a or An.-e umk _

Prmmm_ Temp, & (_kumdty (<1-2'I, _}

Autammmu_ rdiable_ umk ullale p:wmm c_m'ol (no - "hot-specs"}

Advmced sys_ms fe_ _m.¢e_yogeede fltfid mum_, sccm.ste pging, md reliable in.fl_ht opmmim_

.N_d.. f_ a pmlimn m addifim m Air _ NatiemlA_m_tm Phme (NA_p), m sddm_ uaique _ _ _

COLD -_t,T _ allmmuiv_ is czilim/t_:bemlegy d_lapumat tm_. May amd additimml _ _ _ly _g
flight '-- ptm*).

EXAMPLE INFORMATION SHEET FOR INTERNAL

ASSESSMENT ACTIVITY (CONTINUED)

FIGURE 7-2

D615-10030-2 351



• Elcc_c
- SEP
-NEP

• Nuclear
-NTR
-GCR

• Non - Rocket Surfacc to Orbit Sysmn

• Lunar
• Mars

Co...;_.._.'._-"-_-_-_--

• Deep Space Communic_om
- High data rate commtmicabons or high pc_foc_mcc

¢,m,lm_moa

•Spacc Tnmsfer Power Systems

•Tcthcr systcm
• Dc-s_ Systems

Aerobr-k;n_
• F_.nvinmmmmDefirdnon

Mzrs A_ Prediction
- F__rthAexoheming Praliction
- Mars aunosphc_ uncata_y c.ffcctson GN&C

-GN&C
- Smsing & conuol mchitccnn_

• - Real time tr_cctory _nmzion
. Fmlt _ _so_on / conuol _mfi_s_m

- Unanudr_y (risk) mdym
• Suucumd Design

- Pasture TPS
- Advanced suucmns
- Snua_ slaUCUne
- MTVdmign
-MEV design
- LTV design

.TT&C

• Low mass, high pressu_ EVA suit/PISS for
transit and surfsce use
. _ interface
- saviceability
- mol_lity unit

• Aidock

•StufaceConmm/_on Cormml
•Automation& RoboticsSystems
-Voiccactivmedcommand & control

•_ Mechm_.s
- Low _ mamuvexing (codc validation)
- High duust numeuvering (codc validation)

TECHNOLOGY FUNCHONAL CATEGORIES FOR THE IN-HOUSE

ASSESSMENT ACTIVITIES

FIGURE 7-3

352 D615-10030-2



Technology Issues vs. Mission Architecture Ma_---_ Technoiog 7 Area: _ Date:
] T__-: _--'=_.yr=..__

I. Cryogenlc/Aerobraklnll

2. NEP

3. SEP

:4. NTR (Nuclear Rocket)

5. L2. Based Cryogenic/
Aerobraklng

6. Direct C_nlc/

Aerobraklng

7. Cycler Orbit

_, _ ...,,._
ul

M/L _ _ _ _ L

[Technology Issues vs. Mission Architecture Matrix [
Technology Area: ilmdk_ _

I v i_n_

_f_ml w

M/L

MIlL

L

M/L

Date:

1. CryogenicYAerobrakln8

2. NEP

3. $EP

4. NTR (Nuclear Rocket)

5. L2 - Bated Cr_genleY

Aerobraklng

6. Direct Cryol_nirY
Aerobraklng

7. Cycler Orbit

ml_smmmamm =_Wq_

M/L M/L M/L

M/L M/L M/L

M/L M/L M/L

M/L _ M/L

M/L M/L M/L

M/L M/L M/L

M/L M/L M/L

lumml_m mr Dm_mlil m/' It_amlm Is,_
roll_--- n 0tl _ nmmmbdins m_

M M/L M/L M

M M/L M/L M

M M/L M/L M

M M/L M/L M

M M/L M/L M

M M/L MIL M

M M_ _ M

Csds

M/L

M/L

M/L

M/L

M/L

M/L

M/L

TECHNOLOGY ASSESSMENT MATRIX EXAMPLE

FIGURE 7-4

The final technology assessment activity was a preliminary assessment of the major

technology thrust areas as identified in NASA POP '91 support activity (Reference 38).

This assessment centered around the areas of aerobraking, cryogenic propulsion, cryogenic

fluid systems, and vehicle avionics and software. This assessment consisted of a SOTA

assessment and a benefits vs. cost assessfi_ent, consisting of both qualitative analysis and

quantitative material (which mainly consisted of the ROI data.) Additonally an expanded set

of technology development categories was produced in support of this activity. The major

categories were drawn from the original NASA technolbgy "thrust" areas, and expanded

where necessary, based on inputs from various NASA representatives, and STV and
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STCAEM contractor representatives. The final breakdown of the technology functional

camgories is shown in Figure 7-5. The POP support work completed as a portion of this

initial contract, was the identification of the "top 10" technology areas of concern relating to

the Lunar/Mars program, along with backup assessment and justification information for

each area. More detailed assessments are yet to be conducted. The ten areas identified

during this assessment arc as follows:

a.

b°

c.

do

eQ

f_.

g°

ho

io

jo

Cryogenic systems (cryogenic fluid storage, management, and health mgt.) - these

technologies are significantly enhancing to enabling for all vehicle, options.

Cryogenic propulsion - also enabling for all options.

Advanced ECLSS - enabling for all long term missions and flight operations.

High and low energy aerobraking - significantly enhancing to enabling.

Crew modules and crew systems (including radiation protection) - significantly

enhancing to enabling for long term missions.

Nuclear thermal propulsion - significantly enhancing for all Mars missions.

Vehicle avionics and software (including vehicle power) - high reliability system

enabling; common avionics "suite" enhancing.

Vehicle assembly and processing(ground and in-space)-significantlyenhancing to

enablingforlargevehicle;includesM/D protectionissues.

Electricpropulsion(solarand nuclear)-more capable,flexibleforevolutionaryuse.

Advanced Su'uctm'csand Materials-enhancing acrossmost mission elements.
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7.3 Technology Requirements

The issue of technology performance level requirements relating to the Mars reference

vehicles is an important area of concern. This task was accomplished during the technology

assessment exercises described in the previous section, and by the derivation of a

preliminary set of technology performance level requirements for each reference vehicle.

These requirements are included in the technology sections of each of the Implementation

Plan & Element Description Documents (Reference 7-11). An example set of these

technology requirements is shown for the reference cryo/aerobraked (CAB) vehicle in

Figure 7-6. These technology requirements were derived, in part, to highlight the main

areas of technology development concern for the CAB vehicle, and also to illustrate that

technology levels required to perform the reference, or "zero-base" mission, are far beyond

the current state-of-the-art in many areas.The requirements were broken down by stage,

and then further broken down into the technology functional categories such as propulsion,

cryogenic storage/fluid management, avionics, etc. A closely related task was a brief

assessment to identify the required level of technology development associated with each

vehicle element. These are shown in Figure 7-7. This identification of critical/enhancing

technologies is meant to serve as a base for continuing efforts to prioritize NASA

sponsored technology development efforts. These technologies were selected based on

qualitative and technical analysis only, therefore a final assessment cannot be made in this

area without including scheduling and cost concerns.

7.4 Task Interrelationships

Technology performance level analysis provided a base for the vehicle systems concept

developments. The trades and sensitivities task required technology performance

estimates, both current and projected, in order to provide rationale to perform system and

subsystem level trades. Performance impacts to the system had to be assessed in order to

arrive at adequate criteria for the various trades. These system impacts, or technology

leverages, are very important in determining sensitivities of certain systems to performance

level or mission requirements changes. The results of the trades and sensitivities analysis

were then fed back into the technology task, along with programmatics inputs, to form the

basis for the technology leverage assessment and prioritization (see Section 7.6) A

comparison of the major Mars propulsion options was presented, along with a trade

network analysis for Mars basing (Section 2). These trade networks were used to

D615-10030-2 357



I. TMIS

1. The=real pmte_on system - MLI over foam. (1" foam; - 1" MLI)
2. Tanks latmched
3. Thermodynamic vent umpled to a single vapor cooled shield.
4. Topoff before Earthdepmm_
5.-6 months in LEO befme tree.
6. Negligible boiloff loss after topoff.

B.l_ml=iim
1. lsp=475s
2. Thrust= 200 kllNengine
3. Advanced space engine.
4. Nozzleruesratio- 400
5. No _ _l_mm_
6. Gimbattaste (_) = 1o_
7. Up to 3 ben_ fordep.rn_e re.mere= (2 m_U_).
8. Engine out capabifity (_eed _opelhm th_es).
9. No _ed engine cycle,

10. ln-_e changeeet _ht" y.
11. Off vehicle preflight checks.
12. No xeuaction Iextension xequixed.

C. smztu_
1. Maledal - metal malxix composites, advanced alloys, and orgmic mal_t composites.

2. Meteor/debris protection provided for tanks and plumbing.

D. A_om_
Piggybacked on MTV.

EPow_
I.Level:< IkW
2.System:Auxiliarypowertraitsonenginepod;piggybackedonMTV forback-up.

l=.A_blv
I.Offtuitionmmembly.
2.Degn_ ofmembly: Sepmse tmk,m /Inelmt_)nmodulesconnectedinLEO to
fom _ mm.

II.M'rv
A. _c storan svstcm

1. The=realprotectionsystem- MLI; 100layers onl-h & 02 tanks(2").
7. Tanks latmched wet -nou'ansferotherthantopoff before Eaxthdeparture.
3. Thennodymunic vent coupled to a series of vaporcooled shields on the It2 tank. m_d

one on the O2 tanlc
4.TopoffinLEO befo_ Earth(_
5. -9 mo._ in LEO beforeEarth&-pan_
6. _iloff lossof< 10%I_fare Man dc.pm'm_.

l. lsp = 475 s.
2. Thrust= 30 mb/eagine.
3. Nozzlearearatio,, 400.
4. No tlnottling _quin:menm.
5. Gimbal englc (nominal) = 10°
6. M/D shield forpluml_g & umks.
7.3 hens@ 4.6 monthintezvah-minimaldegradafice.
8. 2 _ c,_u_ty.
9. m_ine out capabi_y(ao,feed _ lines).

10. F.xpmder cycle.
11. In-space change out capability.
12. Off vchicle lnc(lisht checks.
13.No v_n_ion/extemionrequired.

C. Strucu_e t-
1. Vehicle

a.Metal matrixcomposites / advanced alloys / orgKdc matrixvomposites.
b. MicTometeoroidprotection for habitat_ (shell and insulation).

EXAMPLE SET OF TECHNOLOGY LEVEL REQUIREMENTS FOR

CAB REFERENCE VEHICLE

FIGURE 7-6
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2.Aerobrake
a.IdD = 0.5
Is.Crolmmge:NA
c..Vhp = 7.07km/s.2
d.Max-g loading= 6.
e.Max.tempenm_ = 4000"E

L Strmmrema_iaJ: C.m'IxmMagnesiumribs(_: 200ksi)boaded
Iodumjm.-boneyeamb shell.

g.TPS material:AdvanoedreradL_vetiles.
h.Relive windingle(reference)= 20a.

I.PlmemT vicinity-
a.Relativevelocityeero¢= I00m/s.
b.Re./a_eposifioo_ = 25 t-m

2.Sysmm-
L Relive velocityen_ = I00m/s.
b.Relativemilleen'or= 0.5°.

E._wer
I.Level- 15kW.

2. System: Solar arrays with bsm_, sum_ (NiCad).
3. Back up system: NA

F. A._blv
1. Off slation assembly.
2. Assembly leve_ (complexity): TBD

G. Habi_
1. E(2,SS: Space Station Freedom derived sysm_ with similar degree of closta,e;

potable H20 from cabin¢ondenuue;COareducfion/_gmeration;
Hygiene I_0 from urine processing. CELSS to be evaluated.

2. Slrucm_

a. 2219 - T8 ahwninnm picture vessel.
b. Pmssta,i2_ to 20 psig on latm_ for smama-al inmgrity.
c.Insulation& M/D shield_ topressureshell.
d.No penetratieminenddames.
e. Radiation storm shelu= provktod, and co_gured to utilize equlpmem &

supplies as partial shielding.
L External space radiator integral with M/D shield.

3. Cabin repr_mrizmom: 2+ (outbotmdemergencycould use propellant for
repro,,.)

4. Spares:15% of ,,_ve equipment- _ level.
5. Red,trine'y: Two complete and separam systems for life critical systems +

spares. C,empeeent dmnleoet capability.
6. Resi_ time = 535 days.
7. Science: Tramit science as allowed by individual mission.
8. EVA capability: EVA suits provided for ill _ EVA waste fluid recovery

for ECLSS.

I-I.F_if._y

1. ApoUo size& style.
2. Open ECLSS (LiOH, no H=O recovery).
3. Residence time: 2 - 3 days.
4.Propulsiom RCS only.

m. MEV
A. Cryogmi¢ storagesystem

1. Thenml _ sy_m: 100 layers of MLI for H2 and O2 tanks (2").
2. Tanks: double wall tanks wilh vacuum ammlus;

low _ concktctivity mpp_ system for_ tank.
3. Tha_xlym_¢ vent: Simple design fo¢ gravity field.
4.TrekslatmcheddryandfilledIm'io_todescent,from,MTV rank,,or

refrigerated. (no bofloff _ to descent)
5. Stay time from 30 - 600 days on Man mrfac,e,
6. Boiloff level _"< 20% for surfa_ stay.

EX,A_MPLE SET OF TECHNOLOGY LEVEL REQUIREMENTS FOR CAB

REFERENCE VEHICLE (CONTINUED)

FIGURE 7-6

D615-10030-2 359



1. lip = 460 me.
2. Tlzrmz= '30k.lbI eagine.
3. Negzte m'ea_ ffi200.
4. _eabi]izy = 15:1.
5. Oimbal ingle (nomimfl) = 10_.
6. No _ capability necessary for nominal
'7.Sp,ce zmrzse dine bezwembta'nz: NA.
8.Engi_ ou_¢_bility (aro.fcedp_m tines).

10. ln-spsce ¢hmgeout capability.
11. Oilre.hidep_eflightcheckL
12.Rea'z_oa /exzm_on cz,u_itity.

c sa,umz_
I. Vehi¢_

i. me_l mJrix _iu_ / _ alloys I ccgmic roan'ix compodle.t
b. Mi_oco/d pro_ for tmkl md plmnbing.

2. Aetolxalm
a. L/D = 0.5 to 1.0

b. Cmurm_ 1000 k_
c. V_ ffi7.07 kn_sec
d. Mazimmn g loading:. 6.
e"Maximmn tmzP:TBD (e_dmau_ :3.100°"-F)"- ...... bonded
f. Strucu_ material: Carbon Magnesmm nm (o_= ZuuKzz)

to ziumitn honeycombshell.
g. TPS mam'ial: Advmced m.adiazivetrim.
h. Relative wind angle(reference) ffi 20_.

1.Errce wiflmut beamm ffi1 kin-
2. Touchdown ¢=Tor= 1 m/s.
3. Obsmde avoidance capability.

I. LeveJ: - 2.5 kW.
2. Sycem: fuel _ (regmmkble).
3. Back-up _s_m: ab_t to orbiL

P. bam_ I1. O_ zzzfi(mauemb y.
2. Assembly level (complexity): TBD

1. ECL,._: _ sysr_n_ aosredporJbk H20; LiOH CO'aglsorptioa.
2. Stmcmre

a. Aluminum (2219. TS) prmmre veueL
b. Ov_ on latmch for struc_ integriw.
c. lnsu_on md mi_ _ e'nemal t° prostate vessel
d._ _ iamddom_.
e. No ruliafion slBl_ irovi '4''4 in MEV.

3.t_xumriza_ 2.
4. Spares: t5% ofzcz_eeqSzilpm_ram; comC)om_ level
5._: EVA miuu baclmp m _ rqmzzm_om; no system
levelEO.,SStedumlmcymquizeddueto low com_kxit7 open _/mm.

6._ zime:_3 d_ys(_ p/mm_ rapportmrf_ _-aY).
7.S(_em_s:noBe.
8. EVA c_W:. provided for all crew;,um_fenvd f_om MTV.

EXAMPLE SET OF TECHNOLOGY LEVEL REQUIREMENTS FOR CAB

REFERENCE VEHICLE (CONCLUDED)

FIGURE 7-6
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illustrate interrelationship of program goals and requirements, to mission design and

vehicle type. The task required assessment of the capability, flexibility, reusability, and

other issues relating to the various mission mode and vehicle options.

7.5 Technology Development Schedules

In order to completely assess the technology options for a given application, reasonable

development schedules for these options must be derived and weighed against the needs

schedules for the program. Any disconnects in need vs. availability can be identified at that

point, and suggestions can be given on how these disconnects can be dealt with.

Development schedules are a primary element in the prioritization process, along with

costs, performance, safety, and reliability.

Preliminary development schedules were derived in the areas of aerobraking, cryogenic

propulsion and fluid management, autonomous systems, in-space assembly and

processing, high rate communications, life support systems, SEP, NEP, and NTP. These

schedules were used in the buildup of the overall program architecture schedules, and in the

return-on-investment analysis. Technology development costs depend on the required

funding profiles for the development timeframe, as well as the scope of each of the

identified elements of the program. The schedules, shown Figure 7-8 were derived based

on planned NASA development, along with in-house estimates of additional required

development elements. These include additional validation tests (ground and space)

required to increase system reliabilities to an adequate level for long term Mars system

utilization, major facility design and development, and additional component level

development detail, where available. None of the schedules are attached to a particular start

date, so they can be integrated in other architectures to derive the various required

technology development start dates, and any needs/availability disconnects could be

identified. All of the schedules assume relatively level funding during the technology and

advanced development timeframe, so funding discontinuities could push the program

significantly to the right. All of the development schedules include points where a full scale

development (FSD) decision can be made. This point is defined as where the technology is

at an adequate maturity level to move from the preliminary design and analysis phase, into

the hardware development phase of the development program (phase C/D). The FSD

phases of a development program may include the construction/refurbishment of
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necessary major test facilities, flight hardware development (first unit/backup), and

subsystem/system level life tests. The FSD decision can be pushed back in a program,

however (e.g. autonomous systems), if the development risk is adequately low for a given

technology. A low development risk could mean that a technology is either well in hand, or

that the development is not as closely tied to NASA funding level throughout the

development program (e.g., data management systems or robotics).

A preliminary set of identified test facilities is presented in Figure 7-9. The development of

test facilities is included in the technology schedules where an adequate facility does not

currently exist. The major facilities noted in this study are containment facilities necessary

for the nuclear propulsion (NTP and NEP) systems and life tests. Existing facilities are

assumed to be available, with modifications and refurbishment, where needed. The

availability of these test facilities may be limited, however, depending on the level of need

of other future NASA and DoD programs. A major area of concern for existing test facility

utilization is that the physical size of the available test facilities may not be adequate for SEI

technology program needs.

Facility

1. Thermal Vacuum Chamber

2. Hypersonic Wind Tunnel
3. Engine Test Vacuum Chamber
,l. Large Air Bearing Facility
5. Materials Laboratory
6. Sensor Test Lab

7. Engine Component Test Facility
8. Nuclear Test Facility - NTR
9. Nuclear Test Facility - NEP
10. Solar Cell Test/blanufactming

Facility
11. Assembly & Operations Facility
12. Mock-up/Training Facility
13. Acoustic/Vibration Test Facility
14. Solar Observatory
15. Computer Sire. Facility/A&R

Applications

Cryogenic storage, H2-O2 RCS, radiation shielding, aerobrake,
cryo fluid transfer, ion thrusters.

Aerobrake, ETO vehicles.
Cryoge_c space engines, ion thrusters.
AR&D, on-orbit assembly, avionics.
Vehicle structures, radiation shielding, aerosheL1
Avionics, AR&D.
Cryogenicspace engines.
NEP power system.
NTR propulsion system tests/contaixmaent.
Vehicle & surface power systems, SEP power system.

Aeroshell, vehicle structure..

All manned vehicle systems.
All vehicle components.
Radiation shielding.

Avionics, AR&D, ECLSS, on-orbit asse_ably, flight operations.

PRELIMINARY TECHNOLOGY DEVELOPMENT TEST FACK2I'Y REQUIREMENTS

FIGURE 7-9
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7.6 Return on Investment Assessment

An important criteria in the technology costs vs. benefits assessment is the return-on-

investment (ROI) analysis. The ROI analysis consists of three main parts: technology

development costs, mission and program performance impacts, and life cycle costs. The

technology and advanced development costs by year are entered into the ROI program, and

represent program "penalties" for choosing technologies which are beyond state-of-the-art.

A preliminary set of technology and advanced development costs were derived for the life

cycle cost model (LCCM), in order to carry out the various ROI trades (see Section 1).

Sources for these estimates include various NASA technology/AD planning reports,

contractor estimates from the working group meetings held during the past year, and in-

house estimates based on available knowledge of the planned and past related technology

development programs. Where flight tests are required, reasonable cost estimates for a

single Shuttle or unmanned flight test are included assuming current launch costs. All cost

estimates are based on FY '90 dollars, with launch costs of approximately $1300 / Ib for

the ALS.

The next major input to the system is the performance and quantifiable impacts to the

system if the technology is not utiliT.'ed. These include additional ETO flights, increased

production and operational costs, and decreased reliability (increased spares, flight units).

The actual ROI model inputs are derived from two separate life cycle cost streams that are

butt and executed independently. An illustration of the costing methodology flow is shown

in Figure 7-10. The model calculates a resultant cost stream from the difference of the two

LCC cost streams. The ROI is then calculated by iterating the discount rate in order to

obtain a net present value of zero for this resultant cost stream. This is therefore the return

on investment (ROI) for the program employing the technology option, relative to the

reference scenario. This return can be negative if the option does not result in a net savings

over the reference scenario, or undefined if a crossover point does not exist for the two cost

streams. In this case, one of the options is simply cheaper than the other. A graphic

representation of the ROI analysis procedure is shown in Figure 7-11.
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The return on investment analysis is not intended to provide the actual rate of return to be

expected for a single technology development concern, but to give a relative return of one

technology option verses mother. The accuracy of the cost analysis is undoubtedly affected

by the uniqueness of the hardware components for the Mars vehicles, due to the absence of

a significant development and manufacturing cost database for related past focused

development programs. Wherever possible, related past programs, or experience derived

from past programs, arc utilized in the estimate derivations. Expert opinions and trade or

industry assessment results are used for items which could not be adequately costed using

the existing database (e.g., acrobrake, advanced propulsion system). The cost estimating

procedures used throughout the assessment were kept as constant as possible to increase

the confidence level in the relative technology rankings. The spread in years of the

reference architectures (34-36), along with the relatively low number of flights (3 for the

minimum case to 9 for the settlement / industxialization case), combine to decrease the scale

of all but the most beneficial technology options. For this reason, any ROI in excess of 5%

is considered significant. Additionally, technologies with small ROI's (<5%) that increase

capability for later missions significantly, are considered notable.

An overall summary of the ROI assessment results is shown in Figure 7-12. The results of

these trades displayed some interesting trends.

a. The use of cryogenic propulsion systems (vs. storable) resulted in one of the

highest ROI's. This was due to the additional design, development, and testing (DDT&E)

required for the added vehicle elements needed to fly the required LOR mode for the

storable LTV (storable direct vehicle becomes too large), as compared to the cryogenic

direct vehicle (i.e. LEV, LEVCM, service module). Additional ETO flights also affected

this trade in favor of the cryogenic system, while the additional cryogenic systems

technology investment (- $300M) was not a significant factor.

b. The cryogenic all-propulsive vehicle vs. cryogenic / aerobraked vehicle trade

resulted in a very high ROI (program would not converge). The tremendous size of the

CAP vehicle for the fast transfer (opposition class) missions results in very large

operational costs (including ETO costs), which is much greater than the additional

technology and advanced development investment required for the CAB vehicle.
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c. A 90.4% ROI resulted from an avionics trade of a common, adaptable system, vs. a

unique development effort for each mission element. The high ROI resulted from a

significant payoff relatively early in the program (- $600M), compared to a relatively small

short term investment (~ $140M), although the overall LCC for the full science program

was not affected greatly.

d. The reusable MEV trade for the industrialization / settlement case resulted in no

advantage for the higher technology option (reusable MEV). Additional HLV flight rate

assessments may be required.

e. Solar electric propulsion can become a significant technology leverage issue if the

manufacturing cost of flight rated arrays can be reduced below approximately $200/watt.

t-

f. The NTR vehicle traded favorably across all of the scenarios, with the exception of

the minimum scenario (ROI = 1.7%). It should be noted that the positive ROI is

encouraging considering the low number of flights (3), and the significant additional

development costs for the NTR propulsion system.
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A relative ranking of these ROI results obtained for the various technology options are

shown in Figure 7-13.

oo CAB vs. CAP (full science)

100 "/_ Common avionics suite (full science)

80 _'_ Cryo. direct vs. LOR storable

60 No ROI C_--_._

ROI (%) _ I 1. Reusable MEV vs.
_.1 I ,_n. MEV.

40_ 1 2. SEP vs. NEP

_NTR vs.CAP (lullscience)

7.0 _ NTR fast vs. CAB (full scL)

[_!_i!_...---LLOX (fullscience);Reus. LOR vs. direct expel
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Rationale
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FIGURE 7-13
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8. REQUIREMENTS AND

8.1 Introduction

DERIVED REQUIREMENTS

In order to perform the STCAEM study, it was necessary to start with the top level

guidelines and requirements provided by NASA for the Lunar and Mars programs. These

conditions are the basis for the derived requirements and the detailed studies conducted in

the course of this project.

8.2 NASA Guidelines for Study

The NASA guidelines for space exploration to Mars relating to our study activity are

provided below.

8.3

Multi-impulse TEI and TMI is permitted (engine restart).

Cryogenic propulsion as a reference concept for Earth/Mars departures and Mars

descent and cryogenic/aerobrake for Earth and Mars.

Advanced propulsion technology options include nuclear thermal rocket, nuclear

electric propulsion, and solar electric propulsion.

MTV expendable on "difficult" opposition missions; return to Earth via ECCV.

TMIS always expendable.

Three-burn departures acceptable for TMI to ease launch declination window

problems.

Maximum size surface payloads on piloted MEV: 6 m diameter and 13 m length.

Level I, II, and HI Requirements

8.3.1 Mars Initiative Level I Requirements Employed

The Mars initiative is an evolutionary program leading toward the establishment of a

Mars base.

First manned mission to Mars departs Earth between 2010 and 2020.
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Mission definition and programmatics for the Mars initiative shall be developed

through 2025.

Mission design for piloted mission shall minimize outbound/inbound trip times

consistent with reasonable mission performance.

Launch vehicles shall be sized to reduce the number of launches for Mars mission

to six or less (goal).

Crew size per mission in the four to twelve range.

8.3.2 Mars Initiative Level II Requirements Used in This Study

Provisions to be made for direct and/or indirect observations of operations.

In-space proximity operations require direct operator viewing on manned

missions.

Repairable common system elements to be extensively used.

Landings shall be made during daylight hours.

- Determination of proper trajectory to insure daylight approach to the

Martian surface.

Isolation and rapid egress from any habitable element in any emergency.

- All habitable elements shall have redundant escape paths.

- Use of pressure hatches for separation between pressurized sections.

Allow for high leverage technology extensions.

EVA's not to exceed eight hours/day, two crew minimum EVA, all crew members

to have pressure suits.

Emergency operation of all systems by EVA suited crew member.

- Crawl hatches, internal and external, sized to allow passage of EVA suited

crew member.

No single point failure in subsystems of safety-critical systems (not applicable to

rigid structures).

Trajectory design for piloted missions shall enable Mars flyby abort to Earth (Note:

this requirement is interpreted to mean propulsive flyby for fast-trip modes).

Orbit selected for piloted missions" shall enable early Mars departure for return to

Earth.

Manned flights to deliver crew and 25t payload to surface.
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8.3.3
Mars Initiative Level III Requirements Employed in This Study

All hazardous materials are to be stored outside of pressurized elements.

Surface radiation protection, if needed, will be provided using Martian

regolith/shielding and/or supply storage techniques.

Investigate the need for additional equipment that would be necessary to

bury habitat modules or place regolith in shielding containers.

- Determination if the degree of radiation passing through the Martian

atmosphere warrants burial as a protective means.

Provide radiation shielding on MTV to be accessible in 30 minutes.

Determination of areal density (g/sq. cm) of radiation protection required.

Crew transfer module concepts (reusable) to be sized for crew size range of four to
twelve.

- Transit ECLS system will be closed to maximum extent as possible,

closed on H20 and 02, MEV ECI_ optimized.

Vehicles sized to meet a standard mission phase duration and delta V budget with

operational and performance margin such that a fixed vehicle design can fly all Mars

opportunities of interest.

Crew and one ton payload return to LEO for each manned mission.

Quarantine and medical provision provided.

Factors of safety set for metallic/nonmetallic/pressure structure.

Failure tolerance/maintainability requirements identified.

Mars Transfer Vehicle (MTV):

Transfer crew, cargo and propellants between LEO (SSF) and Mars orbit

Piloted vehicle (M'IN) reusable without major maintenance operations for

5 complete missions

- MTV shall transport crew, the fueled MEV (Mars Excursion Vehicle),

its payload, and the ECCV (Earth Crew Capture Vehicle) from LEO to Mars

orbit

- MTV (optionally using the ECCV for crew capture at LEO) shall transport
crew from Mars to LEO

Cargo MTV shall transport MEV _nd 100 ton total surface payload

EVA capability provided

- Zero-g transit phase, determine penalties and design changes for artificial g

- In-transit science to be performed on outbound and inbound legs

Mars Excursion Vehicle (MEV):
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- Vehicle shall tr_sfer crew and cargo between Mars orbit and Mars surface

- Chemical propulson (LOX/L}_)

Piloted version (MEV-P) expended at Mars

MEV-P shall transport crew and 25 tons of payload from Mars orbk to

Mars surface

- MEV-P shall transport crew and 1 ton gross science payload from Mars

surface Mars orbit

- MEV-P shall have a contingency capability to house a crew up to 30 days

on Mars surface, while a separate habitat is prepared

Cargo MEV shall provide for landing 100 tons of cargo on Mars, using

2 MEVs at 50 t payload each

Earth launch vehicle requirements imposed by MTV and MEV:

Payload of 140 tons to inclination of 28.5", 500 km reference

- Shroud size: 10 m diameter and 30 m length

8.3.4 Lunar Transportation Level I Requirements That Supported

The Current Study

8.3.5

Minimize transportation impact on science at SSF (goal).

Lunar Transportation Family Level H Requirements

Earth-to-Orbit Transportation

All launches out of ETR

Earth-to-Orbit Support Facilities

- Minimal vehicle assembly activities in LEO desireable

Space Transportation Vehicles

Chemical propulsion (LO_)

Up to 45 t delivered to the surface in a cargo mode

- 4 crew + cargo to the surface in crew mode

- LTV/LEV independent of lunar LOX availability assumptions

In-space refueling capability

- Autonomous rendezvous and docking

- Minimum vehicleactivities required in LEO

Crew TransferModule

Supports crews of 4, 6,and 8 - designed nominally for 4.
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LunarSurfaceSystem(LSS)Interface

Surfacesystemsremove/loadpayload- unloadswithin 48hoursof landing
Solarflare protectionprovidedbyLSS

8.3.6
Lunar Transportation Family Level IH Requirements

Space Transportation Vehicles

LO2/LH_2 propellant

Aerobrake option

- Boiloff of cryogenic propellant

- Design contingency on dry mass:

- Existing hardware - 5%

- Modified hardware (existing/moderate tech.) = 10%

- New hardware (advanced tech.) = 20%

- Performance flight reserves = 2%

- Propellant transfer capability

8.4 Derived Requirements

In the current study, the derived requirements are grouped into six categories: Mars

Transfer SystemDerived Requirements, MTV Derived Requirements, MEV Derived

Requirement, Lunar System Derived Requirements, MRV-TMIS Derived Requirements,

MTV-ECCV Derived Requirements, and Earth Orbit Support Facility Derived

Requirements.

The derived requirements developed during the course of the current study have been

documented in detail in Reference 39. A summary of these requirements axe provided
below.

In addition, the instructions on the use of this data base is provided in Reference 40.

8.4.1 Mars Transfer System-Derived Requirements

Design Integration

- Wake closure cone behind all aerobrakes is 44" wide. The total wake

closure angle is centered on the velocity vector

D615-10030-2 377



Equipment design life must account for mission duration plus one year

- All components designed for 5 missions with refurbishmem (except

act.brake)

- Design for range of ca'cw sizes, from 4 to 12

LAD range from 0.5 to 1.0 for aerobrake vehicles at Mars

GN&C

- 8500 m/s maximum entry velocity at Mars

150 m/s error-correction (post aerocapture)

Propulsion

- Engine out capabilities in all mission phases. NTR engine out

capabilities TBD

Engine must continuously track C.G. of vehicle from beginning to end of .

all burns

- Maximum gimbal angle of engines4-12"

- All passivecryogenicthermalcontrolsystem

No MTV -TMIS fluidtransferbeforeearthdeparture.(MEV tanks

refrige_tedor filledafterMOC)

Man Systems

Solar Proton Event (SPE) protection to be provided

- Allow for direct viewing of all docking, berthing and landing procedures

Structure and Mechanics

- All critical function lines and redundant systems shall be ranked such that a

single accident does not incapacitate more than one functional path.

- All systems shall function up to 2 years in a dormant state having been

subjected to the space environment.

The airborne support equiptmnt mass for launch to Earth orbit is assumed to

be 15% for all hardware except the aerobrake, until better defined.

- Airborne support equipment mass assumption for the aerobrake shall be

20% of the aerobrake mass, until better defined.

Aerobrake will be launched to Earth orbit in sections for on-orbit assembly

as the reference case.

- MTV and MEV aerolxakes have dommon layout of attach points.

Vehicle elements will have removable debris shield panel cladding for

protection during LEO operations. These panels will be removed and saved in

LEO to be used for the next mission-opportunity. The panels shall not

add to the LEO debris environmem.
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8.4.2

- Mission vehicles will carry a robotic manipulation capability to inspect and

maintain all exterior areas and systems.

- Structure optimizedto minimiTe weight, operations, complexity and

development effort.

Greater than 30cm separation between all major vehicle exterior systems

(i.e., tanks, modules).

C&DH

- Connectability between links maintained 90% of the time. Availability when

scheduled- 98% connectability.

MTV Derived Requirements

• Design Integration

Crew module must accommodate alternative advanced propulsion options

• GN&C

- Capture trajectory entry interface for aerocapture options not to exceed 6-g

limit and to preclude an uncontrolled skip-out

Aerocapture exit errors not to exceed 0.25" inclination, RAAN (Right

Ascension of the Ascending Node), and ARGP (ARGument of Periapsis),

and a 10% period

- GN&C requirement for advanced propulsion:

- NTR - capture into planned orbit

~ EP (electric propulsion options)

• Electrical Power

Solar power to be used for transfer phase, batteries or fuel cells to be

utilized for sun occultation time while in Mars orbit except for NEP.

NEP power derived from existing power system with a backup energy

supply via fuel cells

• Man Systems

- Added protection to crew from Solar Proton Events (SPE) will incorporate

use of a "storm shelter".

Consumables stored will suffice for crew residence time from 443-1018

days (includes abort), assumes 100% ECLSS closure of water and oxygen,

0% closure on food and .25kg leakage per day

- Two (2) astronauts able to pass through major circulation paths while

wearing EVA suits.
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- Crew quarters shall provide sufficient volume for casual conversation

between at least two (2) crew members

Volume per crew guidelines extrapolated from historical data

- Transfer hab = 112m3/crew

- Two independent pressurized volumes for safety

- Gravity condition emphasized to accommodate 0-g and 1-g and for

surface commonality

2.3 m standard ceiling height for psychological and locomotion

- Crew visibility during all maneuvers (docking/rendezvous)

- There shall be 2 means of egress from each module for emergency escape

Crew module to accommodate 0-g and induced g environments

Structure and Mechanisms

- Airborne support equipment for aerobrake shall be 20% of aerobrake mass.

- All penetrations occur in barrel section to minimize mass.

8.4.3 MEV Derived Requirements

Design Integration

Provide 15% of active weight for spares

MAV must be able to abort-to-orbit during powered descent phase

- Twenty-five ton down payload on manned vehicles

- Protective covers provided for all mission critical systems

- "Down" delivered payload on manned vehicles

- 25 mt down payload for reference MEV (include habitat module)

- 0.7 nat down payload for the qVlini-MEV' (crew habitat is provided

by the ascent/descent cab)

GN&C

- L/D range from 0.5 to 1.0

- Deorbit from 1 sol x 250 kin periapsis orbit (nominal)

Engine start before aerobrake drop

Capture trajectory entry interface for MEV acrocapmre at Mars not to

exceed 6-g limit on crew members and equipment and to preclude an

uncontroUed skipout of the Mars atmosphere

- Landing accuracy after aerobrake jettison: unaided by landing

beacons, lkm cep, with beacon 30m cep

Aerobrake jettisoned in controlled manner during powered descent phase
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Currently, cross range - 1500 km for high I.A) aerobrake

Landing approach descent path angle = 15"

Propulsion

Pre-descent checkout of engines to be provided (checkout extent TBD)

One (1) meter clearance established between engine bells and surface

- Engine out capabilities for ascent/descent stages

Passive cryogenic storage system: MLI with vapor cooled shields

- Gravity field environment eliminates need for zet_g acquisition and venting

- Vacuum jacketed ascent tanks for Mars boiloff reduction

- MEV propellant transferred fi'om MTV prior to descent

Electrical Power

- Solar arrays to supply power following separation fi'om MTV for ~ 50 day

approach to Mars. Arrays to be retracted 12 hours prior to Mars encounter,

power shall be provided by batteries or other internal source

Batteries or fuel ceils to provide power for ascent and descent phases

ECLSS

Capability of two (2) crew cab repressurizations

Man Systems

Consumables will suffice for a crew residence time of 30 - 600 days

dependent on mission stay time and abort scenarios, assumes 100%

ECLSS closure of water and oxygen, 0% closure of the food and .15 kg

leakage per day

The maximum surface stay time is 600 days

Structure and Mechanisms

- Shall be at least two (2) functionally independently pressurized areas for

emergency conditions. There shall be two (2) EVA suits stored in these

areas

Establish 30cm clearance between all elements to allow for movement

during high-stress maneuvers

Crew cab to have SSF diameter (4.4m), width (1.4m), and penetrations

and attachments occur at rings

Surface hab system to be removable later by surface construction

transport vehicle and protected from damage by MAV blast during

ascent start
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8.4.4 Lunar Transportation Family Derived Requirements

Mission Level

Vehicles to accommodate the following Missions:

- Tandem Direct initially

- Evolve to Lunar Orbit Rendezvous (LOR)

- L2 missions accommodated with tandem direct vehicles

- Stand alone "sortie" mission to a site of interest

-- 4crew

- - Daytime only (14 days)

Space based vehicles

On-orbit assembly minimized

- Vehicles designed to be integrated, intact, into a 10m x 30m by 100t class

launch vehicle

- Minimum of 5 reuses with up to 30 year servicing life

System evolution to Mars rather than entire vehicle commonality

System flexibility for changing mission modes:

- Changing crew size

- Changing payloads

- Increasing propellant loads

Habitation Modules

- All habitation modules sized volumetrically from historical spacecraft

volumetric data

Direct visibility of all landing and docking procedures

Size hab modules for crew of 6 or 7 days for evolution scenarios

Propulsion System

- Maximum engine gimbal - 18.5 ° to limit steering loss to 5%

- 1 engine-out capability

- Advanced RL-10 30 klbf. engines

- Throttling or gimballing capabilities for steering in engine-out mode

Transfer Vehicle

- Capability to rendezvous with Space Station Freedom

Accommodate 4 crew initially for up to 28 days

Single up/down orientation during both landing and aerobraking

Contiguous transfer to excursion vehicle

Excursion Vehicle
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-Remm crewof 4 and500kg of samples to LLO

- Deliver 25 t of cargo to LS in non-reusable mode

- Deliver crew of 4 -10 t payload in crew reusable mode

- Designed to accommodate varying, nonsymmetrical payloads

- Payload integration optimized for surface access

Crew module placement optimized for surface access and visibility

Contiguous transfer from LTV

Sustain 4 crew for 3 to 5 days

- An airlock is mandatory for lunar surface residences beyond 3 days

- Landing gear requirements:

- Designed for 12 ° slope

- Max. surface undulation between footpads = 1 m

Aerobrake

- L/D = 0.25

- Sized to accommodate a reusable system

Derivative of the Mars L/D = 0.5 shape

8.4.5 MTV - TMIS Derived Requirements

Design Integration

On-orbit assembly to be minimiTed to extent practical.

- Flexible to support reference missions (interconnect design to support

reference mission requirements.

- Fully modularized to utilize ETO capacity, the amount of modularization

shall be a function of the ETO vehicle chosen.

- Assembly to be accomplished on-orbit, remotely and roboticaUy.

Propulsion

- Passive thermal control system including zero-g thermodynamic vent

system coupled to multiple vapor cooled shields.

TMIS insulating system is a continuously purged MLI over foam design

optimized for minimum ground-hold, launch, and orbital boiloff. Includes

vapor cooled shield (coupled to "IWS) outside of foam.

- TMIS tanks launched late in assembly sequence to minimiTe orbital stay

time before TMI burn (6 months).

- MTV tank insulation system is 2-4 inch thick MLI blankets. Multiple vapor

cooled shields placed at optimum points in the MLI.
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- Referencevehicleis launched"wet" with top-off (dry/wet issueto betraded).

Structureand Mechanisms

- Thrust structure - tanks - intcrtanks used as primary structure for

cryo/acrobrake vehicles only.

The airborne support equipment mass for launch to Earth is assumed to be

7% for all hardware sets.

8.4.6 MTV - ECCV Derived Requirements

GN&C

Capture trajectory entry interface for ECCV aerocapture or aeroentry into

Earth atmosphere not to exceed 6-g limit on crew and personnel, and to

preclude an uncontrolled skip out of Earth atmosphere.

- L/D = 0.25.

Structure and Mechanisms

Interior materials must conform to NASA standards for outgassing, f'n'c

hazards, etc.

8.4.7 Earth Orbit Support Facility Derived Equipment

Groundrules:

Multiple (ETO) flights will be used in assembly

- Line of sight communications are to be used

- Extensive use of robotic and tcleprcsent systems will be made

- Minimal EVA activities

Assumptions:

- On-orbit propellant fueling or launched wet propellant tanks may be used

Two RMS systems will be used in assembly

On-orbit spares will be 15% of vehicle weight

Robotic software and sensors will allow supervisory hnman control

- Proximity operations will be viewed directly or by video

- Assembly schedule will be four y_ars or less

384 D615-10030-2



8.5 STCAEM Requirements Data Base

The Space Transfer Concepts and Analysis for Exploration Mission Requirements Database

is a user-friendly, restricted access system that contains all the requirements identified in the

STCAEM study.

The Macintosch SE computer and the 4th Dimension data base program were used to

develop the requirements data base. A customized user interface has been created to enable

anyone to take advantage of the information contained in the data base. As a result of this

customization, a user does not need to be familiar with the workings of 4th Dimension;

simple, easy to follow menus and help screens allow anyone to benefit from the data base.

The system was designed and developed to run on a Macintosh SE with a standard nine

inch monochrome monitor.

In this initial development of the requirements data base, a simple "flat file "structure was

selected to store each requirement. This file structure allows for efficient entry of data. At

the same time it provides for rapid search and retrieval of the data base contents; this design

provides a reliable structure which can be easily modified. The complex structures

available in the 4th Dimension data base software are not needed by the requirements data

base in its present form. In the future when additional, more detailed requirements have

been defined, this data base can easily be modified to make use of any specific 4th

Dimension features.

The information for each requirement included in the data base is shown in Figure 8-1,

with details provided in References 39 and 40.
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ITEM NAME

Dal_

Type

Ortgm
System

Subsystem

Component

Require_.ment

Rationale

Reference

DESCR_YION

Req "uu'ement date

Requirement classification

Who generated requirement

Requirement identification

Additional system identification

EXAMPLES/COMMENTS

11/02/89

Mission, Technology, Systems

BOEING, NASA, MASE

MEV, MrV, etc.

Ascent Propulsion

Addifiona subsystem identification

Actual requirement

Propellent Gauging System

Reason for requirement

Requirement reference Document, Person

DATA BASE CONTENT

FIGURE 8-1
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, PROGRAMMATICS

The objectives of the Programmatics task during the current phase of the study were: (1)

realistic initial schedules that include initial critical path program elements; (2) initial

descriptions of new or unique facilities requirements; (3) development of a stable, clear,

responsive work breakdown structure (WBS) and WBS dictionary; (4) initial realistic

estimates of program costs, cost uncertainties, and funding profile requirements; (5) initial

risk analysis, and (6) early and continuing infusion of programmatics data into other study

tasks to drive requirements/design/trade decisions.

The issues addressed during the study included: (1) capturing all potential long-lead

program items such as precursor missions, technology advancement and advanced

development, related infrastructure development, support systems and new or modified

facility constuction, since these are as important ascost and funding in assessing goal

achievability; (2)incorporating sufficient operating margin in schedules to obtain high

probability of making the relatively brief Mars launch windows; (3) the work breakdown

structure must support key study goals such as commonality and (4) cost estimating

accuracy and uncertainty are recurring issues in concept definition studies.

9.1 Introduction

The study flow, as required by MSFC's statement of work, began with a set of strawman

concepts, introduced others as appropriate, conducted "neckdowns", and concluded with a

resulting set of concepts and associated recommendations.

As the study progressed, much discussion among the SEI community centered on

"architectures". In this study, architectures were more or less synonymous with concepts,

since the statement of work required that each concept be fully developed including

operations, support, technology, and so forth.

We started with ten concepts as shown in Figure 1-3 (in the Executive Summary). After

the "neckdown" was completed, significant effort was put into programmatics.
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As was indicated earlier, we established three levels of activity to evaluate in-space

transportation options. The minimum was just enough to meet the President's objectives;

in fact "return to the Moon to stay" was interpreted as permanent facilities but not

permanent human presence. The minimum program had only three missions to Mars. The

median (full science) program aimed at satisfying most of the published science objectives

for Lunar and Mars exploration. The maximum program aimed for industrialization of the

Moon, for return of practical benefits to Earth, and for the beginnings of colonization of

Mars. The range of activity levels, as measured by people and materiel delivered to

planetary surfaces, was about a factor of 10. The range of Earth-to-orbit launch rates was

less, since we adopted resuks of preliminary trade studies, selecting more advanced in

space transportation technologies as baselines for greater activity levels. The high level

schedules developed for these three levels of activity were shown in Figures 1-16 to 1-18

and a comparison of them for both Lunar and Mars was shown in Figures 1-19 and 1-20.

9.2 Schedule/Network Development Methodology

A PC system called Open Plan by WST Corporation was used, which allows direct control

and lower cost over a larger (mainframe) system. The network was purposely kept simple.

Summary activities were used in development of the networks. When detailed to a lower

level, some activities will require a different calendar than we used. One calendar with a

five day work week - no holiday was used. Utilizing multicalendars on a summary

network could confuse the development. The Preliminary WBS Structure Level 7 was

followed for selection of work to be detailed. An example of Level 7 is: MEV Ascent

Vehicle Structure/Mechanisms. We then developed a generic logic string of activities with

standard durations for like activities. This logic was then applied against each WBS Level

7 element. To establish interface ties between logic strings and determination of major

events, we used the Upper Level Summary Schedule and Summary Level Technology

Schedule.

9.2.1 Goals/Purpose

t.

There were two goals for the schedule/network development. These were:

a. Guidelines for Future Development. The schedules are a preliminary road map to

follow in the development program.
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b. Layout BasisFrameworkfor Network. The networks can be used for future detail

network development. This development can be in phases retaining unattended logic for

areas which can be be detailed.

9.2.2 Status

Six preliminary networks have been developed. They are:

- Lunar minimum

Lunar full science

Lunar industrialization

Mars missions

Mars full science

- Mars settlement

These networks will be further developed as information becomes available The technology

development plan schedules are shown in Figure 7-8; an example of the standard 6 year

program phase C/D schedule is shown in Figure 9-1. The network schedules developed

during the study are available in Reference 12.

9.3 Facilities

The facility requirements and approaches are discussed in Section 6.

9.4 Work Breakdown Structure

The approach to developing a WBS tree and dictionary was to use the Space Station

Freedom Work Package One WBS as a point of depature to capture commonality,

modularity and evolution potentials. We worked with MSFC to evolve the W'BS illustrated

in Figure 9-2. The WBS dictionary details arc provided in Reference 41.
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%
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Sys. Test

_ QumLTesting

STANDARD SIX YEAR PROGRAM PHASE C/D DEVELOPMENT SCHEDULE

FIGURE 9-1

9.5 Cost Data

9.5.1 Overall Approach

Space transfer concept cost estimates were developed through parametric and detail

estimating techniques using program/scenario plans and hardware and software

descriptions combined with NASA and subcontractor data. Our estimating approach

simulates the aerospace development and production environment. It also reflects program

options not typical of aerospace programs. This flexibility allows assessment of innovative

program planning concepts.

Several tools were employed in this analysis. For developing estimates the Boeing

Parametric Cost Model (PCM) designed specifically for advanced system estimating was

used. It utilizes a company-wide, uniform computerized data base containing historical

data compiled since 1969. The second major tool is a Boeing developed Life Cycle Cost

Model. The third tool is the Boeing developed Return on Investment (ROI) Analyses.
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The approach to cost estimating was to use the PCM to establish DDT&E and

manufacturing cost of major hardware components or to use other estimates, (e.g. Nuclear

Working Group estimator) if they were considered superior and then feed them to LCC

model. Variations on equipment hardware or mission alternatives can be run through the

LCC and then compared for a return on investment. This flow is illustrated in

Figure 1-29. We were able to investigate alternative concepts quickly, giving system

designers more data for evolving scenario/mission responsive concepts. Transportation

concepts, trade studies, and "neckdown" efforts were supported by this approach.

9.5.2 Parametric Cost Model

PCM develops cost from the subsystem level and builds upward to obtain total program

cost. Costs are estimated from physical hardware descriptions (e.g., weights and

complexities) and program parameters (e.g., quantities, learning curves, and integration

levels). Known costs are input directly into the estimate when available; the model

assesses the necessary system engineering and system test efforts needed for integration

into the program. The PCM working unit is man-hours, which allows relationships that tie

physical hardware descriptions first to design engineering or basic factory labor, and then

through the organizational structure to pick up functional areas such as systems

engineering, test, and development shop. Using man-hours instead of dollars for

• estimating relationships enables more reliable estimates. The PCM features, main inputs,

and results are shown in Figure 9-3. The applicable PCM results are then put into the Life

Cycle Cost Model to obtain cost spreads for the various missions/programs. The various

hardware components costed for the three different missions/programs are shown in

Figure 9-4

9.5.3 Life Cycle Cost Model

The LCCM cost data is a composite of HLLV costs, launch base facilities cost estimate

based on $/sq. ft. and parametric estimates derived from the Parametric Cost Model. The

principal source of information is from the PCM. All hardware cost estimates, with the

exception of HLLV, have been developed with this model.
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9.5.4 Return On Investment

One of the principal uses of the LCCM is to develop trades and return on investment for

technology options. As shown in Figure 1-29, two separate life cycle cost models (which

include DDT&E and production cost data derived from the parametric cost models) must be

developed for each ROI case; a reference, and a case utilizing a technology option. The

two life cycle cost streams are separately entered, and the ROI model is executed. The flow

also illus_ates that not all of the data entered into the life cycle cost model is derived from

available costing software. Technical analysis must accompany this data. For example, the

number of units which must be produced for the DDT&E program must be determined.

This is done at the subsystem level based on knowledge of past programs, and proposed

system/subsystem tests.

9.5.5 Results

A summary of the cost data produced by the PCM for the NTR reference vehicle are given

in Figure 9-5. The PCM program was used to produce DDT&E and production cost

estimates for each of our reference Mars and lunar vehicles to the subsystem level. The

DDT&E costs generated by the PCM did not include all of the necessary hardware for the

first mission vehicle. Hence all necessary additional units (prototypes,test units, lab units,

etc.) were added into the vehicle cost buildups. An example of a cost build up derived for

each of the reference vehicles for entry into the LCC model is shown in Figure 9-6. Again

this example is for the reference NTR vehicle utilized in the full science Mars scenario. As

shown the total DDT&E includes additional costs(eg, additional units in the DDT&E

program), contractor fees and the engineering wrap factor. The total DDT&E from the cost

buildup and the unit cost from the PCM are the primary vehicle cost inputs to the LCC

model

The unit costs developed from the LCC model is shown in Figure 9-7. Cost estimates for

the three proposed mission programs are given in Figures 9-8 to 9-10"and illustrated

graphically in Figures 1-42 to 1-45. Additional detail on cost and schedule developments is

provided in Reference 12.
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9.6 Risk Analyses

Risk analyses were conducted to develop an initial risk assessment for the various

architectures. This presentation of risk analysis results considers development risk, man-

rating requirements, and several aspects of mission and operations risk.

9.6.1 Development Risk

All of the architectures and technologies investgated in this study incur some degree of

development risk; none axe comprised entirely of fully developed technology.

Development risks are correlated directly with technological uncertainties. We identified

the following principal risks:

•Cryogenics -High-performance insulationsystems involve a greatmany layersof multi-

layerinsulation(MLI), and one or more vapor-cooled shields.Analyses and experiments

have indicatedthe efficacyof these,but demonstration thatsuch insulationsystems can be

fabricatedatlightweight, capable of survivinglaunch g and acousticsloads,remains tobc

accomplished. In addition,therearc issuesassociatedwith propellanttransferand zero-g

gauging. These, however, can bc avoided for early lunar systems by proper choice of

configm'ationand operations,e.g.the tandem-directsystem recommended elsewhere inthis

report.This presentsthe opportunitytoevolve thesetechnologieswith operationsof initial

flight systems.

Engines - There islittleriskof being able to provide some sortof cryogenic engine for

lunar and Mars missions. The R.L- 10 could be modified to serve with littlerisk;deep

throttlingof thisengine has already been demontrated on the teststand. The risk of

developing more advanced engines isalsominimal An advanced development program in

thisarea servesmainly toreduce development costby pioneeringthccriticalfeaturespriorto

fuU-scaledevelopment.

Aerocapture and aerobraking - There are six potential functions, given here in approximate

ascending order of development risk: aertydescent and landing of crew capsules returning

from the Moon, aerocapture to low Earth orbit of returning reusable lunar vehicles, landing

of Mars excursion vehicles from Mars orbit, aero descent and landing of crew capsules

returning from Mars, aerocapture to low Earth orbit of returning Mars vehicles, and

400 D615-10030-2



LIFE CYCLE COSTFORINDUSTRIAL/ZATION/SETII.,EMENTPROGRAM
FIGURE 9-10

MISSION FUNCTION

LunNr ret ur/I

Earlh landing

Lunar return
Earth landing

Mars landing from
orbit

Marl return
Earth landing

Marl return
aerocspture

Mars return

eero_plure

BRAKE SIZE

Small, no aS'y
required

Moderate
requires
assembly

Large, requires
assembly

Small, no ass'y
required

Large, require
a_embly

Large, requires
assembly

ATMOSPI IERE
KNOWLEDGE &
UNCERTAINTY

Accurate km)wledge,
low uncer/, effecl

Accurale knowledge,
high uncerl, effect

Poor knowledge, low
uncert, effect

Accurale knowledge,
moderate uncertainty

effect

Accurate knowledge,
high uncert, effect

P

Poor knowledge, high
uncert, effect

i

TARGET FOR
ENTRY:
GN&C PRECISION

Very high

Very high

Can he high, e.g.
done from Mars
orbit

Very high

Very high

Poor, unless nay-aids
in Mars e,rhil

I I EATING/FPS

Slate, of.the.Art

State-of-the-Art

Stale-of-t he-Art

Very high heating
rates, TPS
advancement
needed

Very high healing
rates, TPS
advancement
needed

Iligh heating
rates, some TPS
adva,lcemenl
needed

AERO PASS
(;N&C
I'RECISION
REQUIRED

State-of.the.Art

Believed Stale-
of-the-Art

Believed Slate-
of-the.Art

Believed State-
of-the-Art

Believed State-
of-the-Art

Advancements
required

DEVELOPMENT RISK ASSESSMENT FOR AEROBRAKING BY FUNCTION

FIGURE 9-11

D615-10030-2 401



aerocapture to Mars orbit of Mars excursion and Mars transfer vehicles.

provides a qualitative development risk comparison for these six functions.

Figure 9-11

Aerocapture of vehicles requires large aerobrakes. For these to be efficient, low mass per

unit area is required, demanding efficient structures made from very high performance

materials as well as efficient, low mass thermal protection materials. By comparison, the

clew capsules benefit much less from high performance structures and TPS.

Launch packaging and on-orbit assembly of large aerobrakes presents a significant

development risk that has not yet been solved even in a conceptual design sense. Existing

concepts package poorly or axe difficult to assemble or both. While the design challenge

can probably be met, aerobrake assembly is a difficult design and development challenge,

representing an important area of risk.

Nuclear thermal rockets - The basic technology of nuclear thermal rockets was developed

and demonstrated during the 1960s and early 1970s. The development risk to reproduce

this technology is minimal, except in testing as described below. Current studies are

recommending advances in engine performance, both in specific impulse (higher reactor

temperature) and in thrust-to-weight ratio (higher reactor power density). The risks in

achieving these are modest inasmuch as performance targets can be adjusted to technology

performance.

Reactor and engine tests during the 1960s jetted hot, slightly radioactive hydrogen directly

into the atmosphere. Stricter environmental controls since that time prohibit discharge of

nuclear engine effluent into the atmosphere. Design and development of full containment

test facilities presents a greater development risk than obtaining the needed performance

from nuclear reactors and engines. Full- containment facilities will be required to contain all

the hydrogen effluent, presumably oxidize it to water, and remove the radioactivity.

Electric Propulsion Power Management and Thrusters - Power management and thrusters

are common to any electric propulsion power source (nuclear, solar, or beamed power).

Unique power management development aaeeds for electric propulsion are (1) minimum

mass and long life, (2) high power compared to space experience, i.e. megawatts instead of

kilowatts, (3) fast arc suppression for protection of thrusters. Minimizing mass of power

distribution leads to high distribution voltage and potential problems with plasma losses,

arcing, and EMI. Thus while power management is a mature technology, the unique
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requirements of electric propulsion introduce a number of development risks beyond those

usually experienced in space power systems.

Electric thruster technology has been under development since the beginning of the space

program. Small thrusters are now operational, such as the resistance-heat-augmented

hydrazine thrusters on certain communications spacecraft. Small are and ion thrusters are

nearing operational use for satellite stationkeeping.

Space transfer demands on electric propulsion performance place a premium on high power

in the jet per unit mass of electric propulsion system. This in turn places a premium on

thruster efficiency; power in the jet, not electrical power, propels spaceships. Space

transfer electric propulsion also requires specific impulse in the range 5000 to 10,000

seconds. Only ion thrusters and magnetoplasmadynamic (MPD) are thrusters can deliver

this performance. Ion thrusters have acceptable efficiency but relatively low power per unit

of ion beam emitting area. MPD thruster technology can deliver the needed Isp with high

power per thruster, but has not yet reached efficiencies of interest. Circular ion thrusters

have been built up to 50 cm diameter, with spherical segment ion beam grids. These can

absorb on the order of 50 kWe each. A 10 MWe system would need 200 operating

thrusters. The development alternatives all have significant risk: (1) Advance the state of

the art of MPD thrusters to achieve high efficiency; (2) Develop propulsion systems with

large numbers of thrusters and control systems; or (3) Advance the state of the art of ion

thrusters to much larger size per thruster.

Nuclear power for electric propulsion - Space power reactor technology now under

development (SP-100) may be adequate; needed advances are modest. Advanced power

conversion systems are required to obtain power-to-mass ratios of interest. The SP-100

baseline is thermoelectric, which has no hope of meeting propulsion system performance

needs. The most likely candidates are the closed Brayton (gas) cycle and the potassium

Rankine (liquid/vapor) cycle. (Potassium provides the best match of liquid/vapor fluid

properties to desired cycle temperatures.) Stifling cycle, thermionics, and a high-

temeperature thermally-driven fuel cell are possibilities. The basic technology for Brayton

and Rankine cycles are mature; both are in widespread industrial use. Prototype space

power Brayton and Rankine turbines have run successfully for thousands of hours in

laboratories. The development risk here is that these are _,ery complex systems; there is no

experience base for coupling a space power reactor to a dynamic power conversion cycle;

there is no space power experience base at the power levels needed; and these systems, at

D615-10030-2 403



power levels of interest for SEI space transfer application, are large enough to require in-

space assembly and checkout. Space welding will be required for fluid systems assembly.

Solar power for space transfer propulsion - Solar power systems for space propulsion must

attain much higher power-to-mass ratios than heretofore achieved. This implies a

combination of advanced solar cells, probably multi-band-gap, and lightweight structural

support systems. Required array areas are very large. Low-cost arrays, e.g. $100/watt,

are necessary for affordable system costs, and automated construction of the large area

s_uctures, arrays, and power distribution systems appears also necessary. Where the

nuclear electric systems are high development risk because of complexity and the lack of

experience base at relevant power levels and with the space power conversion technologies,

most of the solar power risk appears as technology advancement risk. If the technology

advancements can be demonstrated, development risk appears moderate.

Avionics and software - Avionics and software requirements for space transfer systems are

generally within the state of the art. New capability needs are mainiy in the area of vehicle

and subsystem health monitoring. This is in pan an integration problem, but new

technoques such as expert and neural systems are likely to play an important role.

An important factor in avionics and software development is that several vehicle elements

having similar requirements will be developed, some concurrently. A major reduction in

cost and integration risk for avoinics can be achieved by advanced development of a

"standard" avionics and software suite, from which all vehicle elements would depart.

Further significant cost savings are expected from advancements in software development

methods and environments.

Environmental Control and Life Support (ECLS) - The main development risk in ECLS is

for the Mars transfer habitat system. Other SEI space transfer systems have short enough

operating durations that shuttle and Space Station Freedom ECLS system derivatives will

be adequate. The Mars transfer requirement is for a highly closed physico-chemical system

capable of 3 years' safe and dependable _peration without resupply from Earth. The

development risk arises from the necessity to demonstrate long life operation with high

confidence; this may be expensive in cost and development schedule.
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9.6.2 Man-Rating Approach

Man-rating includes three elements: (1) Design of systems to manned flight failure tolerance

standards, (2) Qualification of subsystems according to normal man-rating requirements,

and (3) Flight demonstration of critical performance capabilities and functions prior to

placing crews at risk. Several briefing charts follow: the first summarizes a recommended

approach and lists the subsystems and elements for which man-rating is needed;

subsequent charts present recommended man-rating plans.

9.6.3 Mission and Operations Risk

These risk categories include Earth launch, space assembly and orbitasl launch, launch

windows, mission risk, and mitigation of ionizing radiation and zero-g risks.

Earth launch - The Earth launch risk to in-space transportation is the risk of losing a

payload because of a launch failure. Assembly sequences are arranged to minimize the

impact of a loss, and schedules include allowances for one make-up launch each mission

opportunity.

Assembly and Orbital Launch Operations - Four sub-areas are covered: assembly, test and

on-orbit checkout, debris, and inadvertent re-entry.

Assembly operations risk is reduced by verifying interfaces on the ground prior to launch

of elements. Assembly operations equipment such as robot arms and manipulators will

undergo space testing at the node to qualify critical capabilities and performance prior to

initiating assembly operations on an actual vehicle.

Assembly risk varies widely with space transfer technology. Nuclear thermal rocket

vehicles appear to pose minimum assembly risk; cryo/aerobraking are intermediate, and

nuclear and solar electric systems pose the highest risk.

Test and on-orbit checkout must deal with consequences of test failures and equipment

failures. This risk is difficult to quantify with the present state of knowledge. Indications

are: (1) large space transfer systems will experience several failures or anomalies per day.

Dealing with failures and anomalies must be a routine, not exceptional, part of the

operations or the operations will not be able to launch space transfer systems from orbit; (2)
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vehicles must have highly capable self-test systems add must be designed for repair,

remove and replace by robotics where possible and for ease of repair by people where

robotics cannot do the job; (3) test and on-orbit checkout will run concurrently with

propellant loading and launch countdowns. These cannot take place on Space Station

Freedom. Since the most difficult part of the assembly, test and checkout job must take

place off Space Station Freedom the rest of the job probably should also.

Orbital debris presents risk to on-orbit operations. Probabilities of collision are large for

SEI-class space transfer systems in low Earth orbit for typical durations of a year or more.

Shielding is mandatory. The shielding should be designed to be removed before orbital

launch and used again on the next assembly project.

Creation of debris must also be dealt with. This means that (1) debris shielding should be

designed to minimize creation of additional debris, especially particles of dangerous size,

and (2) operations need to be rigorously controlled to preventinadvertent loss of tools and

equipment that will become a debris hazard.

Inadvertent re-entry is a low but possible risk. Some of the systems, especially electric

propulsion systems, can have very low ballistic coefficient and therefore rapid orbital decay

rate. Any of the SEI space transfer systems will have moderately low ballistic coefficient

when not loaded with propellant. While design details are not far enough along to make a

quantitative assessment, parts of these vehicles would probably survive reentry to become

ground impact hazards in case of inadvertent reentry. For nuclear systems, it will be

necessary to provide special support systems and infa'astructure to drive the probability of

inadvertent reentry to extremely low levels.

Launch Windows - Launch windows for single-bum high-thrust departures from low Earth

orbit are no more than a few days because regression of the parking orbit line of nodes

causes relatively rapid misalignment of the orbit plane and departure vector. For lunar

missions, windows recur at about 9-day intervals.

For Mars, the recurrence is less frequent, aad the interplanetary window only lasts 30 to 60

days. It is important to enable Mars launch from orbit during the entire interplanetary

window. Three-impulse Mars departures make this possible; a plane change at apogee of

the intermediate parking orbit provides alignment with the departure vector. Further
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analysisof the three-bumschemeisneededto assesspenaltiesandidentify circumstances
whereit doesnot work.

Launch window problems are generally minimal for low-thrust (electric propulsion)
systems.

Mission Risk - Comparative mission risk was analyzed by building risk trees and

performing semi-quantitative analysis. The next chart presents a comparison of several

mission modes; after that are the risk trees for these modes.

Ionizing Radiations and Zero G - The threat from ionizing radiations is presented elsewhere

in this document. Presented here are the mitigating strategies for ionizing radiations and

zero g.

Nuclear systems operations present little risk to flight crews. Studies by University of

Texas at Austin showed that radiation dose to a space station crew from departing nuclear

vehicles is very small provided that sensible launch and flight strategies are used. On-

board crews are protected by suitable shieding and by arrangement of the vehicle, i.e.

hardware and propellant between reactors and the crew and adequate separation distances.

After nuclear engines are shut off, radiation levels drop rapidly so that maneuvers such as

departure or return of a Mars excursion vehicle are not a problem. On-orbit operations

around a returned nuclear vehicle are deferred until a month or two after shutdown, by

which time radioactivity of the engine is greatly reduced.

Reactor disposal has not been completely studied. Options include solar system escape and

parking in stable heliocentric orbits between Earth and Venus.

Crew radiation dose abatement employs "storm shelters" for solar flares, and either added

shielding of the entire vehicle or fast transfers (or both) to reduce galactic cosmic ray

exposure. Assessments are in progress; tradeoffs of shielding versus fast trips have yet to

be completed. Expected impact for lunar missions is negligible and for Mars missions,

modest.
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10. CONCLUDING REMARKS

The real SEI program will not follow any particular long-range scenario that can be defined

now. Clearly, an ambitious program can start small and evolve. The potential for

evolution to a larger scale must be included in technology selection decisions for small and

moderate-scale programs. Programs of different scale at the Moon and Mars are logical.

Lunar and Mars exploration will probably start with modest objectives and evolve as a

result of early mission achievements and scientific findings. The recommended SEI

program strategy is evolutionary and keeps options open.

During the course of this study, we identified and examined four basic propulsion

architectures: cryogenic aerobraking, nuclear thermal rocket, nuclear electric, and solar

electric, as well as three additional architectures, based upon variations of the cryogenic

aerobraking architecture, namely, L-2 based Lunar oxygen, Mars direct, and a family of

cycler profiles. Each of these architectures fulfill specific mission requirements; however,

none of them individually can satisfy the requirements of all missions. Technical

evaluation and system trade studies were conducted on the systems included within the

architecture framework. System level studies quantified (from a conceptual design level)

the entire vehicle's layout, performance, mass, and operating characteristics to fulfdl

specific missions. In addition, the physical and operational characteristics were assessed

for vehicle systems; and in some cases, also its subsystems. These initial studies provide

the basis for further, detailed, conceptual designs for the more promising concepts as well

as technology advancements to better define their technical performance capabilities, risks,

operational problems, and development and operations costs. Before f'mal selection

between these architectures is made, we need to define the nature and activity level of the

Mars exploration and development program that will be a part of the Space Exploration

Initiative.
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APPENDIX A

11. SPECIAL STUDIES - PILOTED ROVERS PARADIGMS

The purpose of the study was to determine technology advancements required to develop

piloted lunar rovers. The rovers would be used as utility vehicles in establishing a lunar

surface habitation facility and exploration base. The rovers would also be used to support

exploration missions ranging out to lO00 kilometers radius from the base.

This study is intended to provide reference data that may be used for:. planning technology

development and options; identifying technologies required for planned and potential

piloted rover uses; assessing on-going and planned technology development programs;

and planning piloted rover missions. It provides a state-of-the-art assessment of existing

relevant technologies and those technologies that are now in development and will be

available for piloted rover development. It also identifies technology advancements

required; identifies major test facilities required; and provides some cost and schedule

estimates for advancing the technology to a readiness level of 5. The details of the

investigation are provided in Reference 42.

11.1 Background

Twenty years has elapsed since the start of design and development of the Lunar Roving

Vehicle used on Apollo Missions 15, 16, and 17. Since Apollo, relatively little has been

done to use the operational data obtained on Apollo to advance the state-of-the art capability

for building and operating piloted roving vehicles for lunar exploration.

The lunar surface operating environment and lunar terrain are better defined today because

of data obtained and evaluated from the -Apollo flights. However, since that time, the

emphasis of space research and development has been on building the National Space

Transportation System, orbiting space vehicles, and performing unmanned space

exploration. Therefore, the plans for developing piloted planetary rovers was delayed to

permit funding and maturation of higher priority near-term programs.

D615-10030-2 413



Since the President establisheda manned space exploration initiative in July 1989,

requirements for lunar/Mars explorations have begun to emerge. This study, following

NASA's in-house 90-Day Study (Reference 5), is the forerunner to developing the required

technologies necessary to meet these new and evolving requirements.

11.2 Approach

The study specifically addresses assessment of technology requirements unique to piloted

rovers in support of a human-habitable lunar base development and operations. Two types

of rover vehicles were assessed:

a. A light, unpressurized utility vehicle to provide personnel and equipment

transportation and to function as a prime mover for power tools and implements during

base preparation and operation.

b. A medium range pressurized exploration rover vehicle to support surface

exploration missions within -1000 kilometer radius of the lunar base.

Study activities are summarized as follows:

a. Data collection.

b. Engineering design concept definitions.

C.

do

required level to support the on-going lunar base planning.

Design trade studies and evaluations.

Definition of design, development and test programs to advance technology to the

e. Preparation of cost and schedule estimates

advancements.

for the required technology
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Technology discussionsare focused on on-going developmentprograms, proposed

enhancements,goals,objectives,andschedulesfor researchandtechnologydevelopment
by NASA, othergovernmentagencies,andtheprivatesector.

Technology readinesslevels, as defined in Figure A-1 are usedto def'me the level of

development being discussed. Level 5 should be achieved prior to the start of program

development Phase B effort, or be worked concurrent with Phase B. Unless otherwise

specified, recommended technology advancements are required to achieve a readiness level

of 5 prior to the start of Phase B activities. Phase B systems development for human

habitation and exploration of the moon is currently scheduled to start in 1993. It is

assumed that these technology advancements will be accomplished in Advanced

Development. Required technology advancements not achieved by start of Phase B are

assumed to be worked concurrent with Phase B in Advanced Development, or in other on-

going technology development programs that address the technology need in question.

Level 1

Level 2

Level 3

Level 4

Level 5

Level 6

Level 7

Basic Principles Observed and Reported

Conceptual Design Formulated

Conceptual Design Tested Analytically
or Experimentally

Critical Function/Characteristic Demonstrated

Component/Breadboard Tested in Relevant
Environment

Prototype/Engineering Model Tested in
Relevant Environment

Engineering Model Tested in Space

TECHNOLOGY READINESS LEVELS

FIGURE A-1
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Information herein has been assembled from a variety of sources, including published

reports, literature searches, briefing documents, personal communications with individuals

at NASA centers and industry experts, and evaluations of applicable technologies. Use

was made of the data available from the Apollo Program's Lunar Roving Vehicle (LRV)

where applicable.

11.3 Summary of Findings

Following a state-of-the-art survey of current capabilities and technologies related to lunar

rovers,technology advancement needs were identifiedinthe followingareas:

1. VehicleMobility 8. ElectricalPower

2. Wheels 9. Thermal Control

3. Drive Systems 10. Man Systems

4. Lubricants and Seals 11. Structures and Mechanisms

5. Suspension 12. Radiation Protection

6. Attachments & Implements 13. Navigation

7. Environmental Control and 14. Communications

Life Support

Technology development needs as determined in a study of rover mobility and life

inhibiting factors are presented in Figure A-2. Most of the efforts address a need for

developing methods of increasing life expectancy of materials and mechanisms exposed to

the harsh environmental constituents of the moon including dust, hard vacuum, and thermal

cycling. Other efforts proposed include advanced development activity for ensuring that

state-of-the-art hardware can survive the induced environments within a pressurized rover.

In addition, an effort is proposed which would develop a computerized mobility modeling

capability for evaluating lunar surface vehicles. A brief statement of the scope for each

effort is also included. Most of the recommended technology developments are termed

enabling when considered together with the preliminary rover requirements set forth in the

Planetary Surface Systems Requirements,Document (PSSRD). However, the need for

continued mission studies and requirements definition tasks is emphasized.
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System/

Subsysmm

Pilo_.d
Vehicle

Wheels

Drive

Systems

Lubricants
& Seals

Recommended Technology Development Scope

Adapt AMM/CAMMS mobility
models for lunar environment

Develop and test three wheel concepts:
• Wke mmh whset

• Ia,p slxin8whed
• Convohae cone wheel

Develop and test two drive motors

and two gear reducm- concepts:

• Bmshims dc motor
• AC inductionrnotor

• Planeta_yge_ reducers
• Hmnmic _ive

Develop specific technologies related
to mobility subsystem compon_ts:
• Surface1_ea_ne_s

• Bearing materials
• Transfer film lubricants

• Solid, thinf'tim lubricants
• Space stable polymers and elastomers
• Brake materials

• Terrain mapping and code
mock

• Model testing verification

• Engineering analyses & trades
• Develop and lab. test equipmemt
• Conduct tests

• Recommendatl _nns/ design specs

• Engineering analyses & u'ades
• Develop and fab. test equipment
• Conduct teats

• Recommmdations / design specs

• Perfmm applied research
concurrent with advm_xi
development of mechanisms.

• Demonstrate COmlxment
perfommr, ein representative

envinmment under operational
oonditiom

System/

Subsystem Recommended Technology Developments Scope

Shock

Dampers

Auachments/

Implements

E/tv/l_ruTte_ttaJ

Conlrol /

Life Support
(ECLSS)

Elecwical
Power

Thermal
Control

Develop and test four damper concepts:
• Electromagnetic (passive and hybrid system)
• Friction / Coulomb (passive and hybrid system)

Develop and test prototypes of:.
• Wire cable / rope materials and coatings
• Bek and chain mat_als and lubricants

• Control and I/F commonality & concept devel.
• Dev & eval. of electromech and magnetic actuators
• Implement modeling (PUSH-IT) development & vet

Develop test articles and conduct tests for:.
• Equipment durability assessmemt
• Fire suppression techniques
• Re_2d cabin pressure operation

• Re.f'mecomposite, high press, reactant storage tanks
• Qualify high efficiency solar cells (GaAMCIS)
• Develop &It pwr resupply techniques with tlt missions

Develop prototype hardware and test for:.
• Lunar dust, vibration, and shock effects

investigation
• Selective field-of-view radiator performance

• Engineering analyses & urades
• Develop mad fab. test equipment
• Conduct teats

• Recammemdati_ls / design _J'_

• Test hardware design
• Materials anaL selection, & tests

• Develop actuator test articles
• Develop and perform tests
• Code mods & soil bin testing

• Test equip for induced vib. envt
• Demonstrate fh'e supp cleanup &

compat_fifity with ECLS for rove,
• Modify & test h/w for reduced press

• Engineering analyses & design
• Development & Tests
• Recommendations / design specs

• M&P research and development
• Component development & tests
• Design options / recommendations

TECHNOLOGY DEVELOPMENT RECOMMENDATIONS

FIGURE A-2
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System_ubsystem_ R_ Teclmdogy Devdop-ne_

Man Sy_._ Crew _--.'_, mo'4-_-'ms for l/6th g

Radiation
Protection

Navigation

Commumcation

Develop methods for applying composite materials:

• Repairability
• Radiation protection capabilities
• Vibrmion dampening
• Low thermal expansion/degradation properties

Develop lightweight concepts for:.

• Innovative protection methods
• Reductions of uncertainties in tad. env't assessments
• Dev of radiation monitoring system for SPE warning

• Develop shidding analysis codes (<25% uncertainty)

Develop long-range precision hmar nay. technologies:

• Use of Earth and/or lunar-based GPS

• Inertial nay systems w/solid state sensors
• Faihwe detection, isolation, estim., and recovery

Develop long-range high-speed voice & video comm:
• Phasedarrayantennafor cont. link(x,k bands)
• Lunar relay satellite
• More efficient power nmplifien

Sc_pe

• Anslyze, model & simulate

• Materials analysis & selection
• Remtrab_ity
• Radiation computations
• Fab k conduct tests
• Make reconumdations/design specs

• En_,_h,g anaiy.es & mutes
• Modeling & testing
• Develop & fabricate test equipment
• Conduct tests
• Recommendations / design specs.

• En_-_,h-_ enalyses & w,_d_
• Simulations
• Recommendations / design specs

• Engineering analyses & trades
• Recommendatiom / design specs

System/ I
Subsystem

EVA

Finishes &

Coatings

Recommended Technology Developments

Develop techniques for advancing EVA

capability:
• Airlockoperation: low power pumps, ann.

• Dust control
• Suit maintenm_ce & recharge facilities

• Develop suit/rover integration & ergonomics

curaps
• External power interfaces

Develop and evaluate efficient long-llfe:
• Glass(Windows)
• ¢Sdaran_)
• Radiator t'mishes and thermal coatings

Scope

• Dev & tests w/low power emphasis

• Engineering malyses & trades
• Develop & feb test equipment
• Conduct tests
• Recommendations / design specs

• Engineering mmlyses& trades
• Conduct tests

• Recommendations / designspecs

TECHNOLOGY DEVELOPMENT RECOMMENDATIONS (CONTINUED)

FIGURE A-2
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Therecommendedtechnologyadvancementwill requiretestverification. A list of tests for

verifying that each system or component technology reaches a technology readiness level of

5 is provided in Figure A-3. The parameters which are critical to rover performance and

availability are shown with their dependence on the lunar environment variables of vacuum,

thermal cycling, and dust. Control variables are also shown providing an exhaustive list of

the tests and simulations necessary for evaluating candidate system and/or component

technologies.

Simulated env't conditions*

System/Component Parameter(s)Measured V1_uama? Thea'mal? Dust? Testvariables

Wheels • Slip(Programmed IncreasingSlipTest) No No Yes Velocity

•omvolum cone * Dust accumulation Yes No Yea acceleration

• loop slxing • Steering Resistance No No Yes yaw angle

•wirenmda • Sinkage No No Yes slope
• Fatiguelife Yes Yes Yes load

• Deflection No Yes No

Drive Systems

(Ist - motor alone) • Torque - Dymunometer No No No Current

• de tmaslfle_ * Efficiency -Dynarnome,tex No No No Voltage
•acindmtion • OperationIsurfaceternlmratm_ Yes Yes No Reduction ratios

Suspeaasion

• EnergT¢ dissipation No Yes No Curreatt

• electmnugne6e • Refiability / Life cycle (MTBF) Yen Yes Yes Voltage
• ffic6m " _ No No No load

• pass & semi-net * Regenerative power capabilities No No No loading cycles

• Operation /surface ternpmatmts Yes Yes No

• Drawbar pull No No Yes Pow¢_ inputs
Integratedmobility • Dynamic frequencies& amplitudea No No No velocity

subsystem (19[/4) • Wheel sllp No No Yes yaw angle

_. Power / efficiency No No Yes slope
• Energy dissipation No No Yes load

• EMI/EMC No No Yes acceleration
• Sa_ss No Yes No

• = gravity simulated with appfied loads, etc.

TECHNOLOGY DEVELOPMF3qT TESTS

FIGURE A-3
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ECLSS

Pm_rnemr(s) Meesu_ed

• Oper-tm. pressure

• A_ p=iv/
• W_¢m nuw.gement
• Fire suppression

Elecu'ical Power • Fuel cell efficiency

• Sol& cell effi___lcy

• Heat rejection efficiency

iCrew Station • Visibilty range
• Command / Control
• Glare control effectiveness

Inte_'at_lMobility
TestA.--ficle(IMTA)

• Mobilitysystem
andchassiswith

web.e.g.
ofothersystems

Vehicledynamics
•_speed

• ridequality(avg.absorbedpower)

• Rollandpitchstability
• Crevassecrossingcapability

•Obst_ avoldm_

* = gravity simulated with applied loads, etc.

Simulamd env't conditions*

Vwu_m? The_r_l? Dust?

yes yes No
No No Yes
No yes No
No No No

ye_ yes No
yes Yes Yes
No Yes Yes

No No Yes
No No No
No No No

No No Yes
No No Yes
No No Y_
No No Yes

No No Yes
No No Yes

Test variables

• Gas selection
• Stab. of bio waste

• Reactant parameters

• Cell types

• Lighting angles
• Sun angles

• T_in parameters

iTerrain parameters
• ¢l_'vas_ size

• obstacle geometry
• _fface roughness
• elevan_,s

System_omponem

Attachments/

Implements

• cable maumals

• beltmaterials

Parameter(s) Measured

• I .nl,_cmnt life (metallic real'Is.)

• FRti_ life (metallic raat']s.)

• Wear ram (no__-metsllic)
• Ab_ion r*_stanee (non-metalfic)

• Low temperature flexa_ility

(cold-beaxi)(all m_'Is)
• Outg_singinvaon_n (non-metallic)

Vwuum? Thermal?! D_st?

Yes Yes Yes
yes yes Yes
yes Yes Yes
Yes Yes Yes
No Yes No

No No No

• implement models "work rates
• tractive force required

No No Yes

No No Yes

Dam/
Commupj_tifm_

none _ (technologies &e

> level 5)

Navigation • Digitized terrain display as compared;
to actual terrain.

Chassis • Stress (static load test) No Yes No

* = gravitysimulatedwith appliedloads,etc.

Test variables

T_a_.ramre
bend radius
losd

velocity
dustparticle size

Level ofdetailused to

builddigitaldatabase,

Payload weight

TECHNOLOGY DEVELOPMENT TESTS (CONTINUED)

FIGURE A-3
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APPENDIX B

12. SUPPORT TO OFFICE OF EXPLORATION _ACTIVITIES

Support was provided to MSFC at the request of the contracting officer's technical

representative on a wide range of topic areas. General areas covered axe as follows:

Assess current design and develop alternate concepts where appropriate.

Provide support to OEXP controlled trade studies.

Deepen concepts definition in preparation for OEXP FY '90 study cycles.

Perform parametric and sensitivity trades which cannot be accommodated during

cycle II.

Develop data supporting recommendation for FY '90 case studies.

Take broader, more relaxed look at Mars/Lunar transportation requirements

and concepts by relaxing study requirement document constraints.

Initiate broad propulsion wade studies, comparing a range of potentially

applicable concepts, including chemical with/without aerobrakes, NEP, SEP,

NTR, and mixed.

Provide support to development of a technology database for OEXP missions.

Specific issues addressed during the course of the contract are summarized below in

chronological order. The detailed results may be found in References 6 to 12.

Support to NASA analyzing SEI; Mars outpost briefing, vehicle mass and volume

statements.

Reusable MEV with Mars in-situ oxygen.

Manifesting, mission, and assembly analyses.

Aerobrake stagnation point heating.

Option V configuration analysis, full-up Mars mission vehicle.

Support for 90 Day Study.

MSFC in-house briefing on Mars concepts.

Material for advanced automation and robotics needs.

Established new reference NTR.
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Draft SEIbaselinedescription
Evaluationof Level tit tradesand advanced transportation options.

NTR and chem-aerobrake configuration and mass statements.

Lunar-based SSF commonality.

Non-quantitative ECLSS weighting factors.

Support to MASE Operations Integration working group.

Support for aerobrake technology workshop.

Preparation of SSF/SEI habitat commonality Statement of Work.

Generation of HLLV manifest data.

Presentation to JSC Human and Robotics group

Artificial gravity for NTR conjunction class missions.

Tutorial for MSFC prior to Stafford Synthesis group visit.

PDR presentation material.

Transportation system brief'rag material for Stafford committee.

Fast trip analysis.

Advanced propulsion

Thermal protection system.

Radiation dose rates.

Advanced propulsion concepts for 500-day, opposition Mars mission.

Split mission analysis.

Support NASA synthesis group radiation assessment meeting.

Fast trip, high delta velocity trade data.
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